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Chapter 1
Introduction

Aniello Riccio and Tomas Ireman

© Springer International Publishing Switzerland 2015 
A. Riccio (ed.), Damage Growth in Aerospace Composites,  
Springer Aerospace Technology, DOI 10.1007/978-3-319-04004-2_1

1.1 � State of the Art of European Projects  
on Composites Damage Management

The high specific strength and stiffness of composite materials make them suitable 
for use in aerospace structures. However, the high sensitivity of these materials 
to the presence of damage, arising after impact with foreign objects or caused by 
manufacturing defects and stress concentrators, makes designing with composites 
a very challenging task.

The damage mechanisms in composites are very complex and can involve one 
or more constituents at a time. Delaminations, fibre breakage and matrix cracking 
can strongly reduce the load carrying capability of composite structures leading, 
in general, to a premature failure. Moreover, depending on the composite inter-
nal layout and on the adopted manufacturing technique, the damage mechanisms 
may interact with each other, making it difficult to predict the residual properties 
of composite components.

In recent years, the inability in predicting the damage onset and its evolution in 
composite structures, has led to over-conservative designs, not fully realising the 
composites promised economic benefits. Hence, in order to make the composites 
affordable in aerospace design, many research projects have been started in the last 
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decade aimed to investigate the composites’ damage mechanisms and to promote 
damage tolerant design approaches.

A number of GARTEUR action groups have been started on damage manage-
ment in composite structures:

GARTEUR AG 09 “Damage mechanics of composites” (1986–1994) had the focal 
point on the buckling and growth of delaminated areas to gain a substantial 
degree of understanding of delamination growth mechanism.

GARTEUR AG 14 “Fractography of composites” (1991–1995) wanted to establish 
a series of standards to follow in the field of non-destructive tests.

GARTEUR AG 16 “Damage propagation in Composites” (1994–1997) was focused on 
the delaminations in composites. Most of the work done was addressed to the devel-
opment and validation of basic methods for the delamination growth simulation.

GARTEUR AG 20 “Fractographic aspects of fatigue failure in composites” (1994–
2001) had the objective to develop analysis methods contributing to the failure 
prediction of composite wing panel and to validate them with experimental data.

GARTEUR AG 22 “Design Methodology for Damage Tolerant Composite Wing 
Panels” (1998–2000) was aimed to the development of methodologies for the 
failure prediction of composite wing panels.

GARTEUR AG 28 “Impact Damage and Repair of Composites” (2002–2006) was 
addressed to the development of methodologies for the prediction and charac-
terisation of the impact damage. Relevant effort was also put on the analysis of 
impacted post-buckling designed composite structures.

Additionally, several EU funded projects have been carried out to improve the 
knowledge about composites fracture mechanisms:

EDAVCOS “Efficient Design and Verification of Composite Structures” (1998–
2001) was addressed to the development of methods for design of composite 
structures with damage tolerance constraints.

BOJCAS “Bolted Joint in Composite Aircraft Structures” (2000–2003) was 
focused on the development of methodologies for the prediction of final fail-
ure of composite joints. Delamination, fibre breakage and matrix cracking have 
been taken into account.

FALCOM “Failure, Performance and Processing Prediction for Enhanced Design 
with Non-crimp-Fabric Composites” (2001–2004) aimed to the development of 
methodologies for predicting the mechanical behaviour including failure of non-
crimp fabric composites.

Finally, being composites widely adopted for military scopes, their structural 
behaviour including damage evolution has been studied under MoD funded 
projects:

DAMOCLES “Damage Management of Composite Structures for Cost Effective 
Life Extensive Service” (1999–2005). DAMOCLES programmes were finalised 
to the development of design numerical tools able to perform a cost oriented 
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optimisation taking into account damage resistance and damage tolerance con-
straints. Applications to composite stiffened panels and composite wing-box 
proved the validity of the developed approaches.

All these projects have contributed to increasing the knowledge of the composites 
structural response and failure mechanisms. However, since GARTEUR AG 16, 
which represented the first attempt to analyse the composites damage evolution, 
in the last fifteen years, big steps forward have been made in the field of com-
putational technologies and new “composites oriented” non-destructive inspection 
tools have been introduced. These innovative numerical/experimental features can 
be considered as relevant driving factors for the development of newer effective 
numerical approaches oriented to the prediction of damage on-set and growth in 
composites.

Furthermore, fifteen years of research and growing applications in industries 
have brought to life new needs, to be addressed by Research and Development, for 
example related to the presence of new composites typologies (textile composites) 
and new manufacturing techniques (RFI, RTM, fibres placement).

The lesson learned from the majority of the mentioned research projects also 
suggests trying to introduce more general approaches able to deal with different 
failure mechanisms (delamination, fibres breakage, matrix cracking, etc.) at a time 
and to take into account their interaction, independently from the damage causes 
(impact, manufacturing defect etc.).

Finally the emerging tendency to adopt composite materials for primary struc-
tures opens new scenarios involving new safety issues which imply considering 
damage tolerance design approaches from the earlier phases of the design process 
(including optimisation) rather than limiting the use of damage on-set and growth 
numerical techniques to complex/expensive non-linear verification analyses.

From the above considerations, the GARTEUR Action Group AG 32:

C.I.R.A. (Centro Italiano Ricerche Aerospaziali)—Italy (Chairman)
QinetiQ—United Kingdom
DLR (The German Aerospace Center)—Germany
INTA (Instituto Nacional de Tecnica Aerospacial)—Spain
SWEREA-SICOMP—Sweden
EADS-M—Germany
ALENIA—Italy
Imperial College of London—United Kingdom
CNR (Centro Nazionale Ricerche)—Italy
Lulea University of Technology—Sweden
SAAB—Sweden
ONERA (The French Aerospace Lab)
University of Nantes—France
University of Naples “Federico II”—Italy
carried out between year 2006 and year 2011 a joint research work focused on 

“DAMAGE GROWTH IN COMPOSITES”.
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1.2 � AG-32 Objectives and Relationships  
with Previous Projects

The main objective of the Action Group AG-32, based on of the emerging needs 
related to the composites usage in aerospace applications, can be summarized in:

To develop integrated numerical/experimental methodologies capable to take into account 
the presence of damage and its evolution in composite structures from the early phases 
of the design (conceptual design) up to the detailed FEM analysis and verification phases

This objective addresses the following issues:

•	 Integration between numerical and experimental methodologies (oriented to the 
validation and to the interpretation of the most significant physical phenomena 
governing the damage mechanisms in composites)

•	 Investigation of generalised composite structures (laminated, textiles, etc.)
•	 Prediction of generalised composite damage (delamination, fibre breakage, 

matrix cracking, etc.), onset and evolution
•	 Development of numerical methodologies oriented to the different design 

phases (fast methodologies for conceptual/preliminary design and detailed 
methodologies for analysis and verification)

The new methodologies developed in the frame of AG-32, able to support the 
composites design process and able to drive it towards a damage tolerant philoso-
phy, can surely imply strong changes in the way composite structures are adopted 
in aerospace industry leading to:

•	 the reduction of the overall composite design time and costs by improving the 
efficiency of simulation tools and by reducing the number of experimental vali-
dation tests;

•	 the improvement of composite components performances by optimising the 
weight according to damage tolerant design philosophies;

•	 the reduction of certification costs by adopting numerical procedures able to 
strengthen the certification approach based on the no-growth philosophy and, at 
the same time, able to promote a future growth certification approach;

•	 the reduction of the in-service costs by increasing the inspections intervals.

The Action Group AG-32 is strongly connected, in terms of topics and objec-
tives, with other past and coexisting projects. The connections are summarized in 
Fig. 1.1.

Indeed, in the frame of the AG-32 activities, coupons and benchmarks tests 
performed under several past projects (GARTEUR AG 22, EDAVCOS, BOJCAS, 
FALCOM and DAMOCLES) have been used for the validation of novel numerical 
methodologies. At the same time, the novel methodologies developed within the 
AG-32 project have been used as input for coexisting projects (GARTEUR AG-
31, GARTEUR AG-32, MAAXIMUS, etc.) dealing with damage development in 
composite structures.
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1.3 � AG-32 Work Breakdown Structure and Presentation  
of Results

The activities have been grouped into Work Elements based on proper classifica-
tions of the developed methods and activity typology.

A first classification in “fast” and “detailed” methods has been considered 
based on the method positioning within the design process: “fast” procedures are 
naturally oriented to a preliminary design phase where the computational time is 
of main concern, while “detailed” approaches suit for analysis and verification 
phases where the accuracy of the prediction of the mechanical behaviour of com-
posite structures is the main focus. A further classification of the methods has been 
considered based on the typology of the predicted damage mechanism: “inter-
laminar damage growth oriented” and “intra-laminar damage growth oriented” 
methods.

According to the assumed methods’ classifications, the project activities have 
been grouped into four Work Elements (WE). WE 1 and WE 2, focused on the 
numerical development activities, bring together respectively the activities related 
to “detailed” and “fast” numerical methods. WE 3 is dedicated to the experimental 
activities consisting in experimental methods development or experimental cam-
paigns for the validation of numerical tools. WE 4 ensembles activities oriented to 
the validation of the developed methodologies.

In Table  1.1, a schematic representation of the Work Elements is given with 
information on the partners’ involvement.

The main results from the AG-32 project, in terms of methodologies develop-
ments, experimental methods developments and validation experimental activities 

GARTEUR AG 32

MoD funded Projects EU Funded ProjectsGARTEUR Projects

Distributed Damage in CompositesDelamination Growth

Textile Composites Impact Damage

EDAVCOS  
DAMOCLES I  

GARTEUR AG 16

GARTEUR AG 22

GARTEUR AG 31

(DAMOCLES III)

BOJCAS

FALCOM 

DAMOCLES II 

GARTEUR AG 28

GARTEUR AG 24

GARTEUR AG 30

MAAXIMUS

Fig.  1.1   Relationships between GARTEUR AG-32 (former EG-31) and past and existing 
projects
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are summarised in this book. Regardless of the AG-32 Work Elements subdivision, 
the results are presented in chapters grouped in three main sections.

Part 1 is focused on the development and validation of “detailed” methodolo-
gies able to accurately predict the damage evolution in composites while Part 2 
brings together the main activities oriented to the development and validation of 
affordable “fast” numerical tools able to efficiently predict the damage evolution 
in composites. Finally, in Part 3, the main results from the experimental test cam-
paigns needed for the validation of the developed numerical tools are presented. In 
this last section, however, also a description of the developed effective procedures, 
to monitor the damage evolution during mechanical tests, and the results from the 
experimental investigation of new effective degradation laws for composites have 
been included.

Table 1.1   WE partners’ involvement

CIRA

INTA

SICOMP

Imperial College

ALENIA

QINETIQ

EADS-M

CNR

SAAB

ONERA

University of Nantes

University of Naples

Lulea University

DLR

WE3:
Manufacturing and tests

WE4:
Validation 

WE 3.1: 
Coupons 

WE 3.2: 
Benchmark 

WE 4.1:                  
Detailed 
methods

WE 4.2:           
Fast 

methods.

WE2:
Fast Methodologies 

WE 1.1:              
Inter-laminar 

damage growth 

WE 1.2:           
Intra-laminar 

damage 
growth

WE 2.1:          
Inter-laminar 

damage Growth

WE 2.2:           
Intra-laminar 

damage 
growth

WE1:
Detailed Methodologies 
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Chapter 2
Detailed Methodologies for Integrated 
Delamination Growth and Fiber-Matrix 
Damage Progression Simulation

Aniello Riccio, Elisa Pietropaoli and Antonio Raimondo

© Springer International Publishing Switzerland 2015 
A. Riccio (ed.), Damage Growth in Aerospace Composites,  
Springer Aerospace Technology, DOI 10.1007/978-3-319-04004-2_2

2.1 � Introduction

In previous years significant progresses have been made in understanding failure 
mechanisms of composite materials such as delamination and fiber-matrix break-
age. Delaminations, which can arise during the manufacturing process or as a 
consequence of impacts from foreign objects, are probably the most investigated 
mode of failure in composite laminates. However, others damages such as matrix 
cracks, fiber-matrix debonding, fiber fractures can also appear in composite struc-
tures under service conditions.

These different damage mechanisms are able to interact with each other and 
lead to a considerable reduction in stiffness and strength of local critical areas 
and consequently to the reduction of the load-carrying capability of the entire 
composite structure.

Studies on delaminations and on other damage mechanisms have been con-
ducted separately. Indeed, in literature, several works deal distinctly with delami-
nation and intralaminar damages; actually these phenomena are seldom analyzed 
together in order to assess how the interferences between the different damages 
mechanisms can influence their evolution under various loading conditions.

The delaminations have been extensively investigated both numerically and 
experimentally and, whenever possible, analytical models have been developed.

A. Riccio (*) · A. Raimondo 
Department of Industrial and Information Engineering, Second University of Naples,  
via Roma n 29, 81031 Aversa, Italy
e-mail: aniello.riccio@unina2.it

E. Pietropaoli 
Centro Italiano Ricerche Aerospaziali (CIRA), via Maiorise snc, 81043 Capua, Italy
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A first analytical model has been developed in [1] where, based on the “thin 
film” approximation, a prediction of the strain needed to cause delamination buck-
ling is given together with an approximate evaluation of the energy release rate 
for the delamination growth initiation in a composite laminate under compres-
sive load. Further analytical research works have been performed by Kardomates 
and Schmueser who investigated the buckling and the post buckling behaviour of 
homogeneous orthotropic linear elastic laminates with a through the width delami-
nation [2, 3] taking into account also transverse shear effects.

Experimental campaigns on delaminations have been conducted by several 
authors [4–9] in order to improve the knowledge on the physical phenomena gov-
erning this damage mechanism and to provide substantial data for validation of 
analytical and numerical models.

Earlier numerical studies have been carried out in [10–12] where 2-dimensional 
models have been proposed. 3-dimensional numerical approaches are presented 
in [13–16] focusing on the buckling and post buckling behaviour of embedded 
delaminations. Especially in the post buckling regime, it was found that the con-
tacts between sub-laminates affect mostly the Energy Release Rate distribution 
along the delamination front [17, 18].

All the cited models, even if capable to provide a realistic stress distribution in 
the delaminated area, are not able to simulate the growth of delaminations.

In Refs. [19–27], respectively, 2D and 3D models are presented. These ones are 
able to take into account the delamination growth by adopting the Virtual Crack 
Closure Technique to evaluate the Energy Release Rate.

In particular in [23, 24] an interface element able to cope with the delamina-
tion initiation and growth which is based on the Modified Virtual Crack Closure 
Technique for the Energy Release Rate distribution evaluation is proposed.

Considerable studies have been devoted also to the understanding of the dam-
age onset and progression in composite structures in terms of matrix and fiber 
breakage both experimentally and numerically.

Experimental activities aimed to characterize the damage in terms of matrix 
and fibers breakage in laminated composites are presented in [28, 29]. Often, from 
an experimental point of view, fiber and matrix cracking in composites have been 
found strongly related to the delamination onset and growth events.

The progression of damage in composites in term of matrix and fiber failure is 
the subject of several papers. In [30, 31] the failure criteria and the material prop-
erties degradation rules are identified as the basic steps for a progressive damage 
approach in composite structures.

Among the others, the failure criteria proposed in [32, 33] by Hashin and Rotem 
have been found extremely effective for their capability to identify the different fail-
ure modes being based on a strong physical interpretation of the failure mechanisms.

In order to take into account the degradation of the material properties, on fail-
ure occurrence, several material degradation models are available in literature. Three 
categories for the material degradation models can be identified: instantaneous 
unloading [34], gradual unloading [35–37] and constant stress at ply failure [38].

Examples of numerical procedures for damage propagation taking into account 
the non-linear stress evaluation, failure criteria and properties degradation are 
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provided in [39–41]. However none of the previously cited research works deals 
with the interactions between delamination and matrix-fiber damage mechanism in 
laminated composites under any loading conditions.

These interactions can have a relevant role in particular for delaminated compos-
ite plates under compression. Hence, for the simulation of the complex physical phe-
nomena behind the compressive behaviour of composite plates with a delamination, 
the development of integrated numerical methodologies considering simultaneously 
the presence of different damage mechanisms in composites becomes mandatory.

The activities performed in the frame of the GARTEUR AG-32 Research 
Project by CIRA are the result of an extensive development of numerical method-
ologies for delamination growth and matrix-fiber damage progression simulation. 
This development started with the simulation of 2D-3D buckling and post-buck-
ling behaviour of delaminated composite plates taking into account contact phe-
nomena and delamination growth by means of an incremental procedure based on 
interface fracture and contact elements [22–24]. On a parallel path, a progressive 
damage procedure was developed, for the matrix-fiber damage progression simula-
tion, based on Hashin’s failure criteria and instantaneous material properties deg-
radation rules, with a first application to composite joints [39, 40].

In Sect.  2.2 the objectives of the CIRA activity within the work Element 1, 
related to detailed tools for damage growth simulation in composites, are illus-
trated while in Sect. 2.3 the background theory and the numerical implementation 
in the B2000 research FEM code are described. In Sect. 2.4 a first validation of the 
developed B2000 numerical modules is provided.

Finally, in order to emphasize the need, when designing with composites, for 
improved novel numerical approaches taking into account inter-laminar and intra-
laminar damage interaction (as the ones described in Sect.  2.3), some applica-
tions on stiffened composite panels with the ABAQUS FEM code are presented 
in Sect. 2.5. Indeed, even if ABAQUS uses standard numerical tools for damage 
evolution such as the VCCT and PDA approaches on solid shell elements (not able 
to reproduce the real three-dimensional stress state), these applications allow to 
roughly quantify the influence of the damages evolution and their mutual interac-
tion on the loading carrying capability of real composite structures (such as stiff-
ened panels with delaminations and skin-stringer debonding). These ABAQUS 
applications have been presented at the end of this chapter also to give an idea 
of the promising added value of the proposed novel numerical approaches (vali-
dated only for very simple composite specimens) if extended to the prediction of 
the evolution of delamination and skin-stringer debonding in complex composite 
structures.

2.2 � Objectives

The mechanical behaviour of post-buckled composite structures is governed by the 
onset, evolution and interaction of inter-laminar (delaminations) and intra-laminar 
(fiber/matrix failures) damages. Thus, an accurate prediction of the residual 
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stiffness and strength of delaminated structures under compressive load requires 
that intra-laminar/inter-laminar damage interaction be taken into account.

Although delamination buckling and growth have been widely studied in litera-
ture, the effect of fiber-matrix failure on the buckling behaviour of a delaminated 
structure up to final failure hasn’t been adequately analysed yet.

The work performed under the Work Element 1 of the GARTEUR AG-32 
Research Project has been aimed at developing a numerical procedure able to sim-
ulate this kind of interaction, thus leading to a deeper understanding of its effects 
on the response of a composite laminate structure subjected to compressive load.

2.3 � Description of the Method

Starting from the observation of the physical phenomenology of the damage for 
composite plates under compressive load, a numerical methodology has been 
developed based on failure criteria and material propagation rules for intra-laminar 
damage and on fracture mechanics concepts for inter-laminar damage.

2.3.1 � Phenomenology

The stiffness and strength reduction associated to the presence of a delamination 
in a composite laminate plates can be very relevant especially in compression.

The experimental measure of residual properties in compression of structures 
with impact induced damages usually foresees the presence of an artificial delami-
nation obtained by placing a very thin film of Teflon between two adjacent layer of 
a composite laminate. The laminate is thus subdivided into a thin sub-laminate and 
a thick sublaminate (or base sublaminate).

Two parallel edges of the plate are then clamped in a test machine and a 
compressive displacement is gradually applied. The behaviour of the damaged 
plates can be defined by monitoring the out of plane displacements of the two 
sublaminates.

In Fig. 2.1 a schematic representation of the out of plane displacements of two 
characteristic control points U and L (placed respectively on the top of the thin 
sublaminate and on the bottom of the thick sublaminate) is shown together with 
qualitative deformed shapes for a delaminated composite plate under compression 
at different loading stages.

In Fig. 2.1 it is possible to distinguish three characteristic values for the applied 
load: FB is the local delamination buckling load, FC represents the load at which 
the maximum out of plane displacement for the thinnest sub-laminate is attained 
(usually close to the delamination growth load) and FD is the global buckling load.

The two sub-laminates remain in contact in the unbuckled condition until the 
load reaches the first critical value FB (see configuration A–B in Fig. 2.1).
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At the load FB the thinnest sub-laminate starts to buckle and the distance 
between the two characteristic points U and L increases: as a matter of fact the 
point L doesn’t change its position while U moves away from L (see configuration 
B–C in Fig. 2.1). The maximum out of plane displacement for the thinnest sub-
laminate is reached at FC when the thickest sub-laminate starts to buckle. From FC 
to FD the composite panel undergoes the post-buckling regime: when load exceeds 
the FC value, the global buckling of the plate takes place and the point L moves in 
the opposite direction with respect to the point U.

For loads beyond FD, the thinner sub-laminate is dragged by the thicker one 
and the two points U and L generally move in the same direction (see configura-
tion D–E in Fig. 2.1).

However during this compression process, intra-laminar damage may onset and 
propagate. Indeed, the failure in composite laminates, can initiate at local level 
(first ply failure) in an individual ply or in the interface between plies but ultimate 
failure in multi-directional laminates may not occur until the failure has propa-
gated to several plies [42].

The compressive behaviour of a composite laminate is sketched in Fig.  2.2 
where the reduction in stiffness due to the onset of intra-laminar failure is clearly 
associated to a slope variation of the applied load versus end-shortening curve.

Thus the prediction of the ultimate failure requires to follow the progression 
of failure within the laminate in order to take into account the stiffness reduc-
tion associated to the presence of damaged areas within the structure (Progressive 
Damage Analysis—PDA).

F

out of plane displacement (Uz)

Non-buckled 
structure 

Local buckling  

Post-buckling  

Global- buckling  
or mixed buckling

A

B

C

D

A-B

B-C

C-D

D-E
E

U point displacement

L point  displacement

Uz

U

L

Fig. 2.1   Load-displacement behaviour (left) and characteristic deformed shapes (right)
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2.3.2 � Theoretical Background

In order to be able to develop numerical tools for the analysis of the damage 
phenomenology in compression after impact tests on composites (intra-laminar 
damage onset and evolution/inter-laminar damage growth), progressive damage 
procedures must be used in conjunction with fracture mechanics techniques.

2.3.2.1 � Intra-laminar Damage: A Progressive Damage Procedure

According to progressive damage procedures, the load is gradually applied to the 
structure and failure criteria are used at each load step to establish the damage 
onset. At failure detection, the stiffness of the failed ply is reduced to a percent-
age of its undamaged value and the laminate is re-analysed to check whether the 
remaining plies are capable to sustain the load or not. The load is increased gradu-
ally until ultimate failure of the structure has occurred.

Thus, the basic steps of progressive damage procedures may be itemized as:

•	 determination of the stresses distribution on a ply by ply basis
•	 application of failure criteria for each ply
•	 degradation of the material properties to take into account the typical post-

damage stiffness reduction of the material

2.3.2.2 � Stress Evaluation

The deformation and, consequently, the state of stress and strain within a body can 
be expressed with reference both to the initial (or un-deformed configuration) or to 
the actual configuration of the structure: the first case leads to the Total Lagrangian 
formulation while the second to the Updated Lagrangian formulation.

Fig. 2.2   Progressive damage 
of a composite laminate
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Defined X and x as the position vectors of a point P with reference, respectively, 
to the initial configuration and to the deformed configuration, the displacement of 
the point P from a position P0 to P1 can be defined by means of the vector u where:

The evaluation of the total differential of x allows to define the deformation 
gradient F:

According to the Total and the Updated Lagrangian formulations, the second 
Piola-Kirchhoff and the Cauchy tensor are, respectively, adopted for stress evalu-
ation. The second Piola-Kirchhoff stress tensor (S) is defined as the force on the 
undeformed reference area while the Cauchy stress tensor (σ) is a representation 
of the stress evaluated with respect to the deformed or actual configuration.

The relation between the second Piola-Kirchhoff stress tensor and the Cauchy 
stress tensor is given by the Eq. (2.3) [43]:

(2.1)x = X+ u

(2.2)dx =
∂x

∂X
dX =

∂(X+ u)

∂X
dX = FdX

(2.3)S = det(F)F−1
σ

(

F
T
)−1

2.3.2.3 � Failure Criteria and Material Properties Degradation Rules

Composite materials behave differently under tension and compression loads, 
therefore it is necessary to define five dissimilar strength parameters: Xt and Xc 
longitudinal strength in tension and in compression, Yt and Yc transversal strength 
in tension and in compression, S in plane strength. Thus, with respect to com-
mon criteria for isotropic material, the strength of composite materials is strongly 
dependent on the direction of the applied load.

Failure criteria for composite laminates are mainly analytical approximations 
or curve fitting of experimental results. Lamina failure criteria [44] can be catego-
rised as:

Limit criteria: each lamina stress is compared with the corresponding strength 
separately. Interaction among the stresses (or strains) is not considered (Maximum 
stress, maximum strain)

Interactive criteria: it is assumed that all the stress components contribute 
simultaneously to the failure of the composite (Tsai-Hill, Tsai-Wu)

Separate mode criteria: different criteria are used to distinguish between 
failure modes. Each criterion may involve more than one stress components 
(Hashin-Rotem).

In particular, Hashin’s failure criteria allow the distinction among several char-
acteristic modes of failure of laminated composites (such as fiber breakage and the 
matrix cracking under tension and compression loading conditions) to be obtained 
by adopting separated polynomial expressions for each failure mode of each com-
posite constituent [see Eq. (2.4)]. 
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When the application of failure criteria leads to the prediction of a failure in one of 
the laminae that constitute the laminate, the FPF has been reached (see Fig. 2.2).

As already remarked, the laminate can undergo additional load beyond the first 
ply failure (FPF): however once the FPF is reached, one or more plies become 
degraded by the formation of matrix cracks or by fiber break or fiber buckling.

Degradation of plies that have partially or completely failed is a critical phase 
for the prediction of the ultimate failure. As plies fail progressively, strain energy 
of all plies must be redistributed. In homogeneous stress conditions, the intact 
plies absorb the energy from the degraded plies. The redistribution is more com-
plex in case of non-homogeneous stress conditions.

Degradation rules, such as those proposed in Eq. (2.5), can be used to reduce 
stiffness of damaged plies in order to account for the presence of matrix cracks, 
fiber failure and of other intra-laminar damage mechanisms. 

.

(2.4)

(2.5)
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2.3.2.4 � Inter-laminar Damage: Energy Release Rate and Crack 
Growth Criteria

Delamination is usually treated as a fracture process between anisotropic layers. 
Thus, fracture mechanics principles are used to characterise the delamination 
growth phenomenon.

In fracture mechanics the most important parameter to be evaluated and verified 
is the strain energy release rate G which is defined as the energy dissipated during 
the creation of a fracture surface of unit area.

Actually, when the computed energy release rate reaches a critical value char-
acteristic of the material, Gc (material fracture toughness), the crack is assumed to 
start to grow.

Thus, the evaluation of the Energy Release Rate allows to characterize the 
delamination’s initiation and growth. Three different fracture modes can be defined 
associated to the three orthogonal modes of loading (see Fig. 2.3), namely mode 
I (opening), mode II (sliding shear) and mode III (tearing shear or scissoring).

Indeed, a delamination may be loaded in one of these modes or rather in some 
combination of them [45].

Experimental tests (DCB, ENF, MMB, ECT) are used to measure the critical 
fracture toughness, mixed-mode combinations can be taken into account choosing 
specific specimen and loading conditions configurations [42].

Delamination growth criteria may be viewed as a curve fitting of fracture test 
data. One of the most known criteria is the Power law:

which states that delamination will start to propagate as soon as Eq.  (2.6) is 
satisfied.

Different techniques can be used to compute the Energy Release Rate 
distribution at the delamination front such as the Virtual Crack Closure Technique 
(VCCT) and the Modified Virtual Crack Closure Technique (MVCCT).

(2.6)Power law criterion
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Fig. 2.3   Fracture modes
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The VCCT is based on the consideration that the strain energy released by a 
crack growing is equal to the amount of work required to close the same crack. 
This technique involves two analyses, one on the current crack front (a) and the 
other on the crack front appropriately extended (b) [46–55].

Simplified approaches can be adopted for the calculation of the ERR. In particu-
lar, the Modified Virtual Crack Closure Technique (MVCCT) assumes that the 
crack front does not undergo substantial changes in a small crack opening �a and 
that, therefore, it is possible to compute the energy release rate (ERR) contribu-
tions in one step, using nodal forces and displacements estimated at the actual 
crack front (a):

And the Energy Release Rate becomes:

where each integral corresponds to the Energy Release Rate for a basic fracture 
mode (GI, GII and GIII) (Fig. 2.4).

2.3.3 � Numerical Implementations in B2000

Progressive damage procedures and crack growth criteria can be used in conjunc-
tion with the finite element method in order to be applicable to real structures. In 
this section the numerical implementations, performed in B2000 to evaluate the 
interaction between the intra-laminar and inter-laminar damages, are presented.
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2.3.3.1 � Progressive Damage Brick Element

A brick layered finite element with progressive damage capabilities has been 
implemented in the B2000 finite element open code by following the steps out-
lined before.

Failure criteria [see Eq.  (2.4)] require stresses to be computed with respect 
to the structural deformed configuration. Being the B2000 based on the Total 
Lagrangian formulation, the transformation of stresses from the second Piola-
Kirchhoff to Cauchy tensorial form must be carried out using the Eq. (2.3) in order 
to be capable to use these failure criteria.

Thus, the failure is checked for each ply of each element, at each load step by 
using Eq. (2.4); at the failure detection, the material properties of the failed ply are 
reduced according to suitable material properties degradation rules [Eq. (2.5)].

It is worth noting that the degradation factor (k) gives only a rough estimation 
of the stiffness loss. However, a too small value of (k) may lead to problems in 
numerical stability.

A more sophisticated and realistic choice for the selection of the degradation 
factor should consider the physical mechanism behind the matrix and fiber deg-
radation. As a matter of facts, a constant value for k, reasonably small, has been 
demonstrated [39, 40] to be sufficient to ensure the desired material property deg-
radation without affecting the numerical convergence.

As said above, the application of the progressive failure procedure requires the 
knowledge of the Cauchy stress field in each layer of the layered brick element. 
The following steps in the B2000 implementation have been followed in order to 
evaluate the stresses layer by layer:

1.	 27 “virtual” integration points, where the 20 element shape functions h are 
evaluated, have been placed in each layer as shown in Fig. 2.5. Starting from 
the element Green-Strain nodal values (according to the Total Lagrangian for-
mulation adopted by B2000), the strains in each virtual integration point are 

Fig. 2.4   Schematization 
of the two configurations 
before (a) and after the crack 
extension (b)
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computed [see Eq.  (2.10)] by using the shape functions derived directly from 
the isoparametric formulation of the element.

	 In Eq. (2.10) j = 1, …, 6 is the index associated to the number of the independent 
components of the Green-Strain tensor.

	 The information about the position of a layer through the thickness is intro-
duced by the definition of the coordinates of the “virtual” integration points 
with reference to the natural coordinate system of the element.

2.	 The material matrix in global coordinates is computed for each layer by taking 
into account the layer orientation.

3.	 The Piola-Kirchhoff stresses in global coordinates are obtained by multiplying 
the material stiffness matrix by the strains in the 27 “virtual” integration points.

Once evaluated the Piola-Kirchhoff stress tensor layer by layer it is possible to 
obtain the Cauchy Stress by using Eq. (2.3). It should be noted that the deforma-
tion gradient is evaluated by taking into account the updated nodal coordinates 
(i.e. coordinates of the nodes in the deformed configuration).

The maximum stress values within each layer are then used to perform the fail-
ure check, therefore a ply is considered to be failed if the failure criteria are satis-
fied in at least one of its virtual integration points. It is a natural consequence of 
the algorithm itself that the number of information to be stored for each element is 
huge, although conservative results will be obtained in terms of failure.

2.3.3.2 � Interface Fracture Element for Delamination Growth

The calculation of the energy release rates GI, GII, GIII can be performed by using 
nodal forces and nodal displacements at the delamination front.

(2.10)StrainVIP(j) =

20
∑

k=1

h (k)|VIPStrainNODAL(j, k)
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Fig. 2.5   “Virtual” integration points positions in each layer of the 20 nodes brick element
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In order to perform this kind of evaluation, an interface fracture element has 
been implemented in B2000 which formulation has been based on the Modified 
Virtual Crack Closure Technique.

The effectiveness of this interface element has been already proved in Refs. 
[23, 24] where the growth of circular embedded delaminations and through the 
width delaminations is simulated. The interface fracture elements are placed 
between two adjacent blocks of brick elements with their nodes rigidly connected 
to those of the brick elements.

The energy release rate G associated to the interface elements (see Fig. 2.6) for 
each failure mode can be computed as:

where (t, s, n) is the interface element local coordinate system, H is the node 
where forces (F) are computed, M-L are the nodes where displacements u are cal-
culated, A1 and A2 are the surfaces surrounding the interface fracture elements.

(2.11)
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The two nodes H and H’ of the fracture element belong to the adjacent free sur-
faces induced by the delamination into a composite laminate. Thus, even if placed 
in the same location, these nodes are not merged and, within the fracture element, 
they are connected to each other by using high stiffness springs. If the criterion 
in Eq.  (2.4) is satisfied, the propagation of the delamination front, simulated by 
reducing the stiffness of the spring between H and H’, will cause the debonding of 
adjacent elements and the consequent modification in the delaminated area.

2.3.3.3 � Contact Element

Contact phenomena can become relevant especially in delaminated region in post-
buckling regime: 3D node to node contact elements have been introduced [23, 24] 
in the B2000 FEM code in order to avoid overlaps between two contacting surfaces.

The implemented contact elements are based on the penalty method: the pen-
alty formulation assumes that the contact force between the nodes placed on two 
contacting surfaces is a linear function of their interference (or GAP). This linear 
proportionality is expressed by means of the penalty constant α [see Eq. (2.12)]:

Adopting such a formulation, given a contact force Fc, obtained from the equilib-
rium equation, it is possible to obtain a small interference between the two contact 
surfaces by introducing relatively high values of the penalty constant α. A small 
interference between contacting surfaces is suitable in order to correctly represent 
the contact phenomena.

When considering node to node contact elements, the linear relation (2.12) 
involves separated couples of nodes where each node represents a contact inter-
face. Hence, there’s no need to interpolate between nodes to find the contacting 
surface, heading toa considerably reduction of computational cost. However this 
approach leads to reduced accuracy in simulating contact phenomena when con-
tact surfaces undergo relevant sliding during the analyses.

As well as the selection of the degradation factor in the matrix-fiber damage 
propagation, the choice of the penalty constant α is the major weak point of the 
penalty method: big overlapping and convergence problems can derive from an 
inaccurate selection of the α value.

It is important to emphasize that contact capabilities are also implemented 
in the interface fracture element in order to prevent structural overlaps between 
delaminated region.

2.3.4 � Numerical Tool for Intra-laminar Damage  
and Delamination Growth

Based on the numerical implementations described in the previous section a 
progressive damage/delamination growth procedure has been developed. The 
flowchart of this procedure is shown in Fig. 2.7.

(2.12)|FC | = α|GAP|
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According to the flowchart of Fig. 2.7, following the model definition (geom-
etry, mesh, boundary conditions, material properties, loads), the element matrices 
are computed. Then two parallel branches are respectively defined for the progres-
sive damage and the delamination growth.

The onset of intra-laminar damage is detected using failure criteria (Hashin). 
These require the determination of stresses (Cauchy stress) and strains for each 
ply. If the failure is detected, the stiffness of the failed ply is reduced to a percent-
age of its undamaged value by means of suitable material properties degradation 
rules and the laminate re-analysed to check whether the remaining plies may still 
withstand the load. Then the load is incremented until the next ply fails. When the 
load cannot be carried anymore ultimate failure occurs (structural collapse).

At the same time, in the other branch of the flowchart the algorithm for 
the  analysis of the delamination growth is shown: the energy release rate of the 
undamaged/damaged structure at the delamination front is computed, later the 
linear criterion in Eq. (2.6) checks the delamination growth and the delamination 
front is eventually modified by releasing nodes as shown in Figs. 2.6 and 2.8.
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Fig. 2.7   Flowchart of the numerical procedure
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Three models with different degree of complexity have been used for the 
numerical validation of simulations presented in Sect. 2.4.

1.	 Delamination growth not allowed. This FE model, which does not comprise 
interface fracture elements and matrix-fiber damage propagation capabilities, 
will be identified with the acronym B2000-DEL-NO-GROWTH.

2.	 Delamination growth allowed. This FE model includes interface fracture ele-
ments but does not take into account matrix-fiber damage propagation capabili-
ties. The acronym that will be used for this model is B2000-DEL-GROWTH.

3.	 Delamination growth allowed plus progressive damage. Interface 
fracture elements and layered brick elements with matrix-fiber dam-
age propagation capabilities are used in this FE model which will be named 
B2000-DEL-GROWTH-PDA.

By comparing results obtained by means of these approaches, the effects of intra-
laminar damage on inter-laminar damage have been evaluated.

2.3.5 � Benefits and Limitations of the Method and Added 
Value with Respect to the State of the Art

The added value of the proposed methodology with respect to state of the art 
numerical models is the opportunity to analyse the effects of intra-laminar 
and inter-laminar  damage interactions, by adopting brick (allowing the correct 
computation of the three dimensional stress within the material) layered ele-
ments (with PDA capabilities) and interface fracture elements simultaneously. 
Furthermore, the implementation of the numerical tool in the B2000 code has 
made possible to simulate the post buckling behaviour of damaged structure by 
using the continuation method developed by Riks [56] for non-linear analyses. 
An high accuracy in the stresses evaluation is essential both for the intra-laminar 
damage (failure check and stress redistribution caused by failed elements) and 
for the inter-laminar damage (for the evaluation of the stress state at the delami-
nation front and therefore for the Energy Release Rate distribution) simulation. 
Unfortunately an high computational cost is associated to each analysis when 
using brick elements.

The proposed approach still relies on simplified material properties instantane-
ous degradation rules which are not based on the physics of damage. Furthermore, 
even if very effective for undamaged structure, the continuation method still 
doesn’t take into account the progressive damage of the material for the determi-
nation of the time step size of the non-linear analysis.

Even in presence of these limitations (in terms of simplified assumption on 
the behaviour of the material and time step size) a very good agreement has been 
found between literature data and numerical results obtained thanks to the pro-
posed methodology (see Sect. 2.4).
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2.4 � Validation of the Developed Numerical Tools: B2000 
Applications

For the validation of the developed approaches presented in Sect. 2.3, two bench-
marks have been chosen: A tension loaded laminate with hole for the validation of 
the PDA approach and a composite panel with a circular embedded delamination 
under compression to study the interaction between intra-laminar and inter-lami-
nar damage.

2.4.1 � Tension-Loaded Laminate with Hole

A 20-ply tensile specimen containing a circular hole has been considered to vali-
date the intra-laminar Progressive Damage Approach proposed in this chapter. The 
stacking sequence is [0/(±45)3/903]S. The specimen is clamped at one edge and 
loaded in tension on the other one. Material properties and geometric characteris-
tics are shown in Table 2.1 and Fig. 2.9.

As schematically shown in Fig. 2.10, the PDA elements have been used for dis-
cretization of the area with stress concentration (region near the hole). The rest of 
the specimen has been meshed with standard non-linear hexahedral 20 node ele-
ments (based on the Bathe’s theory) and available in the standard B2000 version: 
this meshing strategy has been adopted in order to reduce the computational time 
needed for the simulations (Fig. 2.10).

Table 2.1   Material 
properties

T300/1034-C graphite/epoxy

E11 1.4690 e + 05 N/mm2 XT 1.731 e + 03 N/mm2

E22 1.12790 e + 04 N/mm2 XC 1.379 e + 03 N/mm2

ν12 0.3 YT 6.655 e + 01 N/mm2

G12 6.186 e + 03 N/mm2 YC 2.683 e + 02 N/mm2

S 1.338 e + 02 N/mm2

Fig. 2.9   Geometry, 
boundary condition and loads 
description—tension-loaded 
laminate with hole

Length 203.2 mm

Width 25.4 mm

Thickness 2.6 mm

Hole diameter 6.35 mm
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Literature results for this test case are available in [57–59] and employed to per-
form appropriate comparisons. The result of the B2000/PDA tool in terms of final 
failure load is in excellent agreement with the numerical results of Ref. [57] obtained 
by using the Hashin criterion and the Christensen’s criteria and with the experimen-
tal data. In the following table the first ply failure and the final failure load levels 
evaluated by means of the above mentioned procedures are shown in Table 2.2.

The first ply failure has been detected at 5,711 N within the 90° plies while the 
others plies remain undamaged until they reach the 6,394 N load level.

The final failure load has been predicted with a 3 % error level with respect to the 
experimental one. Experimental results are available only for the final failure load.

Data sets have been created in order to monitor the progressive failure in 
each ply of each element during the loading process: the matrix cracking, the 

Fig. 2.10   Mesh 
description—tension-loaded 
laminate with hole

Table 2.2   First-ply and final failure load—tension-loaded laminate with hole

Final failure First ply failure

Final failure 
load (N)

Error evaluation  
(with respect to  
experimental results) (%)

First ply  
failure load (N)

Numerical result [57] 
Hashin’s criterion

14,293.4 8.83 6,764

Numerical result [57] 
Christensen’s criterion

14,511.45 7.44 6,764

PDA/B2000 16,147.52 3 5,711

Experimental  
results [57–59]

15,677.37 N.A.
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fiber breakage and the cracking of both fiber and matrix have been stored. 
Representative values for the BASPL ++(that is the B2000 postprocessor) visu-
alization are shown in Table 2.3.

The damage distribution in each ply at final failure is shown in Fig. 2.11

Table 2.3   Representative values for the damage visualization in B2000/BASPL++
Failure mode BASPL ++ representative number

Undamaged ply 2

Matrix failure 5

Fiber failure 6

Shear-out + fiber + matrix failure 7

Kinking failure 8

Shear-out + matrix failure 9

Matrix + fiber failure 10

Completely failed ply 11

+45° -45°

0° 90°

Fig. 2.11   Damage of each ply—tension-loaded laminate with hole
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A comparisons between B2000/PDA and literature results, in term of damaged 
plies percentage along the thickness, is shown in Fig. 2.12.

In Fig. 2.13 is possible to follow the damage evolution starting from the first 
failure detection up to the final failure (in this case the value scale is starting from 
10 up to 100 %).

2.4.2 � Composite Delaminated Panels Loaded in 
Compression

The composite panels geometrical and material configurations, used for the valida-
tion of the developed numerical tools, have been taken from [9] where the experi-
mental results for cross-ply carbon fiber/epoxy laminated panels with an implanted 
artificial delamination are reported. A schematic representation of the analysed 
panels geometry is given in Fig. 2.14.

Only one quarter of the structure (shown in Fig. 2.14 as A, B, C, D) has been 
considered for the numerical simulations thanks to the conditions of symmetry 
with respect to the x and y axes of geometry, boundary conditions and applied 
loads. The stacking sequence of the laminate is [(90°/0°)17/90°] and the ply mate-
rial properties are shown in Table 2.4.

A delamination, with a radius of 30 mm, is placed in three different positions 
through the thickness. The three panel configurations, identified by #SS3, #SS4 
and #SS5 are detailed in Table 2.5.

The compression load has been simulated by applying a displacement along 
the x-axis (see Fig. 2.14). The panels have been modeled by using the 20-nodes 
layered brick elements: this element type has 3 degrees of freedom at each node 

Fig.  2.12   Damage detected at failure load: percentage of damaged plies along the thickness. 
Comparisons between B2000/PDA and literature results—tension-loaded laminate with hole
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therefore the boundary conditions applied to the quarter of structure represented in 
Fig. 2.15 are the ones shown in Table 2.6.

It should be noted that the out of plane displacement of all the nodes in the 
FEBC volume has been constrained in order to simulate the clamping of the 
specimen’s tabs to the test machine [9].

Fig. 2.13   Damage evolution—tension-loaded laminate with hole
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Fig. 2.14   Panels geometry, 
dimensions (mm) and 
direction of the applied 
load—composite delaminated 
panels loaded in compression
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Table 2.4   Material properties

Material ply thickness t 0.13 mm

Longitudinal young’s modulus E11 146 GPa

Transverse young’s modulus E22 10.5 GPa

Shear modulus G12 = G13 5.25 GPa

G23 3.48 GPa

Poisson’s ratio ν12 = ν13 0.3

ν23 0.51

Longitudinal tensile strength XT 1730 MPa

Transverse tensile strength YT 66.54 MPa

Longitudinal compression strength XC 1379 MPa

Transverse compression strength YC 268.21 MPa

In-plane shear strength S 133.763 MPa

Critical strain energy release rate for mode I GIC 200 J/m2

Critical strain energy release rate for mode II GIIC 570 J/m2

Table 2.5   Delamination position through the thickness—composite delaminated panels loaded 
in compression

Specimen 
ID

Stacking sequence  
(// indicates the 
delamination position)

Distance of 
delamination from panel 
bottom surface (mm)

Delamination  
radius (mm)

SS#3 [90°/0°/90°//(0°/90°)16] 4.16  30

SS#4 [90°/(0°/90°)2//(0°/90°)15] 3.9 30

SS#5 [90°/(0°/90°)3//(0°/90°)14] 3.64 30
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Two layered brick element types have been adopted:

•	 standard 20-noded layered brick element
•	 20-noded layered brick element with matrix-fiber damage propagation 

capabilities

In order to reduce the computational cost associated with the analyses, the adop-
tion of the modified 20-noded layered brick element has been limited to the area 
surrounding the delamination. Hence, the volume AFED (Fig.  2.14) has been 
meshed with 20 nodes brick elements with matrix-fiber damage propagation capa-
bilities, while the volume named FBCE has been meshed with standard elements.

The interface fracture elements, introduced and described in detail in the pre-
vious section, have been positioned in the ring area (Fig. 2.15—Zone II) around 
the delamination to simulate the delamination growth phenomena. The dimen-
sions of this area have been appropriately chosen to allow the delamination growth 
simulation until the structural collapse. Node to node contact elements, based 
on the previously introduced theory, have been placed in the delaminated area 
(Fig. 2.15—Zone I) and in the ring area (Fig. 2.15—Zone II) to avoid inter-pene-
trations between adjacent elements. In Fig. 2.15 the adopted finite element discre-
tization is presented. The dependence of the Energy Release Rate evaluation from 
the size of the interface fracture elements decreases as the size of interface element 

Fig. 2.15   Adopted finite 
element discretization. 
Delamination area (zone 
I) and growth area (zone 
II)—composite delaminated 
panels loaded in compression
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Table 2.6   Boundary conditions—composite delaminated panels loaded in compression

Lateral surface (with ref. to Fig. 2.14) Condition

AD Ux = 0 (symmetry b.c.)

AF and FB Free

DE and EC Uy = 0 (symmetry b.c)

BC Applied displacement Ux

FEBC Uz = 0
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decreases choosing an appropriately small time-step. A suitable value for the size 
of interface elements associated to a proper load-step has been chosen accord-
ing to the convergence study performed in Ref. [60]. Detailed information on the 
influence of mesh size and time-step on the evaluation of the Energy release Rate 
with the Virtual crack Closure Technique approach can be found in [61–65].

In Ref. [9] the experimental data concerning the benchmarks under investi-
gation are presented in terms of out of plane displacement of two corner points 
(named U and L in Fig. 2.16) placed respectively at the top and at the bottom of 
the two sub-laminates.

2.4.3 � Specimen Configuration #SS3

The B2000-DEL-NO-GROWTH, the B2000-DEL-GROWTH and the B2000-
DEL-GROWTH-PDA models have been used for the simulation of the compres-
sive behaviour of the specimen configuration #SS3 (the configuration with the 
thinnest delamination). The numerical results have been compared with experi-
mental data on the configuration available in [9].

Comparisons in terms of load displacement curves between the numerical 
results, obtained by means of the different models and the experimental data avail-
able in Ref. [9], are shown in Fig. 2.17.

It should be noted that the scatter in experimental data is not reported here 
since detailed information are provided in Ref. [9]. The overall agreement between 
numerical and experimental results can be evaluated from Fig. 2.17. The numeri-
cal delamination buckling load (10 kN), which is the same for all the three models, 
slightly overestimates the experimental value 7.26 kN.

The maximum out of plane displacement of the thin sub-laminate found by 
numerical analyses (1.02 mm) is also slightly over the experimental one 0.89 mm.

In Fig. 2.17, differences among the adopted numerical models appear from the 
delamination growth initiation up to the global buckling. These differences are 
presented model by model providing comparisons with the experimental results.

•	 B2000-DEL-NO-GROWTH (Delamination growth not allowed—Composite 
delaminated panels loaded in compression).

This model does not allow delamination growth and matrix-fiber failure under 
compressive load. Therefore the carrying-load capability of the structure, evalu-
ated numerically overestimates the one obtained experimentally.

Fig. 2.16   Control points 
position—composite 
delaminated panels loaded in 
compression U

L

x

z
y
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As expected, the global-buckling load predicted by this model (55 kN) overesti-
mates the experimental one (53 kN) due to the lack of both structural stiffness deg-
radation related to delamination propagation and material properties degradation 
associated to matrix-fiber failure.

The failure of the specimen cannot be simulated with the B2000-DEL-NO-
GROWTH model because no failure conditions have been implemented in it.

•	 B2000-DEL-GROWTH (Delamination growth allowed—Composite delami-
nated panels loaded in compression)

In order to better mimic the physical phenomenology, interface fracture elements, 
able to simulate the delamination growth, have been introduced in this model. 
According to this model, when the condition in Eq. (2.6) is satisfied the delamina-
tion will start to grow.

The increase in delaminated area, due to compression load, involves a reduction 
of the structural stiffness and the post buckling regime is quite different from the 
one obtained with the B2000-DEL-NO-GROWTH model.

In Fig. 2.17, for this model, the load displacement curve shown a clear slope 
variation at the global-buckling leading to a more accurate prediction of the global 
buckling load (53.86 kN) which is closer to the experimental one.
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Fig.  2.17   Load displacement graph. Comparison between numerical model and experimental 
curve-specimen #SS3 [67]—composite delaminated panels loaded in compression
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Even if the prediction is more accurate with respect to the B2000-DEL-NO-
GROWTH model, the specimen failure cannot be correctly predicted by the 
B2000-DEL-GROWTH model due to the lack of material properties degradation 
associated to fiber-matrix failure. Indeed the numerical out of plane displacement 
of the thick sub-laminate at failure (2.5 mm) substantially overestimates the exper-
imental one (1 mm).

•	 B2000-DEL-GROWTH–PDA (Delamination growth allowed—fiber/matrix 
progressive damage allowed)

This last and more refined model is the one allowing delamination growth and 
matrix-fiber failure. In this case numerical results closest to experimental data 
have been obtained. The global buckling load (53.70 kN) is the same found with 
the previous model without matrix and fiber failure. This demonstrates that the 
matrix-fiber failure phenomenon becomes critical only after the global buckling 
phenomenon and close to the structural collapse. The out of plane displacements 
obtained with this last model are the ones that best fit the experimental values.

Indeed this last model provides the best prediction in terms of failure of the 
specimen: the out of plane displacement of the thick sub-laminate at failure is 
1.75 mm. At the structural collapse, the relevant degradation of material properties 
due to matrix-fiber failure leads to a sudden decrease in the load carry capability 
of the panel.

For the more refined model (B2000-DEL-GROWTH–PDA), including the 
delamination growth and matrix-fiber progressive failure, additional numerical 
results are presented showing the buckling and post-buckling behaviour of the 
composite panel and the damage propagation during the entire loading process.

The deformed shapes corresponding to the delamination buckling and global 
buckling load are shown in Fig. 2.18.

This figure highlights the transition from the local delamination buckling to 
the global buckling of the panel caused by the increase of compressive load. The 
two conditions shown in Fig.  2.18 can be easily recognized from the schematic 
description given in Fig. 2.1.

Fig. 2.18   Deformed shape at local delamination and global buckling regime for specimen #SS3. 
An amplification factor equal to 10 has been used. (F = 10 kN and F = 54 kN respectively)—
composite delaminated panels loaded in compression
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The delamination propagates perpendicularly to the load direction and the high 
distortion of the elements near the propagating delamination front is substantial in 
the global buckling regime. The negligible sliding in the wide contact area near the 
delamination front along the load direction, pointed out in Fig. 2.18, justifies the 
adoption of node to node contact elements in the model.

The progressive growth of the delamination can be clearly appreciated in 
Fig. 2.19.

For the specimen #SS3 the delamination growth initiation has been found at 
51.2  kN, very close to the global buckling. The delamination growth initiates 
along the (y) direction perpendicularly to the applied load direction. As the load 
increases the portion of the delamination front involved in the growth phenomenon 
increases.

As already mentioned, the matrix-fiber failure becomes relevant for specimen 
#SS3 in the final stages of the loading process. In particular, the curve discon-
tinuity of Fig.  2.17 is caused by the sudden failure of a relevant amount of ele-
ments that determines the immediate reduction of the structural stiffness due to 
the instantaneous material properties degradation rules adopted in the progressive 
damage formulation.

The monitoring of the progressive failure in each ply of each element during 
the loading process has been carried out. In order to provide a clear representa-
tion of the damage status in term of matrix-fiber failure during the loading process, 
in the next figures, numerical values are associated to a particular failure mode 
according to Table 2.3.

The failed elements for each ply at load drop (see curve of Fig.  2.17) and at 
final failure, are shown in Fig. 2.20a, b, respectively. For both the load steps only 
the damage in upper sub-laminate is shown.

The damage (fiber + matrix failure) onset in the upper sub-laminate takes place 
close to the delamination front in 90° oriented plies while the 0° plies experience 
prevalently matrix failures (see Fig.  2.20a). This behaviour can be associated to 
the high compressive stresses perpendicularly to the load direction at the delami-
nation front.

L
U

x
y

(a) (b) (c) (d)

  F         51,2  kN                         5 1,76 kN                              54,3 kN                             49,2 kN
U 0.278 mm                  Z 1.007 mm 1.7873 mm  1.7838 mm

Fig. 2.19   Delaminated area (with zones) starting from delamination growth initiation up to final 
failure for specimen #SS3. The load and the out of plane displacement of the L point are indi-
cated for each configuration—composite delaminated panels loaded in compression
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At final failure, the most of elements (see Fig. 2.20b) in the delaminated area are 
failed (fiber + matrix failure mode) due to the increase of compressive stress at the 
growing delamination front and due to the tensile stress at the center of the panel.

According to Fig. 2.20b, broken elements can be also found near the edge of the 
specimen perpendicularly to the load direction. The failure of these elements is caused 
by the tensile stresses arising as a consequence of the global buckling phenomenon. 
Therefore the discontinuity in the load displacement curve at failure can be associated 
to the sudden failure of a relevant number of elements when passing from the failure 
map of Fig. 2.20a with a few failed elements to the one shown in Fig. 2.20b.

2.4.4 � Specimen Configuration #SS4

The B2000-DEL-GROWTH-PDA model has been adopted to simulate the com-
pressive behaviour of the specimen #SS4 (the panel with delamination positioned 
between the 5th and the 6th ply). The load displacement graph for this specimen is 
shown in Fig. 2.21.

Except for the local delamination buckling phenomenon, which, probably, has 
not been adequately detected during the experimental tests, the agreement between 

x
y

(a)

(b)

Fig. 2.20   #SS3 failure maps: failure modes for each ply of the upper sub-laminate a 54.3 kN, b 
final failure F = 49.2 kN—composite delaminated panels loaded in compression
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numerical results and experimental data is excellent. The numerical global buck-
ling load (54 kN) matches very well the experimental one (53.9 kN). The numeri-
cal failure load (54.9 kN) is also in excellent agreement with the experimental one 
(53.7 kN). The delamination growth initiates at 52.48 kN very close to the global 
buckling (see Figs. 2.21 and 2.22).

The propagation of delamination front for specimen #SS4 is very similar to the 
one observed from specimen #SS3; however the growth is much more pronounced 
along the applied load direction. Hence, the shape of the growing delamination 
area is wider than the one observed for the specimen #SS3. This is due to the 
higher applied load reached at propagation initiation causing higher stress concen-
trations and a more extended delamination growth front.

As expected, the most of the damage in terms of fibre and matrix breakage, at 
final failure, was found in the plies oriented at 90° with respect to the direction 
of the applied load. The damage status in 0° and 90° plies at final failure, for the 
specimen configuration #SS4, are shown in Fig. 2.23 together with the last com-
puted delamination front.
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Fig.  2.21   Specimen#SS4 load displacement curve: comparison between numerical model and 
experimental data—composite delaminated panels loaded in compression
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(a)  (b) (c) (d)

53,94 kN 
  U 0.236mm
 F 51,6 kN 52,48 kN  54 kN

0.278mm 0.691mm 2.324mm

L 
U 

x 
y 

Z

Fig. 2.22   Delamination area (light zones) starting from the delamination growth initiation up to 
the final failure for specimen #SS4—composite delaminated panels loaded in compression

(a) (b) 

Fig. 2.23   #SS4 Damage visualization in the 0 and 90 ply (b) and the delamination area (a)—
composite delaminated panels loaded in compression
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2.4.5 � Specimen Configuration #SS5

The compressive behaviour of the specimen configuration #SS5 (with delamina-
tion positioned between the 7th and the 8th ply) has been simulated by adopt-
ing the most refined model allowing growth and matrix-fiber failure propagation 
(B2000-DEL-GROWTH-PDA). In this case the experimental data do not seem to 
be completely reliable, as it can be seen in Fig. 2.24 where the load-displacement 
curve is presented.

The experimental load-displacement curve for the #SS5 specimen is character-
ized by a negative slope before the local buckling load. This, as specified in [9], 
is probably due to the adhesion between the delaminated area end the rest of the 
panel (Teflon insert) and it can be an indication of a imperfect execution of the 
experimental tests. Even if the structural collapse load is predicted quite well by 
the numerical simulation, the load-displacement curve is very different from the 
experimental one (see Fig. 2.24).
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Fig. 2.24   Specimen #SS5: comparison between numerical and experimental curves—composite 
delaminated panels loaded in compression
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The post-buckling behaviour of the #SS5 specimen configuration differs from 
the others because the load-displacement graph in correspondence of a certain 
load level (57 kN) shows an inversion in the U point displacement direction.

The apparently strange post-buckling behaviour could be explained as follows: 
at the global-buckling load the two points U and L are both dragged downwards, 
this condition is characterized by a significant reduction of the out of plane dis-
placement of the point U caused by a little variation of the applied load.

On the other hand, when the delamination starts to grow, the U point has a dis-
placement upwards while L continues to move downward. Therefore U changes 
its displacement direction generating a cusp in the graph while the load displace-
ment curve for the L point has no inversion (as shown in Fig. 2.24). The effect of 
the delamination growth at global buckling for the specimen configuration #SS5 is 
schematized in Fig. 2.25 where the two conditions before and after the growth are 
shown.

The variation of delaminated area during the load application is shown (see 
Fig.  2.26) starting from the incipient global buckling condition (57.216  kN) up 
to the structural collapse (54.42  kN). Once again, the delamination front moves 
perpendicularly to the load direction. However for this specimen the propagation 
involves a more consistent portion of delamination front with respect to the speci-
men configurations #SS3 and #SS4.

before delamination growth 

(a) (b)

after  delamination growth 
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Fig. 2.25   Schematic representation of the load-displacement behaviour for the #SS5 specimen 
and comparison with the out of plane displacement obtained for configuration (a) and (b)—
Composite delaminated panels loaded in compression



412  Detailed Methodologies for Integrated Delamination Growth …

Only four plies over seven in the upper sub-laminate have been found damaged. 
It can be emphasized that the damaged plies are those on the outer parts of the 
upper sub-laminate.

For this specimen configuration the number of damaged elements is lower than 
in the other analyzed cases. The damage map obtained for the seventh ply shows 
failed elements on the portion of delamination front where the upper sub-laminate 
returns in contact with the lower sub-laminate (due to the orthotropy of composite 
plies): the same condition has been already found for the specimen configuration 
#SS4 and shown in Fig. 2.23.

2.5 � ABAQUSTM Exploratory Applications: Stiffened 
Panels with Embedded Delaminations and a Skin-
Stringer Debonding

In this section, in order to emphasize the need, when designing with composites, 
for improved novel numerical approaches taking into account inter-laminar and 
intra-laminar damage interaction (as the ones described in Sect. 2.3), some explor-
atory applications on stiffened composite panels with the ABAQUS FEM code are 
introduced.

Two different configurations of stiffened composite panels have been con-
sidered. The first configuration is characterized by a delamination located in the 
middle of the bay while the second one has an artificial skin-stringer debonding 
positioned in the center of the first stiffener. The local buckling, the global panel 
buckling and the inter-laminar and intra-laminar defects growth have been inves-
tigated. The standard ABAQUSTM VCCT approach and a progressive damage 
approach in solid shell elements (not able to fully reproduce the three-dimensional 
stress state) have been used to perform the numerical analyses. However these 
ABAQUS exploratory applications, can give a roughly idea of the influence of the 

(b) (c) (d)(a)

F 57,216 kN 56,773 kN 55,786 kN  54,42 kN
  U 0.338 mm 0.638 mm  0.914 mm  2,177 mm

L

x

U

y

Z

Fig. 2.26   Delamination area (light zones) starting from delamination growth initiation up to the 
final failure for specimen #SS5 (for configuration (b) also the experimental delamination shape is 
shown)—Composite delaminated panels loaded in compression
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damages evolution and their mutual interaction on the loading carrying capability 
of real composite structures allowing at the same time to assess the promising 
added value of the proposed novel numerical approaches (validated only for very 
simple composite specimens) if extended to the prediction of the evolution of 
delamination and skin-stringer debonding in complex composite structures.

2.5.1 � Simulating the Damage Onset and Evolution  
in ABAQUS

In this sub-section, a brief description of the models adopted in ABAQUSTM, 
respectively, for the inter-laminar and intra-laminar damage onset and evolution 
will be provided.

2.5.1.1 � Inter-laminar Damage

In ABAQUSTM, the inter-laminar damages can be modeled using contact surfaces. 
The Virtual Crack Closure Technique (VCCT) equations can be adopted to calcu-
late the Energy Release Rate (ERR) along the delamination front for each pair of 
nodes. In general case the fracture criterion is defined as:

where Gequiv is the equivalent strain energy release rate calculated at a node, and 
GequivC is the critical equivalent strain energy release rate calculated based on the 
user-specified mode-mix criterion and the strength of the interface. The software 
provides several growth criteria, one of the most used is the Power Law:

where Gj is the Energy Release Rate associated to the fracture mode j and Gjc 
is the critical value of the Energy Release Rate associated to the fracture mode 
j. Indeed three main fracture modes can be defined: opening mode I, forward 
shear mode II and parallel shear mode III. In case of 4-noded solid element the 
VCCT equations for the calculation of the Energy Release Rate can be written as 
follows:

In Eq. (2.15) Fj is the force at delamination tip for the fracture mode j, Δuj is the 
opening displacement for the fracture mode j and ΔA is the crack surface created 
by the delamination opening. The critical energy release rate values (GIC, GIIC and 
GIIIC) can be evaluated from standard experimental procedures.

(2.13)f =
Gequiv

GequivC

≥ 1.0

(2.14)
Gequiv

GequivC

=

(

GI

GIC

)am

+

(

GII

GIIC

)an

+

(

GIII

GIIIC

)a0

(2.15)Gj =
Fj�uj

2�A
with j = I , II , III
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In this work the Power Law criterion is used in the linear form with 
am = an = a0 = 1. The crack-tip pair of nodes are separated when the fracture cri-
terion, f, reaches the value 1.0 within a given tolerance:

If f ≥ 1.0 + ftol the time increment is reduced such that the crack propagation cri-
terion (2.14) is satisfied. For the analyses presented in this work the default value 
(ftol = 0.1) has been used.

2.5.1.2 � Intra-Laminar Damage

In ABAQUSTM the onset of intra-laminar damage is determined by the initiation 
criteria proposed by Hashin and Rotem [32, 33]. Four different damage mecha-
nisms are considered: fiber tension, fiber compression, matrix tension and matrix 
compression [see Eq. (2.17)].

In Eq.  (2.17) the presence of the parameter α allows to take into account the con-
tribution of the shear stress to the fiber tensile initiation criterion. A characteristic 
length is defined in ABAQUS, in order to reduce the mesh dependency during dam-
age evolution, hence the constitutive law can be expressed in terms of stress-dis-
placement relation. When a damage initiation criterion is satisfied the behavior of 
the element evolves according to the stress-displacement curve shown in Fig. 2.27.

In Fig. 2.27, σeq and δeq denote respectively the equivalent stress and the equiv-
alent displacement computed for each of the four damage modes.

The first part of the stress-displacement curve, prior to the damage initiation, is 
representative of the linear elastic material behavior; the second part with negative 
slope, after the damage initiation, is associated to the damage evolution. The value 
of failure displacement (δfeq) can be computed using the Eq. (2.18).

where GC represents the intra-laminar fracture energy and LC the characteristic 
length of the element.

(2.16)1 ≤ f ≤ 1.0+ ftol

(2.17)

(2.18)δ feq = ε f LC =

2GC

σ 0
eq
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2.5.2 � Stiffened Panel with an Embedded Bay Delamination

In this sub-section, a detailed description of the FEM model of the stiffened com-
posite panel with an embedded delamination will be provided together with all the 
numerical results of the non-linear analysis.

The geometrical features of the test-case are given in Fig. 2.28; while the mate-
rial properties of the adopted composite system (HTA-6376C) are summarized in 
Table 2.7. The stacking sequence of the panel’s skin is [+45°/−45°/0°/90°]3S, while 
the stringers, according to Fig. 2.28, consist of three laminates, each with the follow-
ing lay-up [+45°/−45°/0°3/90°/0°3/−45°/ +45°]. In this figure, the angle θ adopted 
to univocally identify a location along the delamination front, is also defined.

Fig. 2.27   Intra-laminar 
damage evolution

Equivalent Stress

Equivalent 
Displacement

GC

0
eq

f
eq

0
eq

δ δ

σ

LX Panel Lenght 446 mm

LY Panel Width 375 mm

Sl Dist . btw . panel edge and stringer foot 11 mm

Sd Dist . btw . Stringers 94 mm

Sb Stringer foot Width 55 mm

Pt Skin Thickness 3.33 mm

Ft Stringer foot Thickness 1.16 mm

Wh Stringer Web Height 45 mm

Wt Stringer Web Thickness 2.47 mm

Sc Stringer cap Width 48.2 mm

Fc Stringer cap thickness 2.8 mm

DX Delamination position along Lenght 241 mm

DY Delamination position along Width 113 mm

Dt Delamination Depth 2.775 mm

DD Delamination Diameter 40 mm

Fig. 2.28   Geometrical description of the delaminated stiffened panel configuration
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In Fig.  2.29 the loading and boundary conditions applied to the structure are 
introduced. The stiffened panel is considered compressed by means of applied dis-
placements allowing the realistic simulation of the displacement controlled experi-
ments. One edge of the panel is clamped while the opposite one is subjected to 
an applied uniform displacement, maintaining the rotations and the out of plane 
displacements blocked.

In the specimen under consideration, a circular delamination which diameter is 
equal to 40 mm, is located in the bay between the fourth and the fifth ply.

Table 2.7   Material 
properties of the composite 
lamina used for the 
delaminated stiffened 
composite panel

HTA—6376C

E11 140 GPa Longitudinal young’s modulus

E22 10.5 GPa Transverse young’s modulus

G12 = G13 5.2 GPa Shear modulus

G23 3.48 GPa

ν12 = ν13 0.3 Poisson’s ratio

ν23 0.51

XT 2,100 MPa Longitudinal tensile strength

YT 70 MPa Transverse tensile strength

XC 1,650 MPa Longitudinal compressive 
strength

YC 240 MPa Transverse compressive strength

S 105 MPa In plane shear strength

GIc 260 J/m2 Critical ERR for mode I

GIIc 950 J/m2 Critical ERR for mode II

GIIIc 1,200 J/m2 Critical ERR for mode III

t1 0.13875 mm Ply thickness (skin)

t2 0.112 mm Ply thickness (web)

t3 0.127 mm Ply thickness (cap)

t4 0.105 mm Ply thickness (foot)

Ux=0
Uy=0
Uz=0

ROTx=0
ROTy=0
ROTz=0

Ux=0
Uy=U0
Uz=0

ROTx=0
ROTy=0
ROTz=0

Y

X

Z

Applied Displacement

Clamped Edge

Fig. 2.29   Applied load and boundary conditions—delaminated stiffened composite panel
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The FEM model of the stiffened panel has been created by adopting the com-
mercial FEM software ABAQUSTM, by using a combination of solid and shell ele-
ments. The complete geometrical model of the panel is shown Fig. 2.30.

The stringers and the skin have been connected each other by means of the 
surface to surface constraints “tie” available in ABAQUS [66]. The delaminated 
region has been modeled by brick volumes aimed to represent the delamination 
and the surrounding area of the thinner and the thicker sub-laminates (Fig. 2.31).

The sub-laminates have been connected in the region potentially interested by 
the propagation by node to surface interactions with the option “Virtual Crack 
Closure Technique”. The surfaces effectively connected are the contacting sur-
faces between the two parts except the surfaces of the initially delaminated area; 
as shown in Fig. 2.32.

Fig. 2.30   Solid model 
representing the delaminated 
stiffened panel defined in 
ABAQUS

Fig. 2.31   Solid model 
representing the delaminated 
region

Fig. 2.32   Node-to-surface 
interaction zone with the 
option VCCT
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The delaminated area solid model has been connected to the shell model of 
the rest of the panel by means of the “solid-shell” coupling. The solid model of 
the delaminated region has been filled with continuum shell elements SC8R 
(Continuum shell element with 8 nodes) while the shell element S4R (Shell ele-
ment with 4 nodes and Reduced integration scheme) has been used for the rest 
of the model. A representation of the Finite element discretization is shown in 
Fig. 2.33.

The applied strains as a function of the applied compressive loads is plotted in 
Fig. 2.34.

In Fig.  2.34 the non-linearity of the global compressive behavior of the stiff-
ened panel is highlighted by comparison with linear analysis. As it can be seen, 
close to the skin buckling load the non-linear results deviated from the linear trend 
and the stiffness starts to decrease.

In Fig. 2.35 the global stiffness of the panel as a function of the applied strain 
is presented. Here the phenomenon of the global buckling is clearly visible and the 
method adopted for the calculation of the global buckling applied strain is sche-
matically shown.

In Table 2.8, the delamination buckling, the growth initiation load and applied 
strain, for non-linear analysis are shown.

Fig. 2.33   Abaqus FE 
model—delaminated 
stiffened composite panel

Fig. 2.34   Applied load 
versus applied strains—
delaminated stiffened 
composite panel
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The non-linear buckling analysis has been performed on the selected stiffened 
panel configuration in order to investigate the structural response of the panel itself 
when subjected to an incremental compressive load up to the global bucking event. 
The panel, loaded by means of applied displacements, experiences the delamina-
tion buckling, the delamination growth and the buckling of the skin. In Fig. 2.36 
the non-linear deformed shapes with out-of-plane displacements contour plot 
for the analysed stiffened panel obtained at delamination buckling, delamination 
growth initiation and global skin buckling are presented.

In Fig. 2.37, the non-linear numerical out of plane displacements distributions 
within the delaminated area, at delamination buckling and growth initiation, are 
shown for the specimen under consideration.

As expected, due to the very thin delamination, the non-linear delamination 
buckling contour is identical to the shape of the non-linear buckled sub-laminate 
contour at the delamination growth initiation. This is an evident proof that the out 
of plane displacements distribution does not undergo changes from the delamina-
tion buckling to the growth initiation event.

The location of maximum Energy Release Rate on the delamination front, pre-
dicted by the non-linear approach, is characterised by an inclination (Θ) of about 
−9° with respect to the global X-axis.

The out-of-plane displacements in the delaminated area are reported in 
Fig. 2.38.

The delamination buckling phenomenon corresponds to the load step where 
the front displacement consistently and suddenly increases and it is clearly vis-
ible from Fig. 2.38. The delamination growth initiation event with the ABAQUS 

Fig. 2.35   Global panel 
stiffness versus applied 
strains—delaminated 
stiffened composite panel
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Table  2.8   Results from non-linear analysis with progressive damage—delaminate stiffened 
composite panel

Delamination buckling 
strain (με)

Delamination growth 
strain (με)

Global buckling strain 
(με)

Abaqus non-linear 1,700.6 2,952.9 3,242.1
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non-linear model is located at 2,952  με. The predominant fracture mode, as 
expected, is the Mode I; hence the delamination growth initiation is a conse-
quence of the delamination buckling event. The growth reaches the boundary of 
the delaminated region at 3,600  με. Beyond this point, the growth results and 
the results of the analysis in general are no more reliable. This is a limit of this 
model where the delaminated region (modeled by brick elements) cannot change 

Fig. 2.36   Non-linear deformed shapes at: a delamination buckling; b delamination growth ini-
tiation; c global buckling of the skin—delaminated stiffened composite panel

Fig.  2.37   Applied contour plots of the out-of-plane displacements distributions in the delam-
inated area at: a delamination buckling; b growth initiation—delaminated stiffened composite 
panel
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size during the analysis. In Fig. 2.39 the delamination growth shapes are shown 
at delamination growth initiation (2,952 με), at intermediate delamination growth 
state (3,200 με) and at delamination growth reaching boundaries of the delami-
nated region (3,600 με).

The distribution of the ERR at growth initiation is very useful to understand 
the location of growth and the contribution of each fracture modes to the growth 
initiation. The distribution of the ERR along the delamination front for the three 
fracture modes at growth initiation for the ABAQUS non-linear analysis is shown 
in Fig. 2.40.

Figure 2.41 shows the contour plots, on the thinner sub-laminate of the delami-
nation, of Hashin damage initiation criteria for the four damage mechanisms under 
consideration: fiber compression, fiber tension, matrix compression and matrix 
tension. At each integration point of each element, the maximum value reached 
in the four plies of the thinner sub-laminate has been plotted. A unit value for the 
Hashin damage initiation criterion means that the criterion is fully met.

As can be appreciated in Fig. 2.41, around the delaminated area only the matrix 
tension criterion is completely satisfied.

2.5.3 � Stiffened Panel with an Skin-Stringer Debonding

In this sub-section, a detailed description of the FEM model of the stiffened com-
posite panel with a skin-stringer debonding will be provided together with all the 
numerical results of the non-linear analysis.

The geometrical features of the test-case are given in Fig. 2.42 while the mate-
rial properties of the adopted composites system are given in Table 2.9.

The stacking sequence of the panel’s skin is [0/+45°/−45°/90°]2S, the stringers 
foot stacking sequence is [0/+45/−45/90/90/−45/+45/0]S, while the web stringer 
stacking sequence is [0/+45/−45/90/90/−45/+45/0]2S .

Fig. 2.38   Out-of-plane 
displacement versus applied 
strain at delamination 
centre—delaminated 
stiffened composite panel
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Fig.  2.39   Delamination growth shapes at: a delamination growth initiation (2,952 με);  
b intermediate delamination growth state (3,200 με); c delamination growth reaching boundaries 
of the delaminated region (3,600 με)—delaminated stiffened composite panel

Fig. 2.40   ERR distributions 
for the three fracture modes 
at growth initiation (2,952 
με)—ABAQUS non-linear 
model—delaminated 
stiffened composite panel
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The boundary conditions of Fig. 2.29 have been applied. In the specimen under 
consideration, a debonded zone of 250 mm is located at the interface between the 
first stringer and the skin.

A solid model has been created in ABAQUS with all the surfaced and volumes 
needed to define the geometry. A picture of the solid model is shown in Fig. 2.43.

The stringers and the skin have been modeled by brick volumes and connected 
by “tie” surface to surface constraints available in ABAQUS [66]. The debonded 
zone is shown in Fig. 2.44.

The debonded interfaces have been connected by node to surface interaction 
with the option “Virtual Crack Closure Technique”. The surfaces effectively con-
nected are the contacting surfaces between the two parts except the surfaces of the 
initially debonded area; as shown in Fig. 2.45 in red.

The whole solid model of the debonded stiffened panel has been filled with 
continuum shell elements SC8R (Continuum shell element with 8-nodes).

A representation of the Finite element discretization is shown in Fig. 2.46.
A non-linear buckling analysis has been performed on the selected stiffened 

panel configuration in order to investigate its structural response under an incre-
mental compressive load up to the global bucking event. The panel, loaded by 

FIBER COMPRESSION FIBER TENSION

MATRIX COMPRESSION MATRIX TENSION

Fig.  2.41   Maximum value of Hashin damage initiation criteria in the thinner sub-laminate—
delaminated stiffened composite panel
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means of applied displacements, experienced the skin local buckling in debonded 
zone, the debonding growth and the panel global buckling.

In Fig. 2.47 the ABAQUS non-linear deformed shapes at debonding buckling, 
at debonding growth initiation and at advanced growth state are presented. 
Unfortunately, the global buckling event cannot be shown because it is signifi-
cantly delayed with respect to the complete debonding of the stringer.

LY Panel Length 635 mm

LX Panel Width 560 mm

Sl Dist. btw. panel edge and stringer foot 15mm

Sd Dist. btw. Stringers 58 mm

Sb Stringer foot Width 89 mm

Pt Skin Thickness 2.976 mm

Ft Stringer foot Thickness 2.976mm

Wh Stringer Web Height 54.524 mm

Wt Stringer Web Thickness 5.952 mm

DY Debonded position along Length 317.5 mm

DX Debonded position along Width 59.5 mm

Ldb DebondingLength 250 mm

Fig. 2.42   Geometrical parameters of the stiffened panel with debonded stringer—stiffened com-
posite panel with skin-stringer debonding

Table 2.9   Material 
properties of the composite 
lamina used in stiffened 
composite panels

Composite material system

E11 156 GPa Longitudinal young’s 
modulus

E22 8.35 GPa Transverse young’s modulus

G12 = G13 4.2 GPa Shear modulus

G23 2.52 GPa

ν12 = ν13 0.33 Poisson’s ratio

ν23 0.55

GIc 288 J/m2 Critical ERR for mode I

GIIc 610 J/m2 Critical ERR for mode II

GIIIc 610 J/m2 Critical ERR for mode III

t 0.186 mm Ply thickness
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Fig. 2.43   Solid model 
representing the stiffened 
panel defined in ABAQUS—
stiffened composite panel 
with skin-stringer debonding

Fig. 2.44   Solid model 
representing the debonded 
region—stiffened composite 
panel with skin-stringer 
debonding

Fig. 2.45   Node-to-surface 
interaction zone with the 
VCCT option—stiffened 
composite panel with skin-
stringer debonding
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Fig. 2.46   Abaqus FE model—debonded stiffened panel

Fig. 2.47   Non-linear deformed shapes at a debonded zone buckling; b debonding growth ini-
tiation; c advanced debonding growth state—stiffened composite panel with skin-stringer 
debonding
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In Fig. 2.48, the excellent agreement between the linear and non-linear results, 
in terms of global longitudinal stiffness, confirms the linearity of the global com-
pressive behavior of the stiffened panel, up to the debonding growth initiation 
load.
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Debonded Zone Length = 250 mm

In Fig. 2.49 the debonding growth shapes are shown at debonding growth ini-
tiation (1,286 με), at an intermediate state (1,310 με) and when the debonding 
extend to the complete stringer foot surface (2,198 με).

In Figs.  2.50 and 2.51 it is possible to appreciate both the distributions of 
ERR and location of growth initiation at upper and lower delamination fronts. As 
it can be seen from both the figures, delamination growth takes place in both cases 
on the external edge of the stringer as a consequence of the skin buckling.

Fig. 2.48   Applied load 
versus applied strains. 
ABAQUS non-linear 
results—stiffened composite 
panel with skin-stringer 
debonding
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Fig. 2.49   Debonding growth shapes at: a no growth; b debonding growth initiation (1,286 με); 
c Intermediate debonding growth state (1,310 με); d debonding growth reaching the boundaries 
of the stringer foot (2,198 με)

Fig. 2.50   ERR distributions 
at growth initiation for the 
ABAQUS non-linear model 
upper side—Stiffened 
composite panel with skin-
stringer debonding
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3.1 � Introduction

The general trend in modern aircraft structures is the progressive replacement of 
metallic materials with composites. Composites exhibit superior structural proper-
ties, such as higher stress allowables, better behaviour in fatigue and damage tol-
erance, less sensitivity to corrosion phenomena, etc. Airbus new A350 or Boeing 
B787, both characterised by a massive use of composite materials for structural 
components (about 50 % of the total structural weight), are perfect examples of 
this tendency. The attractive levels of fuel consumption reduction (around 20 %), 
and economization achieved with this new designs, are some of the reasons that 
justify composites utilization.

One of the typical failure modes of composite materials is inter-laminar delami-
nation, which consists in a lack of cohesion between adjacent plies in the laminate. 
Delaminations can be originated by design features prone to develop interlami-
nar stresses (curved sections, drop-offs, free edges, etc.), manufacturing defects 
(shrinkage of the matrix during curing, formation of resin-rich areas, etc.), or acci-
dental causes such as tool impacts. Fatigue loading may create inside the mate-
rial fibre-matrix debonding (interfacial failure) or matrix damage at micro-scale, 
which eventually leads to inter-laminar delaminations.

Delaminations degrade material structural properties and reduce the structural 
load capacity. Moreover they are prone to grow when compression and out of plane 
loads (static or fatigue) are applied to the structure. Currently aircraft developers 
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use a strain design approach to cover impact damage and to avoid delamination 
growth, for monolithic laminates this limit is typically 3,500–4,000 με, for other 
applications such as honeycomb panels, lower limits are quoted.

Bonded joints in composites are often used in many aircraft structures such 
as stiffened panels (joint skin—stiffener), or in general joints such as skin—ribs, 
skin—spar, and so on. This kind of joints is quite complicated to analyze even for 
a simple strength prediction, because the stress distribution at the joints is rather 
complex showing high stress concentrations at its edges. Progressive debonding is 
particularly complicated to simulate.

The lack of accurate and reliable simulation methodologies for both problems, 
and the partial knowledge of the real damage mechanics in composites, usually 
lead to conservative designs. Additionally, when developing a new aircraft model, 
an extensive test campaign at various levels (coupons, details, stiffened panels, 
components, etc.) is required. Finally, airworthiness certification requirements are 
usually more restrictive for composite materials than for metallic ones.

Substantial Research has been carried out during last decades to find accu-
rate and reliable simulation methodologies for damaged composite structures, in 
static or fatigue load environments. When dealing with complex structures, Finite 
Element (FE) techniques are often used. In particular two theories are among the 
most commonly used to simulate delamination and debonding damage with Finite 
Elements: Virtual crack closure technique (VCCT) [1–9], and Cohesive Zone (CZ) 
[10–15].

The VCCT is derived from the linear fracture mechanics, and requires the cal-
culation of the Strain Energy Release Rates (SERR) to predict delaminations or 
debonding growth. The SERRs are calculated according to the pure modes of frac-
ture (mode I, II and III). The VCCT requires a pre-damaged structure, therefore 
damage onset cannot be predicted with this theory. The Modified Crack Closure 
Technique (MVCCT) is a variation of the general VCCT allowing to estimate the 
SERR by using only one FEM analysis.

The Cohesive zone (CZ) model is derived from damage mechanics, and it does 
not require a pre-damage structure to predict delamination and debonding growth, 
allowing to evaluate also the damage onset.

Both simulation methodologies require a pre-defined damage growth path that 
has to be introduced into the FEM. Additionally the techniques are highly non-
linear leading to high computation times, often unsuitable for complex structures.

Instituto Nacional de Técnica Aeroespacial (INTA), the Spanish research cen-
tre for aerospace, is currently involved in developing reliable simulation tech-
niques for composites structural behaviour in the presence of damages such as 
inter-laminar delaminations and debondings. In the next chapters two method-
ologies are introduced in detail, respectively, aimed to simulate the debonding 
growth and the inter-laminar delamination growth in composites. Both the meth-
odologies allow to perform Progressive Failure Analysis (PFA) for static load 
conditions.

Besides accuracy, INTA focuses on developing efficient techniques from a 
computational point of view (reasonable computation times), and also to properly 
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understand and correct mesh size effects (FE results dependency on the mesh size). 
This is a typical inconvenient of both theories VCCT and CZ.

3.2 � Delamination Growth

As above mentioned INTA has been involved in R+D projects focused in find-
ing robust and reliable FEM simulation methodologies for damage growth in com-
posite structures. The idea is to investigate the residual strength of an aeronautic 
structure with the presence of damages, either produced by manufacturing defects, 
fatigue, ambient conditions, or accidental causes. This concept is often referred 
as Damage Tolerance, and a structure safe in the presence of damages is called 
Fail safe. Structures designed with such philosophy are inspected according to the 
maintenance procedures to check damage progression, and to assure that the resid-
ual strength of the structure is still above the structure ultimate load (damage size 
lower than allowable one).

In the case of inter-laminar delaminations, there is an additional inconvenient: 
this type of internal damages requires complicated and expensive inspections.

Many authors have characterized both the onset and growth of delamina-
tions proposing a variety of numerical tools to predict the composite behaviour. 
One of these tools, based on linear Fracture Mechanics, is the Virtual Crack 
Closure Technique (VCCT) based on the computation of the Strain Energy 
Release Rates (SERR). VCCT technique fundamentals are explained in the 
next section [1–9].

In the aerospace industry, MSC. Nastran is largely accepted as a valid Finite 
Element (FE) simulation tool which allow to save time and costs by reducing the 
amount of tests needed for certification of metallic and composite structures [16, 17]. 
INTA has developed an in-house delamination growth tool, that uses as inputs the 
Nastran input file (*.bdf file) and the Nastran results file (*.f06 file, in text format). 
The tool post-processes the displacements and force results, calculates the SERR 
based on the VCCT, and it is also able to simulate the progressive growth of the 
delamination. The main characteristics of the developed tool can be summarised as 
follows:

•	 The source code of the application is written in C++ language.
•	 It allows the choice of different options for delamination growth criteria: linear, 

K criterion, power law, Hackle Exponential.
•	 It is completely automatized, almost no user involvement is required.
•	 It has shown a robust behaviour, low processing time, and good convergence, (at 

least for the analysed benchmark: a composite stiffened panel).

In the next sections the VCCT theory fundamentals, the experimental bench-
mark and test data (used to validate the simulation tool), the developed FEMs, the 
scheme and fundamentals of the Delamination growth tool, and finally a detailed 
correlation of Simulation ant Tests results are introduced. Different FEM models, 
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(with different mesh sizes to investigate the mesh size effects), and different failure 
criteria have been used. Finally, the conclusions and further work are presented.

3.2.1 � Virtual Crack Closure Technique Fundamentals

The Virtual Crack Closure Technique was originally published in 1977 [18], 
although even lately more articles have been published showing some applications 
of this technique. There are also articles which assess the implementation of this 
technique on the commercial software [19, 20].

In order to compute the total SERR, three components need to be calculated: mode I 
component (GI) due to inter-laminar tension, mode II component (GII) due to inter-laminar 
sliding shear, and mode III component (GIII) due to inter-laminar scissoring shear:

In the equations, ΔUi is the energy increment released consistently with the mode 
i due to the progress of the delamination front (delamination area grows ΔA). Fi 
are the forces (along i direction) at the delamination front before delamination 
growth, and ui are the displacements of the delamination front along i direction 
in the grown configuration (upper or lower sub-laminate). Therefore the VCCT 
requires 2 different FEM analyses for the calculations involving two different FE 
models with slight variations in the delamination sizes.

In order to simplify the FE simulations, the Modified Virtual Crack Closure 
Technique (MVCCT) was introduced. Its simplification speeds up the analyses, 
being necessary only one FE model (and one analysis) to estimate the SERR. The 
hypothesis underlying this technique is that the displacement shape of the delami-
nation front, once the growth has taken place, is, in fact, similar to the delamina-
tion front displacement shape before the growth. In this way the SERR may be 
easily obtained with a unique FE analysis.

Usually, the GIII contribution to the failure is much lower than the contribution 
associated to modes I and II, so, as a further hypothesis, this contribution can be 
neglected. Thus the applied formula for the Failure index (linear failure criterion) 
becomes

being GIc and GIIc the composite material inter-laminar fracture toughness for modes 
I and II respectively. Delamination growth takes place when Eq. (3.2) is satisfied.
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The test methods to derive these critical values are:

•	 Mode I: Double Cantilever Beam DCB [21].
•	 Mode II: End Notched Flexure (ENF), for which standardized test method is not 

available yet.
•	 Mixed Mode I and II: Mixed Mode Bending MMB [22].

Besides Linear criterion, other delamination growth criteria, typically used for 
composites, are introduced hereafter:

where E11 E22 are the young modulus of the material and γ = ¼ [23, 24].

3.2.2 � Validation Benchmark Definition

The benchmark selected for validation of the developed tool is a typical struc-
tural subcomponent: it is a three bonded stringers panel fabricated from Fibredux 
HTA/6376C, with a single embedded delamination (circular shape, Φ = 40 mm) 
in one of the bays (between 4th and 5th plies). This stiffened panel is representa-
tive of a typical semi-monocoque aircraft structure in the wing or the fuselage.

The panel was tested at QinetiQ (Farnborough, UK) at compression static load 
until final failure [25]. In the test campaign several configurations of the stiffened 
panels were tested: undamaged panels, panels with impact damage, panels with 
artificial damages. Only one configurations is of interest for the validation activity 
presented in this chapter: the panel with a single embedded delamination (artificial 
defect) at the centre of one of the bays.

3.2.3 � FE Model Definition and Buckling Simulations

The FE model have been created by using MSC. Nastran, the standard solver in 
aeronautic industry [16, 17]. The panel has been modelled by using composite 
plate elements (QUAD4) for skin and stiffeners, rigid elements (Multipoint con-
straints or MPC) for the adhesive, and contact elements between the delaminated 
sub-laminates.
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A part of the panel FEM has been prepared for possible delamination growth, 
in this part the skin is divided in two sub-laminates: upper and lower, the nodes 
are linked by MPCs and contact elements. All these FEM features are shown in 
Fig. 3.1.

The lamina properties and the lay-up have been given in input to the FEM, by 
the constitutive model of the plate composite material option in MSC. Nastran.

The FEM boundary conditions (see Fig.  3.2) try to reproduce the actual test 
conditions:

•	 One node (in the left in the figure) is linked by means of a rigid MPC to a panel 
border. In this node all Degrees of Freedom (DOFs) are constrained except the 
one along the applied load direction.

•	 The other panel edge is clamped in all DOFs.

To verify the mesh size dependency, a typical drawback of the VCCT, 3 different 
FE models of the panel were defined, each one using a different mesh size at the 
pre-defined delamination area (see Fig. 3.3).

Since the delamination area in models 2 and 3 reach the stringers (see Fig. 3.3), 
the delamination zone modelling is slightly more complex in these FE models, as 
it is shown in Fig. 3.4.

Upper delamination 
zoneshell elements 

Skin Shell 
element 

Lower delamination zone 
shell elements (QUAD4) 

Linked nodes with 
explicit MPC (3DOF) 

Contact element 
(GAP) 

Rigid link MPC 
(6DOF) (RBAR) 

Transition from skin to 

delamination zone 
MPC (6DOF) (RBE2) 

Fig. 3.1   FEM scheme at delamination zone

Fig. 3.2   Stiffened panel FEM showing boundary conditions
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To compare the 3 FE models, buckling analyses (linear and non-linear) have 
been performed for all of them. The FE models buckling loads have been com-
pared each other and with the available experimental data in terms of delamina-
tion buckling load (first buckling mode) and skin buckling load (fourth buckling 

Fig. 3.3   FEM models (1 top, 2 middle, 3 bottom) showing details of the delamination zone
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Fig. 3.4   Delamination zone detail
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mode). This last buckling mode is local, the stringers are still able to carry the 
load, and just the skin in the bay between the stringers is buckled.

In Table 3.1 a comparison between the FE models and tests buckling loads is 
shown; more details can be found in [3, 6]. It can be seen that buckling loads are 
quite similar for all the FE models, and that the correlation between the FE models 
and the tests buckling loads is adequate.

3.2.4 � Delamination Growth Algorithm

As previously explained, the delamination growth tool developed at INTA uses 
MSC. Nastran as base solver. The tool uses the nodal release technique to simulate 
the growth of the delamination at a given position (X, Y coordinates) by eliminat-
ing the MPC (in pink colour in Fig. 3.2) connecting the two nodes, at that position, 
belonging respectively to the upper and lower sub-laminate.

The stiffened panel FE models have been arranged by defining a plane along 
which delamination can progressively grow, the reasonable assumption made is 
that the delamination grows remaining in the initial delaminated plane (between 
4th and 5th plies of the skin) without migrating to other interfaces.

The delamination growth tool was written in C++ language, it is com-
pletely automatized (almost no user involvement is required), and uses the origi-
nal Nastran FEM. The overall scheme of the tool and its interaction with MSC. 
Nastran is shown in Fig. 3.5.

The process begins with an initial Nastran non-linear analysis of the FE model 
requesting results for different percentages (load steps) of the applied load.

Then, the delamination growth tool asks the user for GIc and GIIc values of the 
used composite material, and reads the results file (*.f06) generated by Nastran for 
the different applied load steps. The tool computes the value of the Failure Index F 
above mentioned for the selected failure criteria.

This Failure index F is calculated for every node of the delamination front (the 
edge of the delamination), and for all load steps. If F is greater than 1.0 for one 
or more nodes at a given load step, the corresponding MPCs of those nodes are 
released, and a RESTART operation is performed from that load step.

Table 3.1   Local and global buckling loads—FEMs and tests

Buckling mode Test (KN) FEM 1 (KN) FEM 2 (KN) FEM 3 (KN)

1st (delamination buckling) 211 215 213 206

2nd – 223 273 229

3rd – 373 – 381

4th (skin buckling) 437 456 445 457

5th – 470 460 471
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The RESTART operation, available within MSC. Nastran [16, 17], allows 
re-initiating a structural analysis from a displacement or stresses state at a used 
decided load level (load step in non-linear analysis). When a RESTART is done, 
MSC. Nastran also allows the use of a new FEM model configuration (in this case 
a new MPC set). The RESTART operation is therefore another key point of the 
delamination growth tool.

If, for a given load step, no failure criterion is met, the tool just passes to the 
next load step and RESTART is performed.

This loop is performed up to the last load step, or until there is no-convergence 
(occurring for our benchmark when the delamination reached the stiffeners).

At the end of the analysis, delamination growth tool generates two results files:

•	 A dynamic Nastran results file (f06). This file is called “dynamic” because it 
collects the information (displacements, applied loads, information about the 
nodal release) of all the intermediate results, that actually correspond to differ-
ent FE models (different delamination fronts, and different MPC sets).

•	 A csv file with the information of “Delaminated Area versus applied load”. This 
is the main result of the tool, and it is used to verify the accuracy of the proposed 
methodology by correlating the numerical curve with the experimental one.

INITIAL MODEL
-Delamination 
front.
- n load steps

Delamination Growth Program

NASTRAN results
(non-linear analysis)
-Displacements, MPC 
forces, Applied loads 

Failure Index
 < 1 

Failure Index
 > 1

i=i+1

Load step i 

List of 
delamination 
front nodes

-New MODEL.bdf file
with nodal release

-RESTART from 
load step i

-New MODEL.bdf file 
without nodal release

-RESTART from
load n

If i=n

RESULTS.csv 
(Delaminated Area vs.

Applied load)
RESULTS.f06 

Delaminated
Area

Computation of 
Failure Index 

Fig. 3.5   Diagram of the delamination growth algorithm
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3.2.5 � Correlation Between FE Simulations and Tests

Figure  3.6 shows the curve “Delaminated area (mm2) versus applied load (µε)” 
obtained with the in-house delamination growth tool using the most detailed FE 
model, for five different load steps increments: 0.1, 0.125, 0.15 and 0.2 mm.

Also the experimental curve is shown for comparison purposes. The tests were 
performed by QinetiQ, they performed static tests until final failure, and post-mortem 
analyses of several stiffened panels containing impact damages and artificial defects. 
The damage evolution when applying static compression loads was monitored during 
the tests, more information about the performed tests can be found in [25].

As expected, the increase of the delamination area starts when the panel buck-
les. The predicted growth velocity (the slope in the figures) is adequate and similar 
to the experimental one, although a slight dependence on the load step used has 
been observed. The load step dependency is studied in next section.

Also a comparison between experimental and numerical delamination shapes 
across the loading process is introduced. In Fig. 3.7 photos of the delaminated area 
found by QinetiQ by means of ultrasonic inspections are shown. The photos were 

Fig. 3.6   Comparison between experimental delaminated area and FE simulations for different 
load step sizes (in mm)
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taken without removing the panel from the test frame [25], just after the compressive 
experimental tests up to 3,692 µε (Test 1), 4,379 µε (Test 2), 4,862 µε (Test 3), and 
5,255 µε (Test 4). In the same figure the delamination shapes found by the delamina-
tion growth tool at the same load values are shown as well.

As it can be seen the experimental and simulation delamination shapes are 
quite similar, and the slight asymmetry of the delamination (see pictures above 
after Tests 3 and 4) is also captured very well by the simulations.

3.2.6 � Mesh Size Effect

The three FE models were numerically tested, providing results in good agree-
ment with experimental data. It was found that the optimum FE result depends on 
the mesh size and the load increment used for the Nastran analysis. This depend-
ency was studied, and it was found that an almost linear correlation exists between 
the optimal (in terms of experimental data fittig) combinations of these two 
parameters.

In Fig. 3.8 the optimum correlation between mesh size and load step to be used 
in the analysis is shown, the mixed-mode failure criterion used in this case is the 
linear one.

The results of the 3 optimized FE models (each one using its own correspond-
ing optimum load steps) agreed very well with the experimental data, at is shown 
in Fig.  3.9. As it can be seen the experimental and the 3 optimized simulation 
curves are quite similar, and the delamination growth velocity is almost identical.

3.2.7 � Comparison Among Mixed-Mode Failure Criteria

A comparison has been performed among the different failure criteria imple-
mented in the delamination growth tool: the Linear Criterion (1), Exponential 
Hackle (2), K Criterion (3), and Quadratic Criterion (4).

Fig. 3.8   Correlation for the 
different FEM’s: element size 
versus load step
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In Fig. 3.10 the shapes of the failure envelopes for the four criteria are shown. 
These envelopes are obtained as the combinations of SERR values (GI and GII) 
that (according to the different mixed-mode criteria) cause the delamination 
growth. GIc and GIIc are, respectively, the inter-laminar fracture toughness for 
mode I and II. As already mentioned, the standard experimental tests used to eval-
uate these toughness are: DCB test for mode I [21], ENF test for mode II, and 
MMB test for mixed-mode conditions [22].

In Fig.  3.11 the “Delaminated Area versus Applied Load” curves, found 
by applying the four criteria, are shown. All the curves have been obtained by 
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applying the same displacement increment used in the tests i.e. the optimum load 
step size for FE model 3 (0.125 mm).

It can be seen that the solution given by the Linear and Exponential Hackle fail-
ure criteria are almost identical. This was expected since these two failure criteria 
are very similar. These two solutions also provide the best fit with experimental 
data while the worst solution was given by the quadratic failure criterion.

It can be seen from Fig. 3.11, the predicted load at which delamination starts 
to growth is the same for all the criteria, and the initial slope of the curve is very 
similar for all the criteria as well.

3.2.8 � Conclusions and Future Work

Within the framework of The GARTEUR AG-32 R+D project focused in finding 
robust and reliable Finite Element Model (FEM) simulation methodologies for 
damage growth, INTA has developed an in-house numerical tool able to simulate 
delamination growth. The tool uses as inputs the Nastran solver input and results 
files. It is completely automated and provides options as growth criteria selection. 
The tool has been demonstrated to be robust and moderately cheap for a computa-
tion time perspective.

The benchmark used for validation purposes is a composite stiffened panel with 
a single bay delamination, The delamination growth has been supposed limited to 
the initial interface (no ply migration has been considered).

Fig.  3.11   Comparison among applied load—delamination area curves for the different failure 
criteria (load step 0.125 mm) and experimental results
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The main conclusion of the simulation results is that they are quite promising 
and consistent with experimental results. The following main considerations can 
be done:

•	 adequate prediction of delamination growth initiation;
•	 adequate prediction of delamination growth slope;
•	 shape of the delamination very similar to the experimental one across the load-

ing process;
•	 identification of the mesh size dependency. Optimization of the results by pro-

viding specific rules to be followed when choosing the mesh size and the load 
step for the FE analysis;

•	 investigation on the influence of failure criteria used for delamination growth on 
the FE solution. Indeed the solution obtained with the Linear and Exponential 
Hackle failure criteria provides the best fit of the experimental data;

•	 good FE convergence and moderate computation times.

Therefore, it can be concluded that the feasibility of simulating the delamination 
growth process in a subcomponent structure, such as a stiffened composite panel, 
has been tested.

As future work, the investigation of the damage behaviour in other experimen-
tal benchmarks is desirable to further validate the procedure and the delamination 
growth tool. The following topics will be also investigated:

•	 delamination migration in the FE analysis;
•	 progressive failure in composites in terms of intra-laminar cracks;
•	 application of the developed methodology to panels with impact damage and 

multiple delaminations.

3.3 � Debonding Growth

INTA is currently involved in an internal R+D project focused in finding robust 
and reliable FEM simulation methodologies for bonded structures. This project 
will be carried out at various levels, up to now work done is only at coupon level: 
mode I (Double Cantilever Beam or DCB) and mode II (End Notched Flexure or 
ENF). Two types of adhesives (adhesive film and paste) have been selected, both 
widely used in aircraft designs and repairs. The work presented in this chapter cor-
responds to DCB coupons using paste adhesive Epibond 1590.

INTA has performed detailed FEM simulations of DCB coupons based in 
Cohesive Zone Methodology (CZM), a Damage Mechanics Theory accounting for 
irreversible damage at interfaces, that it is well suited to model progressive failure 
of bonded joints [10–15].

To validate CZ FEM results, DCB tests have been carried out at INTA. A quite 
detailed correlation Simulations—Tests is shown in the next sections. The results 
found seem very promising and the correlation achieved is quite accurate. Our 
goal is to further develop the methodology analysing more complicated structures, 
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and also dealing with mixed-mode problems, for which no established methodol-
ogy is still available.

3.3.1 � FE Modelling of DCB Coupons

Double Cantilever Beam (DCB) coupons are one of the most used experimental 
tests to characterize fracture toughness of composites or adhesives in mode I (ten-
sion mode): GIC. In Fig. 3.12 a scheme of a typical DCB test coupon is shown, 
basically it is composed of two identical sub-laminates, with an initial debond of 
length ao, and subjected to 2 transverse symmetrical forces F.

The standard used for this test is generally the ASTM 5528 [21], that was writ-
ten originally to characterize fracture toughness of resins for composite laminates. 
However, it can be used, as well, to characterize adhesives fracture toughness GIC.

Progressive debonding (growth) takes place in the coupon mid-plane, perpen-
dicular to the loads applied, see Fig. 3.12. During tests, the curve “Applied Force 
F—Opening displacement δ” is recorded (see Fig. 3.13), sometimes the physical 
crack length a is also monitored by optical methods. In [21] several data reduc-
tion methods approaches are recommended for calculating GIC, such as the 
Modified Beam Theory (MBT), the Compliance Calibration Method (CC), and 
the Modified Compliance Calibration (MCC) Method.

The DCB coupons tested at INTA, have been manufactured form pre-preg 
material system: AS fibre/8552 epoxy resin, with an initial debond ao of 51 mm, 
and with the adhesive paste Epibond 1590 (typically used in repairs). The average 
adhesive thickness is 0.2 mm. Additional details on dimensions, materials, manu-
facturing, and laminates lay-ups can be found in [15].

The FE model of the coupon has been prepared by using a classical software tool 
in aeronautic industry such as Patran [26] for FEM generation and post-processing, 
Mentat to model adhesive CZ elements. Marc [27, 28] has been adopted as FE solver.

Fig. 3.12   Scheme of a DCB 
Test Adhesive

a0

F

F

Sub-laminate

Sub-laminate

Adhesive

a0

F

F

Sub-laminate

Sub-laminate

Fig. 3.13   Scheme of DCB 
Test F 

F 
a 

δ



78 J.S. Millán and I. Armendáriz

Regarding the laminates two types of elements were tested: composite solids 
(Marc element type 149) taking into account the laminate stacking sequence, and 
homogenous solid elements (Marc element type 7) which require the use of one 
solid element to model each ply. Although the composite solids seems, in principle, 
preferable due to the possibility to build FE models characterised by less elements, 
considerable convergence problems were found using this type of elements, so 
homogenous solid elements were used. In Fig. 3.14 a general view of the FE model 
is presented, clearly showing that both UD and fabric plies are modelled by means 
of solid elements. Adhesive (green colour elements in Fig. 3.14) is represented by 
cohesive zone (CZ) elements (type 188 in Marc), working in mode I tension mode.

Loads are applied by using MultiPoint Constraints (MPC), RBE2 type, as shown 

in Fig. 3.15.

3.3.2 � Cohesive Zone (CZ) Elements

The basic idea of CZ can be dated in early 60s [29], Dugdale and others intro-
duced models avoiding the unrealistic infinite stresses at crack tip characteristic of 
the Stress Intensity Factors (SIF) approach.

Fig. 3.14   General view of 
DCB FEM

Fig. 3.15   DCB FEM 
boundary conditions
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In FE models, CZ elements can be considered as interface elements, the trac-
tion vector t includes one normal component (mode I), and two tangential (modes 
II and III), and its mechanical behaviour follows a phenomenological separation 
law t = f(ν), being ν the vector of nodal separations (3 components as the traction 
vector) in the CZ element. The most usual separation laws are bi-linear (used for 
fragile materials), exponential, and combined linear-exponential (see Fig.  3.16), 
these approaches are available in most FEM solvers (Marc, ANSYS, ABAQUS, 
etc.). The area enveloped by the curve corresponds to the material fracture tough-
ness GC.

The cohesive law considers a high non-linear behaviour: the first part is linear 
and reversible, but when separation in the element ν exceeds the critical value νc 
(maximum separation the elastic regime) the element is considered partially dam-
aged and the behaviour is irreversible. If the deformation in the element is high 
enough (ν = νm) the FE solver de-activates the element by eliminating its contri-
bution in transmitting forces. In such a way, the growth of debonding in the struc-
ture is simulated.

The three separation laws shown in Fig. 3.16 have been tested with the solver 
Marc, and the exponential approach was finally selected because it seems to 
be more adequate to model ductile materials and it allow an easier FE model 
convergence.

A typical inconvenient of CZ FEMs is how to account for mixed-mode analysis 
[30, 31], problems for which the CZ element support simultaneously forces and 
separations in modes I, II and III. This is not our case, adhesive in a DCB coupon 
works only in Mode I: t is the transverse force (peeling) transmitted by the ele-
ment, ν the relative transversal separation of CZ element, and GC value is GIC.

3.3.3 � Mesh Dependency

It is well know that CZ FE models are mesh dependent, or in other words CZ FEM 
results depend of the mesh size (size of the elements in the relevant direction that 
represent the adhesive in the FEM). Several researchers have worked on this topic 

Bi-linear Exponential Linear - exponential

Fig. 3.16   Separation laws for cohesive elements
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[14, 15], proposing several solutions. One of the suggested approaches consists in 
adapting the material allowables. For the application presented in this section, the 
adhesive maximum peeling stress would become function of the mesh size.

In this section a rather complex theory based on energy considerations, and tak-
ing into account the Dugdale model for transverse stresses around a crack tip in a 
plastic material [29], and CZ FEM stresses based in Irwin/Bazant model [32] is 
adopted. This theory is represented by the following equation:

being:

•	 lCZ: cohesive zone length: adhesive length that has been irreversibly damaged. It 
is the distance, along coupon longitudinal axis, between the physical front (end) 
of the adhesive, and the so-called mathematical adhesive front (position of max-
imum peeling stress in the adhesive).

•	 M: constant dependent of the CZ model used. The models most typically used 
are Hillerborg [33]: M = 1, and Rice [34]: M = 9π/32 ≈ 0.88.

•	 GIC: Adhesive fracture toughness in mode I found experimentally (see next sec-
tion): 211.7 J/m2.

•	 σo: adhesive allowable at tension (t value of CZ element curves). For Epibond 
1590 it is used a value of 54 MPa. This value has been derived from manufac-
turer test data on Single Lap Shear (SLS) coupons, using Von-Misses theory.

•	 E33: Sub-laminate elasticity modulus in transverse direction 3: 10.8 GPa.

More details of how to derive Eq. (3.6) can be found in [14, 15]. To determine an 
adequate value for the constant M a detailed DCB FE model was created using a 
mesh size of 62.5 μm, see Fig. 3.17. This FE model is not suitable for progressive 
debonding analysis (too many elements and difficulties in convergence). The non-
linear analysis is performed by applying a load able to make the first CZ adhesive 
element reaching its maximum deformation capability νm. Therefore this element 
transmits almost no stress although it has not been de-activated, i.e. still there is 
no de-bonding propagation.

(3.6)lCZ = M
E33GIC

σ 2
o

Fig. 3.17   σ3 stress (peeling) 
colour plot in the adhesive 
front (detailed DCB FE 
model) 62.5 µm

Adhesivephysical front (end)

Adhesive elements62.5 µm

Adhesivephysical front (end)

Adhesive elements
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In Fig.  3.18 the σ3 stress distribution in the CZ adhesive elements is shown. 
As it can be seen in the Figure, the cohesive zone length lCZ predicted by the FE 
model is approximately 0.68 mm, that according to formula (3.1) gives an M value 
of 0.862, very close to the Rice value [34] for M (9π/32 ≈ 0.88).

When using a FE model with a coarser mesh, the CZ length will not be accu-
rately predicted by the FEM because there are not enough elements in the adhesive 
front to capture the high stress concentration. However there is a relation between 
the CZ length calculated by the FE model l∗CZ (different from lCZ predicted by the 
detailed DCB FE model) and the maximum stress in the adhesive σ ∗

max
 [14, 15]:

So from Eq.  (3.7) the σ ∗
max

 value (allowable or maximum stress value of the CZ 
elements) can be considered a function of the CZ length predicted by the FEM 
l∗CZ. Consequently σ ∗

max
 can be considered a function of the mesh size le (element 

length along X axis) if the nesh size is chosen adequately such as le = l∗CZ/Ne 
(being Ne the number of adhesive elements in the CZ length). With such a choice 
of mesh size and maximum stress, according to Eq. (3.8), it can be expected that 
the coarser FE model will provide quite accurate results in terms of global behav-
iour. This is shown in formula (3.7), and explained in more detail in [15]. The gen-
eral recommendation for Ne is to use a value between 3 and 10.

3.3.4 � Experimental Results on DCB Coupons

In Fig. 3.19 pictures of the mode I DCB tests carried out at INTA are shown.
In Fig. 3.20, the experimental curves: load applied F (N) versus opening dis-

placement δ (mm), are shown for the 5 coupons tested: P1 to P5. As it can be seen, 
except for the coupon P2, that behaves relatively differently, the other 4 coupons 

(3.7)l∗CZ(σ
∗
max)

2 = ME33GIC

(3.8)σ ∗
max =

√

ME33GIC

Nele

Fig. 3.18   σ3 stress (peeling) 
in the adhesive elements
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show a relatively repeatable mechanical behaviour in terms of initial slope, maxi-
mum load, and negative curve slope beyond maximum load.

The reason for the P2 different behaviour can be probably found to the poor surface 
preparation or to an inadequate quality control of the bonding process. In fact adhesive 
joints mechanical properties are strongly dependent on the bonding process and the 
quality control used to prepare the coupons rather than on the specific adhesive used.

Form these curves, by using the recommended methods in [21] Modified Beam 
Theory (MBT), and Compliance Calibration method (CC) the adhesive Mode I 
Interlaminar Fracture Toughness GIC was derived (see [15] for details). The aver-
age value derived from those methods, and later to be used in FEM simulations is 
211.7 J/m2.

Fig. 3.19   Experimental tests on DCB coupon

Fig. 3.20   Experimental DCB 
curves: applied force F versus 
opening displacement δ
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3.3.5 � Correlation FE Model Simulation—Tests—DCB 
Coupons

As above mentioned, a very fine mesh FEM (mesh size 62.5 μm) was created 
only for “calibration” purposes, i.e. for the derivation of the constant M required 
to adapt the adhesive peeling allowable σo, but not for the simulation of the DCB 
coupon progressive debonding.

To this last purpose, 4 different FE models with coarser meshes were prepared. 
The element length le along X axis (longitudinal coupon axis) in the debonding 
growth zone has been set, respectively, to 2, 1, 0.5, and 0.25 mm. Details about the 
total number of elements of each FEM can be found in [15]. In Figs. 3.21 and 3.22 
the FE models with le set to 2 and 0.25 mm are shown.

As already mentioned, Marc has been used to perform static non-linear analyses, 
giving in output the stresses in the adhesive elements and node displacements. The 
adhesive fracture toughness used in the models in mode I is GIC = 211.7 J/m2, and 
the maximum transverse peeling stress σo considered for the analysis is 54 MPa. 
This so value has been derived from manufacturer test data.

In Fig.  3.23, the Applied Force versus opening displacement curve predicted 
with 3 DCB FE models (with le set to 0.25, 0.5, and 1 mm) are presented. As it can 
be seen, the predicted maximum value of the Applied Force increases with mesh 
size. This behaviour, already reported by other authors, was expected.

Fig. 3.21   FEM of mesh size 
le = 2 mm. Total FEM size 
7,480 elements

Fig. 3.22   FEM of mesh size 
le = 0.25 mm. Total FEM 
size 12,880 elements
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Therefore, another set of analyses has been carried out by adapting the allow-
able transverse peeling stress σo of the adhesive (maximum value of CZ charac-
teristic curve), as a function of the mesh size along X axis according to formulas 
(3.7) and (3.8). The analyses have been carried out by using Ne = 3 and 5 (i.e. 3 or 
5 elements in the CZ length). In Fig. 3.24 the allowable value used in CZ elements 
for peeling stress σo (MPa) in the adhesive, is shown function of the FE model 
mesh size along X axis (in mm).

In Fig. 3.25, a comparison between experimental and CZ FEM simulation “load 
applied versus opening displacement” curves is presented. For the experimental tests 
only the curves of coupons P1, P3, P4 and P5 are presented. The FE models curves 
have been obtained with the 4 different FE models above explained and Ne = 5.

As it can be seen, all experimental and numerical curves are quite similar and 
the correlation is quite accurate in terms of initial curve slope, maximum load, and 
negative curve slope beyond maximum load. It can be concluded that the proposed 
CZ FE methodology is accurate, and, in particular, that the relatively coarse FE 
model (for instance the one with mesh size of 2 mm) can be used to model pro-
gressive coupon debonding with high accuracy. Moreover, the proposed CZ meth-
odology overcomes the problem of mesh size dependence.
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Another result, not directly comparable with experiments, has been derived 
from the CZ FE models and used to verify its robust and coherent behaviour. In 
Fig.  3.26 the peeling stress σ3 is shown for the calibration FE model (very fine 
mesh, element size = 62.5 μm), and for the one with mesh size set to 0.5 mm. As 
it was already mentioned, being Ne set to 5, the maximum stress σ3 takes place at 
the 5th node. Furthermore, the CZ length predicted by the coarser model is much 
larger than the one predicted by the fine model, while the maximum stress is obvi-
ously inferior to the physical adhesive allowable for peeling stress because it was 
“adapted” to the mesh size.

It is important anyway to recall that the methodology used, makes that global 
FEM behaviour (for instance concerning the “applied load versus opening dis-
placement” curves) similar for all mesh sizes, but of course “locally” the behav-
iour is different and not representative for coarse FE models.

In Fig. 3.27, the crack length a, i.e. the distance between the force application 
point and the node in the adhesive with zero peeling stress, is shown as a function 
of the opening displacement of the DCB coupon. Three curves are shown, repre-
sentative of the behaviour of the three CZ FE models with mesh sizes set to 2, 1, 
and 0.5 mm. As it can be seen, the 3 FE models predict basically the same crack 
growth, so again global FE model behaviour is similar in all cases, and the trick 
used to avoid mesh dependence seems adequate.

Fig. 3.25   Correlation 
between experimental and CZ 
FEM “Load versus opening 
displacement” curves
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3.3.6 � Conclusions and Future Work

In this section a methodology to predict progressive debonding by means of 
Cohesive Zone (CZ) FE models has been introduced. The methodology is able 
to analyze bonded structures working in mode I (tension mode), and has been 
applied to Double Cantilever Beam DCB coupons that has been manufactured and 
tested at the Spanish research centre for aerospace (INTA).

The following considerations can be drawn:

•	 CZ FE models have been prepared by using classical software tools in the aero-
nautic industry: Patran (for the generation of most of the FEM and post-pro-
cessing), Mentat (to model adhesive CZ elements), and Marc (solver). Elements 
used are homogenous solid elements.

•	 Experimental tests were carried out at INTA on 5 DCB coupons, manufac-
tured by pre-preg method with AS fibre and 8552 epoxy resin, adhesive is paste 
Epibond 1590. For these coupons the curve “applied load—opening displace-
ment” was obtained. Based in these curves, the adhesive fracture toughness in 
mode I GIC was found to be 211.7 J/m2.

•	 A set of FE models using different mesh sizes have been used for the simula-
tions. In each FE model the adhesive allowable peeling stress has been modified 
as a function of the mesh size. It has been found that all FE models yield the 
same results, so mesh size dependency, a typical drawback of CZ FE models, 
has been easily solved.

•	 The correlation between FE simulations and test results has been found quite 
good. All the relevant parameters of load—opening displacement curve: initial 
curve slope, maximum load, and negative curve slope beyond maximum load, 
were found to be very similar in all the CZ FE simulations and comparable to 
the experimental values.

•	 Additional results, not directly comparable with experiments, has been derived 
from the CZ FE models. Indeed the local peeling stress σ3 in the cohesive 
length zone and the curve crack length function of the applied opening displace-
ment were found to be coherent with theory used to adapt adhesive allowables 

Fig. 3.27   Crack length 
versus opening displacement
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to mesh size. The curves found with the different FE models (different mesh 
sizes), were very similar, so we can be sure than the allowables adaptation 
methodology does not modify the global FEM behaviour.

The final conclusion, being the presented results quite promising, is that the 
applied methodology to simulate Progressive Failure Analysis (PFA) of bonded 
structures in mode I has been proved to be robust, computationally efficient, and 
quite accurate showing a good correlation with experimental data.

It has been shown that mesh size dependency can be compensated by adapting 
adhesive allowables. Therefore CZ FE models do not require to be very fine to get 
accurate FPA predictions.

The INTA plan for future work is to extend the proposed methodology to ana-
lyse problems in mode II (ENF coupons for instance) and mixed-mode problems 
(for which, right now, there is no established methodology). Moreover, in the 
future, the proposed methodology will be applied to analyze the progressive fail-
ure of more complex bonded structures.
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4.1 � Introduction

Composite materials are usually characterized by very extraordinary specific 
strength and stiffness properties which can be strongly affected by intra-laminar 
and inter-laminar damages [1–6]. In particular, delaminations can be strongly 
influenced by the fatigue induced material degradation which can initiate delami-
nation growth phenomena at a relatively low number of cycles gradually leading 
to the increase of the damaged area and to the reduction of the overall structural 
stiffness [7].

Historically, it was a common belief that composite materials did not suffer 
degradation phenomena under fatigue loading conditions [8]. In 1970, experimen-
tal tests on composite material with unidirectional fibers (CFRP) led to the inter-
pretation that these materials had superior fatigue properties than metallic ones, 
and that the design of the components would not have been limited by their fatigue 
performances. As a matter of facts, most of the CFRP are extremely stiff along the 
fibre direction: in such a way, the cyclic loads during the test were well below the 
damage initiation values leading to no degradation of the material performances 
even for very high cycle numbers. Indeed, for multi-directional composites, the 
damage initiation would have led to the weakening of the structure subjected to 
cyclic loading.

As a matter of facts, despite the composites have excellent fatigue performance, 
a pre-existing damage in structures can propagate under a fatigue load, leading to 
a continuous deterioration of the material, a gradual increase of the area of damage 
and a reduction of the stiffness of the overall structure, up to the final collapse.
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The wide range of applications of composite materials and the tendency to 
design structures by reducing safety factors has increased the need for the under-
standing and the development of numerical methods to study the behavior of their 
fatigue life; however, the diversity and the complexity of the mechanisms charac-
terizing the behavior of composite structures subjected to fatigue load make their 
analysis to be extremely complicated.

Commercial FE platforms usually use built in module to predict the fatigue 
behavior of structural components. However these fatigue modules, usually are 
based on linear formulations and cannot be adopted when geometrical non-line-
arity are involved in computations. This is the case of the compression induced 
delamination growth taking place as a consequence of the delamination buckling 
phenomenon which involves large displacements and rotations.

In the present chapter an algorithm is proposed which, by means of non-lin-
ear analyses, can correlate the increase of delaminated area to fatigue cycles. The 
proposed algorithm adopts Paris Law formulation based propagation criterion 
which can take into account the local damage accumulation along the delamina-
tion front.

In order to test the effectiveness of the proposed numerical approach, the 
fatigue behavior of a delaminated panel with a central hole has been simulated 
and the obtained numerical results have been compared with literature experimen-
tal results [9]. A sensitivity analysis is also introduced showing the influence of 
delamination size and position on the fatigue induced delamination growth.

4.2 � Fatigue Degradation: Linear Approach

The fatigue life may be subdivided in two different stages: crack initiation phase 
and crack growth phase [10, 11]. High-cycle fatigue loads (elevated number of 
cycles at a relatively low stress state) are more likely able to induce the crack onset 
while low-cycle fatigue loads (reduced number of cycles at a relatively high stress 
state) are critical for the crack growth phase.

To determine the fatigue life by simulations, it is necessary to predict the 
behaviour of cracks in materials and to establish if a certain component will fail. 
As a consequence of the investigation of the stress field around the crack tip, Irwin 
introduced the stress intensity factor (SIF) K for static fracture analysis [12]:

where:

•	 a is the crack length;
•	 F is the geometry factor depending on the relative crack length;
•	 σ is the applied stress;
•	 K is a parameter to identify the magnitude of the stress range that occurs near 

the apex of the crack and it is not a characteristic of the material.

(4.1)K = Fσ
√
πa
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If the stress varies between two reference values, σmin and σmax, the state of the 
stress can be characterized by the fluctuation of the stress intensity factor, defined 
as:

Fatigue crack growth models are empirical models generally based on fracture 
mechanics. In 1961, Paris et  al. [13] explained the transition between crack ini-
tiation and growth phase as a correlation between crack growth rate, defined as 
da/dN, the stress intensity factor range, ΔK, and the loading ratio, R, defined 
as the ratio between the maximum and the minimum load during the cycling 
phenomenon. Such correlation is defined as:

Since K is directly proportional to the load during the cycle, the parameter R can 
also be expressed by the ratio between the maximum and the minimum value 
assumed by the stress intensity factor:

The simple empirical equation proposed by Paris applies the Linear Elastic 
Fracture Mechanics (LEFM) to fatigue and represents the rate of crack propaga-
tion. Paris’ Law can also be expressed as:

where C and m are constants which depend on material, temperature, frequency of 
the load cycles and environment.

The fatigue rate curve is shown in Fig.  4.1 and is divided into three regions 
defined as Region I, Region II, Region III [14].

Region I represents the early development of the fatigue crack, where the 
growth rate is 10−6 mm/cycle or below. The most important feature in this region 
is the Fatigue Crack Growth (FCG) threshold, Kth. This parameter represents the 

(4.2)�K = Kmax − Kmin = F(σmax − σmin)
√
πa = F�σ

√
πa

(4.3)
da

dN
= f (�K ,R)

(4.4)R =
Kmax

Kmin

(4.5)
da

dN
= C(�K)m

Fig. 4.1   Fatigue rate curve
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Kth

Kc

da/dN=C(∆K)mlo
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onset value of the fatigue cracks propagation. For SIF ranges below the Kth, crack 
growth would not occur.

Region II is the intermediate zone where growth rates are between 10−6 and 
10−3 mm/cycle. In this region the crack growth is stable and follows a power 
equation. In this region, the results are strongly influenced by the mean stress. If 
Region II includes the dominating part of the fatigue life, the phenomenon can be 
directly estimated by integrating Paris’ law.

The last part of the chart, Region III, starts where the curve changes curvature, 
and the growth rates are equal or above 10−3 mm/cycle. This high crack growth 
rates are caused by the rapid and unstable crack propagation prior to final failure. 
In this region, the curve becomes asymptotic to the value assumed by the frac-
ture toughness, Kc, of the material. The influence of nonlinear properties cannot 
be ignored due to the presence of a large scale yielding: this leads to the need to 
adopt the non-linear fracture mechanics instead of the linear approach. The study 
of the phenomenon in this region is very complex because of the high values of 
da/dN that results in a very brief fatigue life.

4.3 � Fatigue Degradation: Non-linear Approach

The approach shown in Sect.  4.2 is based on linear formulations that cannot be 
adopted when geometrical non-linearity are involved in computations. This 
is the case of the compression induced delamination growth taking place as a 
consequence of the delamination buckling phenomenon which involves large 
displacements and rotations.

To overcome this issue, an algorithm, first proposed by Shen [9], is adopted, 
which, by means of non-linear analyses, can correlate the increase of delami-
nated area to fatigue cycles. The proposed algorithm adopts a propagation crite-
rion which is very similar to the Paris Law formulation and, based on the Energy 
Release Rate evaluation, can take into account the local damage increase along the 
delamination front.

The method estimates the cycle number at which the delamination will propa-
gate by performing a non-linear analysis for each fatigue cycle according to the 
following procedure [15], adopted for each ith fatigue cycle:

•	 the peak load of the fatigue cycle is applied on the structure, performing a 
geometrically non-linear Finite Element Analysis;

•	 the values of the Energy Release Rate at each jth node of delamination front are 
evaluated;

•	 the variation of the delaminated area due to the load cycles ΔA/ΔN is obtained 
from the following equation:

(4.6)
�Aj

�Nj

= c1

(

GIj

GIc

)c3

+ c2

(

GIIj

GIIc

)c4
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	 where c1, c2, c3, and c4 are material constants to be determined experimentally, 
ΔAj is the increase in delaminated area when the jth node on the delamination 
front is released, GIj and GIIj are respectively the fracture modes I and II Strain 
Energy Release Rate components for the jth node of the delamination front, 
ΔNj is the equivalent number of cycle at which the jth node will be released 
leading to the delaminated area variation ΔAj, GIc and GIIc are the material frac-
ture toughness for the fracture modes I and II respectively;

•	 Knowing the increase in delaminated area ΔAj associated to the releasing of the 
jth node on the delamination front, the values of ΔNj are obtained by inverting 
Eq. (4.6) for each j-th node:

•	 A damage coefficient vector D, that takes into account the effects of the fatigue 
damage during the cyclic load, is initialized for each node of the delamination 
front;

•	 The node k, which is the node among the j-th ones on the delamination front 
which minimize the value expressed in Eq. (4.4), is selected:

•	 Assuming the damage will propagate exclusively at the end of the cyclic load, 
the value ΔNk is approximated to the smallest integer greater than or equal to it. 
The damage coefficient vector Dj is updated for each node of the delamination 
front according to the following relations:

•	 The m-th node(s) with value of Dj equal or greater than 1 are released allowing 
delamination growth, and the corresponding damage coefficient is re-set to 0. 
The actual number of fatigue cycles and the total delaminated area are updated 
according to Eqs. (4.7) and (4.8) respectively:

(4.7)
�Nj =

�Aj

c1

(

GIj

GIc

)c3
+ c2

(

GIIj

GIIc

)c4

(4.8)D
(0)
j = 0

(4.9)�N
(i)
k

(

1− D
(i−1)
k

)

(4.10)
�D

(i)
j =

�N
(i)
k

�N
(i)
j

(

1− D
(i−1)
k

)

D
(i)
j = D

(i−1)
j +�D

(i)
j

(4.11)D(i)
m = 0

(4.12)N (i) = N (i−1) +�N (i)
m

(

1− D(i−1)
m

)

(4.13)A(i) = A(i−1) +�A
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The fatigue life has been simulated via non-linear analyses, which provide the dis-
tributions of GI and GII along the delamination front. These distributions are used 
to estimate the number of cycles associated with the propagation of delamination 
and the node to be released. The process is iterated until the maximum number of 
cycles is reached or until the delamination is fully propagated.

4.4 � Numerical Application: Delamination Growth  
in a Composite Panel Subjected to Fatigue Load

The algorithm has been tested over the holed delaminated panel shown in Fig. 4.2.
The thickness of the panel and the position of the delamination through the 

width are shown in Fig. 4.3.
The panel is modeled according to the geometrical description provided in 

Fig. 4.2 and to the numerical values provided in Table 4.1; moreover, the delami-
nation has been positioned at a depth t1 of 0.28 mm, as shown in Fig. 4.3.

Three different zones have been identified:

•	 The Zone I, the green one in Fig. 4.2, is the initial r2 radius circular delami-
nated area. The nodes with identical coordinates that lies on the delaminated 
interface belonging to the upper and the lower sub-laminates are let free. 

Fig. 4.2   Holed panel: zone 
and boundary conditions

50 mm
A B

D C

Fig. 4.3   Site of the 
delamination through the 
thickness

0.28 mm

3.37 mm
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Contact criteria have been defined over the interface to avoid element compen-
etration during the analysis.

•	 The Zone II, the red one in Fig. 4.2, is the r3 radius area where delamination 
is allowed. The corresponding nodes of the upper and lower sub-laminate are 
initially connected by MPC, and set free if a propagation will occur. As in Zone 
I, also in Zone II contact criteria have been defined over the interface to avoid 
compenetration of the propagated elements during the analysis.

•	 The Zone III, the blue one in Fig.  4.2, is the undamaged area. Nodes on the 
interface are merged and delamination is not allowed in this zone.

According to Fig. 4.2, the side BC of the specimen is subjected to the compres-
sive load of 28 kN, while the side AD of the specimen is clamped. The material 
adopted is a woven fabric and the panel has been modeled with first-order 3D ele-
ments. In Fig. 4.4 the numerical model is shown.

Figure 4.5 shows the local buckling of the upper sub-laminate, while in Fig. 4.6 
the values of GI and GII for a quarter of the structure are reported. The maximum 
values of the Energy Release Rate have been obtained orthogonally to the applied 
load, where the growth of the delamination is expected.

The delamination growth under fatigue load has been simulated. Figure  4.7 
compares the local buckling relative to the first and to the 287,039th cycle.

Table 4.2 reports the out of plane displacements as well as the delaminated area 
for a number of fatigue cycles allowing to qualitatively follow the delamination 
growth evolution during the fatigue analysis.

The numerical results, in terms of propagation of delaminated area as a func-
tion of fatigue cycles are in excellent agreement with the experimental data, as 
reported in Fig. 4.8.

Table 4.1   Geometrical and material data of the panel

Geometry

AB (mm) t (mm) t1 (mm) r1 (mm) r2 (mm) r3 (mm)

50 3.37 0.28 2.5 10 20

Material

E1 = 
E2 [GPa]

E3 (GPa) G12 (GPa) G23 = 
G13 (GPa)

ν12 = 
ν13 = ν23

GIc (J/m2) GIIc (J/m2)

42.5 14.5 17.4 0.85 0.22 103 456

Fig. 4.4   Numerical model
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Fig. 4.5   Local buckling

Fig. 4.6   Energy release rate 
distribution
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4.5 � Numerical Application: Sensitivity Analysis of Damage 
Propagation of a Delaminated Composite Panel Under 
Fatigue Load

In this subsection, a sensitivity analysis on delamination propagation in composite 
panels under fatigue loading conditions is presented. Fatigue analyses have been per-
formed on different panels, characterized by different delamination sizes and through 
the thickness positions, to check the growth sensitivity for a number of load levels. 
The panels’ geometry is detailed in Figs. 4.9 and 4.10 and in Tables 4.3 and 4.4.

Indeed Table  4.4 summarizes the numerical test matrix adopted for the 
sensitivity analysis.

The specimens in Table  4.4 have been numerically fatigue tested for both 
L1 (50  kN) and L2 (80  kN) peak loads. The load has been applied according 
to Fig.  4.9. The numerical model used for the sensitivity analysis is shown in 
Fig. 4.11.

Table 4.5 shows the results in terms of delamination growth obtained for the L1 
peak load. The number of cycle and the extension of the delaminated area are also 
reported.

The results in Table 4.5 shows the dependence of the fatigue life of the panel 
on the depth of the initial delamination and its radius. Actually, an increase of the 
initial delamination size or depth reduces dramatically the fatigue life of the speci-
men. Indeed, the panel configuration D1T2 (small deep delamination) seems to be 

Fig. 4.8   Number of cycle 
as a function of delaminated 
area: comparison between 
numerical and experimental 
data
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Table 4.3   Geometrical parameters and material properties

Panels’ fixed geometrical parameters

Length (mm) Height (mm) Thickness (mm)

150 80 5.6

Panels’ variable geometrical parameters

D1 (mm) D2 (mm) D3 (mm) T1 (mm) T2 (mm) L1 (kN) L2 (kN)

15 20 25 0.35 0.7 50 80

Material properties

E1 [GPa] E3 = E2 (GPa) G12 = G23 =  
G13 (GPa)

ν12 = ν13 = 
ν23

GIc (J/m2) GIIc (J/m2)

130.05 11.5 6 0.22 180 500

Table 4.4   Panels defined as combination of the parameters and adopted for the sensitivity analysis

D1–R = 15 mm D2–R = 20 mm D3–R = 25 mm

T1–t1 = 0.35 mm D1T1 D2T1 D3T1

T2–t1 = 0.7 mm D1T2 D2T2 D3T2

Fig. 4.11   Numerical model 
adopted for the sensitivity 
analysis
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Fig. 4.10   Delamination sizes and positions considered for the sensitivity analysis
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the best combination in terms of fatigue resistance, while the panel configuration 
D3T1 (large superficial delamination) shows a fast delamination growth in the first 
cycles of the fatigue analysis.

Similar considerations can be done analyzing the results obtained for the L2 
peak load; such results are reported in Table 4.6. As in the previous case, the panel 

Table 4.5   Results of the sensitivity analysis with the L1 applied peak load

L1 T1 T2

D1

Cycle number = 655,501
ΔA = 31.72 mm2

Cycle number = ∞
ΔA = 0 mm2

D2

Cycle number = 648,701
ΔA = 345.39 mm2

Cycle number = 6,231,513
ΔA = 7.66 mm2

D3 The combination of the parameters D3 and 
T1 strongly reduces the stiffness of the panel 
in so far as the delamination is fully propa-
gated in the first cycle

Cycle number = 356,199
ΔA = 504.83 mm2
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configuration D3T1 shows a better fatigue resistance if compared to the panel con-
figuration D1T2.

In Fig. 4.12 the Number of Cycle as a function of Delaminated Area is reported 
for the L1 peak load. The results show, as expected, a relation between the stiff-
ness of the panel and the fatigue life.

Table 4.6   Results of the sensitivity analysis with the L2 applied peak load

L2 T1 T2

D1

Cycle number = 754
ΔA = 850.98 mm2

Cycle number = 81,221
ΔA = 966.79 mm2

D2

Cycle number = 207
ΔA = 770.24 mm2

Cycle number = 122
ΔA = 613.77 mm2

D3 The combination of the parameters D3 and 
T1 strongly reduces the stiffness of the panel 
in so far as the delamination is fully propa-
gated in the first cycle

Cycle number = 24
ΔA = 471.10 mm2
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A similar trend can be observed in Fig. 4.13, which shows the Number of Cycle 
as a function of Delaminated Area considering the applied L1 peak load.

Finally, Figs.  4.14 and 4.15 correlate the number of cycles needed for the 
delamination full propagation to the initial delamination radius, respectively for a 
delamination depth of T1 and T2 (at the L2 applied peak load).

Fig. 4.12   Number of 
cycle as a function of the 
delaminated area considering 
the L1 applied peak load
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4.6 � Conclusions

In the present chapter an algorithm is proposed which, by means of non-linear 
analyses, can correlate the increase of delaminated area to fatigue cycles. The pro-
posed algorithm adopts Paris Law formulation based propagation criterion which 
can take into account the local damage accumulation along the delamination front.

The effectiveness of the proposed numerical approach in predicting the fatigue 
behavior of delaminated panels has been verified by comparison with literature 
experimental data [9]. A sensitivity analysis has been also performed to investigate 
the influence of delamination size and position on the fatigue induced delamina-
tion growth. The relation between delamination radius/depth and fatigue resistance 
has been quantified for plane delaminated panels. Actually, it has been verified 
that an increase of the initial delamination size or depth can reduce dramatically 
the fatigue life of the specimen. Indeed, panel configurations with small deep 
delamination seem to be the best combination in terms of fatigue resistance, while 
panel configurations with large superficial delaminations show a fast delamination 
growth in the first cycles of the fatigue analysis.
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5.1 � Introduction

Composite laminate materials offer very interesting alternative solutions to metallic 
materials due to their better specific properties in numerous industrial applications 
and aerospace structures. Nevertheless, the design of composite structures is nowa-
days limited by the lack of knowledge of the damage behavior of composite mate-
rials. In the specific case of Carbon Fiber Reinforced Plastic (CFRP) laminates, it 
is well known that transverse matrix cracks and delamination cracks can appear 
early during tensile tests. It is thus necessary to propose a model that permits to 
predict the initiation of damage and its evolution.

Concerning delamination cracks (interlaminar damage), this kind of damage 
mechanism in laminated composite structures is often investigated using cohesive 
zone models, firstly proposed by Dugdale [29] and Barenblatt [11]. These models 
have the capabilities to describe the onset of a crack and its propagation even in 
the presence of non-linear behaviors (geometric or material). Several cohesive 
zone models have been developed to predict delamination in CFRP laminates [3–5, 
24, 25, 68] with softening laws presenting different shapes. Whatever the model, 
two parameters are commonly used: the interlaminar strength, τ0, and the critical 
energy release rate, also called the fracture toughness, Gc. Recent works about the 
characterization of the interfacial properties have demonstrated (i) the reinforcement 
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of the interfacial strengths under out-of-plane compression/shearing loadings and 
(ii) the influence of the mixed-mode ratio of the solicitation on the interfacial frac-
ture toughness [12, 31, 60, 63, 73] and on the interfacial strength [18].

Even if in-ply matrix damage (intralaminar damage) is not a catastrophic failure 
mode for laminated composite structures contrary to delamination, the prediction 
of the macroscopic behavior or of the failure of composite laminates requires to 
take into account this damage mechanism [33]. Two kinds of approach have been 
developed during the last years to simulate the damage evolution (i.e. the onset of 
damage and its evolution). The first one is based on micromechanics models and 
permits to identify the relevant parameters required to finely describe the evolu-
tion of the transverse crack density in composite laminates (see Berthelot [13] for a 
review). This type of approach takes into account the reality of the damage pattern 
in order to explain the influence of the ply thickness or of the local delamination 
crack present at the tips of the transverse matrix cracks on the matrix crack density 
evolution (Fig. 5.1). The second approach is based on continuum damage mechan-
ics [15, 44, 47, 66], which is more adapted to structure computation than micro-
mechanics approaches. Nevertheless, the damage variables used in these models 
correspond to the degradation of the elastic parameters and are not necessarily 
correlated to the observed damage (transverse cracks, delamination crack, etc.). 
Moreover they do not take into account the influence of the ply thickness. Several 
models have thus been developed recently in order to propose a damage constitu-
tive law at the ply level including the discrete aspect of damage and the interaction 
between local delamination and transverse cracking [35, 45, 67].

In composite structures subjected to various loadings such as tensile tests on 
open-hole plates or low velocity impact tests on laminates, for instance, intrala-
minar and interlaminar damage are both involved. It is thus interesting to study 
the influence of the transverse matrix cracks and of the associated local delamina-
tion cracks on the interlaminar damage. Wisnom and Hallett [74] explain that the 
final failure of open-hole plates presenting different stacking sequences is due to 
delamination and to the interaction between intralaminar and interlaminar damage. 
Guinard et  al. [32] simulate the delamination induced by low-velocity impacts, 
taking into account the influence of the damage of each neighboring ply on the 

Fig. 5.1   Local delamination 
crack observed at the tip of 
the transverse matrix crack in 
a cross-ply laminate (detail 
of the crack deviation in the 
inset)
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interface under consideration. Ladevèze et al. [45] demonstrate by virtual testing 
that the behavior of the interface in mesomodel approaches is influenced by the 
damage in the adjacent plies.

The aim of this chapter is to experimentally demonstrate the influence of the 
intralaminar damage on the delamination evolution and to propose a model taking 
into account such a coupling. Section  5.2 will focus on experimental evidences 
which to demonstrate the influence of matrix cracking on the onset and on the 
propagation of the delamination cracks. Section  5.3 will propose a mesomodel 
approach taking into account this coupling. This model will be applied to a struc-
tural application in Sect. 5.4 in order to emphasize its contribution for the predic-
tion of damage in laminated composites.

5.2 � Influence of Intralaminar Damage on the Interlaminar 
Damage Evolution

5.2.1 � Influence of Intralaminar Damage on Delamination 
Crack Onset

As mentioned in Sect. 5.1, local delamination cracks are usually observed [36] at 
the tips of transverse cracks in laminates (Fig. 5.1). This local delamination tends 
to weaken the considered interface and can lead to premature failure, due to mac-
roscopic delamination, of composite laminated structures such as L-angle speci-
mens. The objective of the present section is thus to demonstrate experimentally 
the influence of the intralaminar damages (i.e. transverse cracks and the associated 
local delamination cracks) on the onset of macroscopic delamination, and espe-
cially on the out-of-plane tensile strength.

5.2.1.1 � Identification of the Intrinsic Out-of-Plane Tensile Strength

Different experimental tests can be found in the Ref. [53] to identify the out-of-plane 
tensile strength of unidirectional plies. Among these tests, the four-point bending test 
on L-angle specimens, proposed initially by Jackson and Ifju [38], presents a very 
interesting ratio between the complexity of the experimental part (manufacturing of 
the specimen and experimental setup) and the difficulties associated with the analy-
sis of such a test (through analytical solutions [50] or finite element simulations). For 
these reasons, the four-point bending test on L-angle specimens has been normalized 
[9] and is currently used in design offices. The principle of such a test is illustrated in 
Fig. 5.2a. The two cylindrical support bars are fixed and the applied loading is imposed 
through the two cylindrical loading bars. This loading induces a bending moment at the 
curved section level, thus leading to unfold the L-angle specimen. In the case of accu-
rately designed L-angle specimens, the observed delamination is only due to the out-
of-plane tensile stress generated in the curved section, thus allowing the identification 
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of the out-of-plane tensile strength. For all the tested specimens, the propagation of the 
macroscopic delamination is instantaneous and instable, leading to the final failure of 
the specimens. This point has also been demonstrated numerically [19]. The character-
istic dimensions of a L-angle specimen, also reported in Fig. 5.2a, are the total length of 
one leg (L), the width of the specimen (w), the total thickness (t), the internal radius of 
the corner (Ri) and the angle between the two legs (α). Moreover, the cylindrical bars 
of the four-point bending experimental device are defined by their radius (Rr) and the 
distances between the cylindrical loading bars (X1) and between the cylindrical support 
bars (X2). The orientation of the 0° plies in the L-angle specimens is also reported in 
Fig. 5.2a. The most critical parameters in the design of such a test, performed through 
finite element simulations, are the distances between the loading bars (X1) and the sup-
port bars (X2). In the present case, these geometrical parameters permit to minimize (i) 
the out-of-plane shear stress in the radius and in the legs and (ii) the local tensile loading 
in the inner radius, due to the applied bending, and to avoid transverse cracks initiation 
prior to macroscopic delamination.

The experimental test campaign has been performed in the framework of the 
STRENGTH project, under financial support of DGAC and Airbus manage-
ment. The specimens have been manufactured from T700GC/M21 UD prepreg 
plies with a weight area of 268 g/m2. Two different stacking sequences have been 
considered to identify the out-of-plane tensile strength (Zt): (i) a thin quasi-iso-
tropic [45/0/− 45/90]s laminate (8 plies) and (ii) an intermediate disoriented 
[452/0/− 452/90/45/0/− 45/90]s laminate (20 plies). Each test is repeated 
three times in order to estimate the scattering.

The experimental device, developed at Onera, for the four-point bending test 
on L-angle specimens and the associated measurement techniques are reported in 
Fig. 5.2b. An electro-mechanical Schenk machine (150 kN maximum capacity) is 
used. The tests are performed in the machine controlled displacement mode and 
a constant displacement rate is imposed: 0.1  mm/min. The cylindrical bars are 
machined in steel and can rotate on ball bearings in order to minimize friction 
and thus to simplify the analysis with FE simulations. Different measurement 
techniques have been used to improve the understanding of the involved physical 
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Fig. 5.2   a Principle of the four-point bending test on an L-angle specimen and b experimental 
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mechanisms and to obtain global and local informations: (i) LVDT sensor for 
measuring the evolution of the maximum deflection of the L-angle specimen, 
(ii) acoustic emission for the detection of damage events during loading, (iii) 3D 
Digital Images Correlation (DIC) on one free-edge of the specimen with black and 
white paint speckle for tracking the global displacement of the specimen and to 
obtain an estimate of the in-plane and out-of-plane strains and (iv) pictures taken 
on the other free-edge which has been properly polished in order to visualize the 
evolution of the intralaminar damages during the test.

The tests have been analyzed through finite element simulations in order to estimate 
correctly the stress field in the curved section at the failure load and to determine thus 
the out-of-plane tensile strength. The meshes of the studied L-angle specimens are per-
formed using one volume linear element in the thickness of the ply. The element size 
is small in the curved section and under the cylindrical bars and increases in the legs to 
reduce the time of computation, as illustrated in Fig. 5.3a.

The boundary conditions are also reported in Fig.  5.3a. Half the loading and 
support bars device is meshed with volume linear elements. The displacement Uy 
is imposed on the upper faces of the cylindrical loading bars, while the displace-
ment Uy of lower faces of the cylindrical support bars is fixed. Moreover, three 
nodes have specific conditions in order to avoid rigid body displacements of the 
specimen. Finally, the contact between the cylindrical bars and the specimen is 
taken into account while friction is assumed to be zero because of the ball bearings 
introduced in the experimental device. The behavior of the UD plies prior to final 
failure due to delamination is assumed linear elastic. This assumption is relevant 
in the present case since the in-plane and out-of-plane stresses remain rather low 
at the failure load. Moreover, no acoustic event is recorded prior to the first macro-
scopic delamination which confirms the absence of transverse crack before failure. 
Therefore, the elastic properties of the T700GC/M21 UD plies used in the present 
study are reported in Table  5.1. The steel cylindrical bars are assumed isotropic 
linear elastic with the following properties E = 210 GPa and ν = 0.3.

Uy=0

(rigid body)

(a)
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U y imposed

Ux=0
(rigid body)
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(rigid body)

U y imposed
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Fig. 5.3   a Mesh and boundary conditions of finite element simulations for four-point bending 
tests on L-angle specimens, and b comparison between the predicted out-of-plane stress field and 
the delamination pattern of a thin quasi-isotropic L-angle specimen
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Using finite element simulations, it is possible to determine by inverse iden-
tification the out-of-plane tensile strength which is assumed to be equal to the 
maximum out-of-plane tensile stress (in plane z = 0 in Fig. 5.3a, i.e. far from the 
free-edges) at the experimental failure load. As illustrated in Fig. 5.3b, for all the 
considered specimens, the maximum out-of-plane tensile stress is maximal at 
the observed failed interface which permits to validate the present identification 
procedure. The identified out-of-plane tensile strength is equal to Zt = 51MPa 
with a standard deviation on the six considered tests equal to 6.1 %. It is impor-
tant to note that the out-of-plane tensile strength seems to be independent of the 
considered stacking sequences and of the total thickness of the specimen when 
no transverse cracking is observed prior to delamination. This point has already 
been demonstrated experimentally [18, 19] using the same carbon/epoxy mate-
rial for many other stacking sequences and other total thicknesses (from 16 plies 
to 48 plies). The determined out-of-plane tensile strength seems to be an intrin-
sic material property which can be used in a cohesive zone model, as presented 
in Sect. 5.3.1.

Table 5.1   Material properties of the T700GC/M21 ply for the intralaminar damage constitutive 
law and for the cohesive zone model proposed in the present study

aThe other components of the damage effect tensors are zero

Type of parameters Material properties

Elastic properties E11 (GPa) 110.0 ν12 (−) 0.31

E22 (GPa) 8.0 G12 (GPa) 8.2

ν23 (−) 0.40

In-plane interfiber criterion (Eq. 5.25) Yt (MPa) 70.0 S12 (MPa) 81.0

S23 (MPa) 90.0

Effect of transverse cracksa (Eq. 5.21) Ha
22

/

So
22
(−) 0.67 Ha

66

/

So
66
(−) 0.92

Hb
22

/

So
22
(−) 0.92 Hb

66

/

So
66
(−) 1.80

Hc
22

/

So
22
(−) 2.51 Hc

66

/

So
66
(−) 0.58

Hd
22

/

So
22
(−) 4.43 Hd

66

/

So
66
(−) 5.69

Matrix cracking evolution law (Eq. 5.22) αI (−) 2.50 αII (−) 0.60

αIII (−) 0.60 n (−) 1

ah (−) 0.37 bh (mm−1) 0.04

Matrix cracking threshold (Eq. 5.24) yoEI  (MPa) 0.27 yoEII  (MPa) 0.70

yoEIII  (MPa) 0.70

Delay effect (Eq. 5.29) τc (s) 80

CZM stiffness (Eq. 5.6) K (MPa 
mm−1)

106 αc (−) 103

Out-of-plane stress criterion (Eq. 5.8) Zt (MPa) 51.0 S13, S23 (MPa) 90.0

Evolution of the fracture toughness 
(Eq. 5.17)

GIc (J m−2) 340.0 GIIc,GIIIc (J 
m−2)

1,390.0

κ (−) 7.4 γ (−) 3.1

η (−) 1.6
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5.2.1.2 � Determination of the Influence of Intralaminar Damages  
on the Onset of Delamination

In the present section, the objective consists in creating transverse cracks in the 
L-angle specimens prior to final delamination in order to study the coupling exist-
ing between the intralaminar damages and the out-of-plane tensile strength. In 
order to fulfill this objective, two modifications, as compared to the previous sec-
tion, have been performed. Firstly, by increasing the distances between the cylin-
drical bars, it is possible to enhance the local tensile loading in the lower part 
of the curved section which permits to generate transverse cracks in these plies 
prior to final delamination. Secondly, disoriented stacking sequences, contain-
ing many 90° and ±45° plies, have been chosen in order to generate more easily 
transverse cracks in the lower plies prior to rupture. Considering other stacking 
sequences than those described previously remains relevant in the present study 
because the out-of-plane tensile strength seems to be independent of the consid-
ered lay-up. Two different lay-ups containing 20 plies have been chosen and the 
stacking sequences are [90/45/902/−45/0/45/902/−45]s (noted 10/40/50 laminate) 
and [452/90/−452/0/45/90/−45/0]s (noted 20/60/20 laminate). For these two stack-
ing sequences, two different distances between the cylindrical bars, determined 
through FE simulations, have been considered in order to generate different trans-
verse crack densities just prior to delamination. This point is essential in order to 
identify and validate a model taking into account the coupling between the inter-
laminar and intralaminar damages in laminated composite structures. For each 
configuration, the test is repeated three times in order to estimate the scattering. 
The same experimental device and associated instrumentation as described previ-
ously have been used for all tests.

The onset and the evolution of the transverse crack density in the disoriented 
L-angle specimens during the tests have been monitored by different techniques 
in order to improve the confidence into the measurements. By monitoring the evo-
lution of the cumulative energy, the acoustic emission permits both to detect the 
onset of intralaminar damages within the structure and to estimate the evolution 
of the crack density as reported in Fig. 5.4a. This technique permits to detect all 
the damage events within the structure but does not permit (i) to discriminate a 
transverse crack from a delamination crack and (ii) to localize the induced defects 
(only one sensor has been used in the present test campaign).

As a complement to the acoustic emission, analysis of pictures taken on one 
polished free-edge has been performed in order to distinguish the different damage 
mechanisms and to determine their locations. Practically, the applied displacement 
being maintained, some pictures are taken with a 12 bits CCD camera associated 
with a microscope with different objectives (×2.5 or ×5). This camera is fixed 
on micrometer tables thus allowing to take pictures of the different parts of the 
specimen edge (as reported in Fig.  5.4b). Then, these pictures are assembled to 
obtain a micrograph of the whole area of interest of the specimen as illustrated in 
Fig. 5.4b. Finally, the number of cracks is determined in each ply for the different 
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load levels until the final failure which is attributed to macroscopic delamination. 
The pictures being taken while the structure is subjected to a bending loading, the 
transverse cracks are thus opened thereby permitting to detect them more easily. 
Moreover, local delamination cracks are clearly observed at the tips of the trans-
verse cracks located in the lower plies such as the lowest double 90° plies for the 
10/40/50 specimen presented in Fig. 5.4b. It is also worth mentioning that the pic-
tures have been taken as a function of the monitored acoustic events to optimize 
the monitoring of such a test. Finally, the evolution of the crack density has been 
compared successfully with the discontinuities observed in the cumulative energy 
recorded by acoustic emission for the different tested configurations, as presented 
in Fig. 5.4b for a 10/40/50 specimen.

Moreover, the analysis of the strain fields measured by stereo-digital images cor-
relation can also permit to detect mesoscopic intralaminar cracks in the structure 
as proposed in [48]. Indeed, when transverse cracks are initiated during loading, 
a discontinuity is induced in the displacement field and the cracks can be detected 
using the strain obtained through derivation of the displacement field. The evolu-
tion of the crack density can thus be automatically measured and has been suc-
cessfully compared with the other measurement techniques permitting to improve 
the confidence in the available experimental data. It can be noted that for the four 
considered cases (two different geometrical configurations for two different stack-
ing sequences), the measured transverse crack densities just prior to final failure 
are notably different which should permit to identify the inter/intralaminar damage 
coupling parameters of a damage model as the one described in Sect. 5.3.3.

For the considered damaged L-angle specimens, the observed failure pattern 
is drastically different from that observed on specimens in which no transverse 
cracking is observed prior to delamination. Indeed, as presented in Fig.  5.5a, 
for a 20/60/20 specimen containing no intralaminar damage prior to final failure 
(stacking sequence presented in Sect. 5.2.1.1), only the mostly loaded interface, 
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located at the mid-thickness of the specimen, failed and led to the final failure of 
the specimen. Nevertheless, in the present disoriented laminate (in which the posi-
tions of the 0° plies have been permuted with those of the 90° plies as compared to 
the previous lay-up), two main delamination cracks are observed in Fig. 5.5b. The 
mostly loaded interface still failed but a delamination crack is also observed in 
the interface between the damaged 45° and 90° plies located near the inner radius. 
A clear interaction is observed between the transverse cracks in the lowest 90° 
ply and the delamination crack. The local delamination cracks at the tips of the 
transverse cracks weaken the interface located between the intralaminar damaged 
plies and lead to the premature failure of the specimens while the applied out-of-
plane stress at this interface remains markedly lower than the out-of-plane tensile 
strength. The same failure pattern, consisting in several delamination cracks in the 
interfaces between the damaged plies located near the inner radius, is observed on 
the other tested stacking sequences and the interaction between the different dam-
age mechanisms is also visible.

Therefore, it has been demonstrated, in this section, that the failure patterns 
of L-angle specimens are modified due to the presence of intralaminar damages 
(especially due to the local delamination cracks located at the tips of the trans-
verse cracks). In the present study, these experimental evidences suggest that it is 
essential to introduce coupling between the onset of delamination and intralaminar 
damages.

5.2.2 � Influence of Intralaminar Damage on Delamination 
Crack Propagation

It is generally admitted that delamination must be characterized by an onset crite-
rion and a propagation criterion. The propagation criterion represents the evolution 
of the fracture toughness, i.e. the energy release rate needed to propagate a crack at 

20/60/20 laminate
[452/0/-452/90/45/0/-45/90]s

without intralaminar damage

20/60/20laminate
[452/90/-452/0/45/90/-45/0]s

with intralaminar damage

Delamination

(a) (b)

DelaminationTrans. cracks
Delamination

DelaminationTrans.cracks

Fig.  5.5   a Failure pattern of the disoriented 20/60/20 specimen without intralaminar damage 
prior to delamination, and b failure pattern of the disoriented 20/60/20 specimen with intralami-
nar damage prior to delamination
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the interface, as a function of the mixed-mode ratio often defined as GII/(GI + GII ) 
with GI (resp. GII) the energy release rate for mode I (resp. mode II). The char-
acterization of the propagation criterion is based on many fracture tests such as 
the double-cantilever beam (DCB) and the end-notched flexure (ENF) tests for 
toughness in modes I and II [7, 14, 27, 28, 54, 64, 65]. As a mixed-mode is more 
likely to occur in structures subjected to in service loadings, several experiments 
have been developed such as the mixed-mode flexure (MMF) test and the mixed-
mode bending (MMB) test allowing a mixed-mode characterization. The MMB test 
is the most commonly used because it allows investigating all mixed-mode ratios 
between modes I and II [7, 21, 26, 55, 56, 61, 62]. However, these tests are clas-
sically performed on unidirectional (UD) [0◦]n laminates whereas most composite 
structures subjected to complex loadings involve multidirectional (MD) laminates 
where delamination fracture mainly occurs in the interfaces between the differ-
ently oriented plies. Therefore an increasing amount of researches is devoted to the 
evaluation of the fracture toughness of MD laminate interfaces [6, 20, 26, 55, 56, 
59, 60]. However, one of the major problems in testing those MD specimens is the 
presence of intralaminar damage. Indeed, with the commonly used fracture tests, 
this kind of damage is difficult to quantify and its influence on the characteriza-
tion of the energy release rate during delamination crack growth is also difficult. 
However this coupling between intralaminar damage and delamination is crucial 
in order to describe the damage scenario of composite materials in structures. 
Consequently, a new fracture test, adapted to MD laminate interfaces, has been pro-
posed recently [71]: the Tensile Flexure test on Notched Specimen (TFNS test).

5.2.2.1 � The Tensile Flexure Test on Notched Specimen

Description of the Experimental Procedure

In order to characterize the propagation of delamination in ±θ◦ plies of unidirec-
tional continuous fiber laminates, a new experimental procedure, based on fracture 
mechanics, has been proposed. The aim of this new test, called Tensile Flexure 
test on Notched Specimen (TFNS test), is to determine the fracture toughness of 
a 0◦/θ◦ interface. In order to study the delamination of the 0◦/θ◦ interface, the 
most appropriate staking sequence is [0n/± θm]s. This test procedure is divided 
into three steps (Fig. 5.6).

In the first step, a notch is machined in the top 0° plies of the laminate in the 
middle of the specimen in order to introduce a local tensile/bending coupling in 
the laminate behavior.

The second step is devoted to the specimen preparation (i.e. the initia-
tion of the delamination crack). The tensile loading is applied in a displace-
ment controlled mode for the sake of crack propagation stability. The tensile 
loading leads to the initiation of a transverse crack under the notch through the 
±θ◦ plies. This transverse crack finally reaches the last 0◦/θ◦ interface, leading to 
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local delamination through crack deflection in this interface. Once the local delam-
ination has occurred in the 0◦/θ◦ interface, the specimen is unloaded.

After these two steps, the third step concerns the propagation of the delami-
nation crack front initiated in the 0◦/θ◦ interface on both sides of the transverse 
crack. The propagation of delamination is thus investigated through a second ten-
sile test. The load, the displacement and the delamination lengths are recorded in 
order to calculate the fracture toughness. It is worth mentioning that, contrary to 
other fracture mechanics tests, the delamination occurs without the presence of a 
Teflon® insert as in the test proposed by O’Brien [52]. However, with the TFNS 
test, the delamination crack is not created by free edge effects (as in [52]), the con-
trol of which is very difficult, but results from the deviation of the transverse crack 
from the θ◦ ply into the 0◦/θ◦ interface.

Description of the Experimental Device

The TFNS test was performed on an electromechanical testing machine, equipped 
with a 150 kN load cell, operating in a displacement controlled mode. A digital 
video microscope is used to observe the damage state at the ply scale (mesoscopic 
scale) and at the fiber/matrix scale (microscopic scale). This microscope, which 
is fixed on micrometric displacement tables (Fig.  5.7), allows the measurement 
of the length of the delamination crack. Numerous displacement plateaus are 
imposed (every 0.04 mm) thus allowing an accurate observation of the propaga-
tion of the delamination crack under loading. The displacement, applied to the 
specimen, is determined by the variation of the length of the specimen measured 
during the test at each displacement plateau.

The T700GC/M21 laminate has been chosen because it is a 3rd generation car-
bon/epoxy material which exhibits a high fracture toughness and experimental 
results obtained using other experimental devices are available in the literature [60].

The length of the coupon is 100 mm whereas its width is 12 mm. The thick-
ness of the coupon and the notch depth in the middle of the specimen depend on 
the stacking sequence of the laminate. For instance, in a [0n/90m]s specimen, the 

Fig. 5.6   Experimental 
procedure of the tensile 
flexure test on notched 
specimen

1 2 3

1 A notch is machined

2
Tensile test is performed on 
the notched coupon in order 
to create a transverse crack

3
The delamination, initiated 
by the transverse crack, 
propagates
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notch depth must be superior to the thickness of the 0° plies since it is essential to 
avoid that the crack initiates and propagates in the top 0° plies but propagates as a 
transverse crack in the 90° plies and thus attains the other 0°/90° interface in order 
to deviate in this interface, thus leading to delamination.

Experimental Observations

The evolutions of stress and of crack length versus the imposed displacement for 
several coupons demonstrate the good reproducibility of the TFNS, as shown in 
Fig.  5.8 for four [02/902]s T700GC/M21 carbon/epoxy specimens. Moreover, 
the crack growth is stable, without any damage in the plies, as long as the 
delamination length is short enough (i.e. 1/3 of the total length of the specimen). 

Fig.  5.7   Experimental device: a the digital camera fixed on the displacement tables, and b 
micrograph of the sample (inset) during testing provided by the microscopic head of the digital 
camera

Fig. 5.8   a Stress versus imposed displacement, and b crack length versus imposed displacement 
for several TFNS tests on [02/902]s T700GC/M21 carbon/epoxy laminates
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Besides,  the delamination crack consists in two cracks propagating with a quasi-
symmetrical behavior. It is worth mentioning that the stress-displacement curve is 
not linear. This behavior is due to the presence of the notch which leads to bending 
of the specimen under tensile loading.

Identification of the Interface Toughness in a T700GC/M21 Carbon/Epoxy 
Laminate

From five TFNS tests on [02/902]s specimens and two tests on [03/45/−45]s speci-
mens of T700GC/M21 carbon/epoxy laminate, fracture toughness identification 
was performed using the Modified Virtual Crack Closure Technique (MVCCT) 
method [43], based on the Linear Elastic Fracture Mechanics. Due to bending of 
the laminate observed during the tensile test, the calculation assumption of large 
displacements is made. Using the applied load or the applied displacement meas-
ured during the experiment and the measured delamination lengths, it is possible 
to simulate the experimental conditions and to use this technique to identify the 
fracture toughness. The application of the MVCCT method on the TFNS test indi-
cates a mixed-mode ratio GII/(GI + GII ) evolving with the crack growth.

The results presented in Fig. 5.9 show (i) that the mixed mode evolves from 15 
to 35 % of mode II with the [02/902]s specimen and from 35 to 45 % of mode II 
with the [03/45/−45]s specimen and (ii) that the fracture toughness increases as 
a function of the mixed-mode ratio which increases to 1 (mode II). It should be 
noted that such results are in good agreement with those reported in Refs. [12, 59]. 
Moreover, it is worth mentioning that contrary to other tests, the mixed-mode ratio 
changes. Therefore, the TFNS test permits to obtain, with only one test, the evolu-
tion of the fracture toughness of MD laminate interfaces as a function of the mixed 
mode ratio. The propagation criterion (Eq. 5.17) can be identified using these data 
(Fig. 5.9).

Fig. 5.9   Identification of a 
propagation law (Eq. 5.17) 
based on the fracture 
toughness identified by 
MVCCT from the TFNS tests
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5.2.2.2 � Demonstration of the Influence of Intralaminar Damage  
on the Interfacial Fracture Toughness

The influence of intralaminar damage on the onset of delamination has been 
proved in Sect. 5.2.1.2. It seems obvious that the value of the fracture toughness 
of the interface is also influenced by the intralaminar damage (transverse matrix 
cracking, local delamination) but its identification remains difficult.

Adding a new step at the beginning of the experimental procedure of the TFNS 
test, it is possible to study the intralaminar damage effect on the propagation of the 
delamination crack. Indeed, using a tensile test on the laminated specimen without 
notch, several transverse cracks are created in the θ◦ plies. The initial experimental 
procedure is then followed as shown in Fig. 5.10.

It is important to note that the transverse crack density does not change dur-
ing the tensile test on the notched specimen. Besides, it is possible to observe the 
influence of the transverse crack density on the propagation of the delamination 
crack in the 0°/90° interface. Moreover, it is worth mentioning that the experimen-
tal device used during the test permits to evaluate, for each displacement plateau, 
the length of the delamination crack, the number of transverse cracks in the speci-
men and the length of the local delamination cracks present at the tips of the trans-
verse cracks.

As shown in Fig. 5.11 for several stacking sequences, the transverse cracking 
rate (i.e. the number of transverse cracks from one unit of length) and the aver-
age length of the local delamination depend on the level of the applied stress dur-
ing the first tensile test. In order to obtain a good compromise, during the TFNS 
test, between the number of transverse cracks and the length of local delamination 
cracks, the stacking sequence [02/902]s has been chosen.

In order to identify the influence of the level of intralaminar damage on the 
propagation of the delamination crack, five damage states have been studied. The 
comparison of the curves representing the evolution of the applied stress as a func-
tion of strain shows that the initial slope can not be associated with the different 
levels of intralaminar damage under consideration. Nevertheless, when the dam-
age level increases, the rigidity seems to decrease sooner (Fig. 5.12a). Moreover, 
the evolution of the normalized crack length versus strain clearly shows that the 

Fig. 5.10   Experimental 
procedure of the tensile 
flexure test on notched 
specimen for studying the 
influence of intralaminar 
damage on the propagation of 
delamination

42 3
2 A notch is machined

3
Tensile test is performed on 
the notched coupon in order 
to create a transverse crack

4
The delamination, initiated 
by the transverse crack, 
propagates

1

1

Tensile test is performed in 
order to damage the    plies 
(transverse cracking and 
local delamination)



1215  Influence of Intralaminar Damage on the Delamination …

propagation of the delamination crack occurs earlier when the intralaminar dam-
age level increases (Fig. 5.12b). Nevertheless, due to the fact that the experimental 
curves, obtained with intralaminar damage, are included into the dispersion of the 
experimental curves without intralaminar damage, the identification of the fracture 
toughness as a function of the intralaminar damage level is not possible.

However, according to numerical simulations of the TFNS test, the effect of the 
intralaminar damage level on the fracture toughness seems to be realistic. Indeed, 
the more the fracture toughness of the cohesive zone model (described in Sect. 
5.3.1 and used to describe the propagation of the delamination crack at the 0°/90° 
interface during the TFNS test) decreases, the more the propagation of the crack 
occurs earlier (Fig. 5.13), as observed during the experimental tests. Therefore, it 
seems obvious that the fracture toughness has to be influenced by the intralaminar 
damage level.

Fig. 5.11   Evolution of the number of transverse cracks by millimeter and of the average local 
delamination length as a function of the applied stress for several cross-ply T700GC/M21 
laminates
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5.3 � Modeling the Effect of Intralaminar Damage  
on the Interlaminar Damage Evolution

5.3.1 � Cohesive Zone Model for Modeling the Interlaminar 
Damage

5.3.1.1 � General Framework of the Cohesive Zone Model

Cohesive zone models are generally used to describe the behavior of interfaces. 
More precisely, the tractions Ti between the top and bottom surfaces of the inter-
face are related to the relative displacements δi, with i = 1− 3 (Fig.  5.14). The 
value i = 1 corresponds to the opening mode of fracture (mode I) whereas the val-
ues i = 2 and i = 3 are related to the shearing modes (mode II and mode III).

In the general framework, the constitutive law can be written as

where δ1 (respectively δ2 and δ3) is the relative displacement in mode I (respec-
tively in mode II and III), T1 (respectively T2 and T3) is the traction force in mode 
I (respectively in mode II and mode III), K is the initial stiffness of the interface 
(considered, in this work, as being the same whatever the fracture mode), αC is a 
penalization factor for out-of-plane compression, � is the damage variable, related 
to the damage kinetics, and f (�) represents the effect of damage. As proposed in 
[19], the damage variable � can be then defined from the relative displacement δ 
and the material parameters δ0 and δf . The relative displacement δ is determined by

(5.1)

if δ1 ≥ 0
{

T1 = K δ1f (�)

Ti = K δif (�)

if δ1 < 0
{

T1 = αc K δ1
Ti = K δif (�)

with i = 2, 3

(5.2)δ =

√

�δ1�
2
+ + δ22 + δ23

Fig. 5.13   Evolution of the applied stress and the normalized crack length versus strain obtained 
by the simulation of the TFNS test with several values of the fracture toughness
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where �·�+ are the classical Macaulay brackets defined by

It should be noted that, in order to avoid damage under pure out-of-plane compres-
sive normal stress, the normal relative displacement δ1 is only taken into account 
in the relative displacement δ when positive. As illustrated in (Fig. 5.15), δ0 is the 
relative displacement associated with the damage threshold τ0 and the interfacial 
stiffness K, and δf  is the relative displacement attained when the energy release 
rate G is equal to the fracture toughness Gc (corresponding to the area under the 
constitutive law for a constant mixed-mode ratio).

δf  depends on the shape of the cohesive zone law and on the fracture toughness 
Gc. It is calculated, for a constant mixed-mode ratio, by

where the value of Gc is experimentally identified by fracture tests. Therefore, the 
general framework for the definition of a cohesive zone model depends on

•	 f (�) which represents the damage effect,
•	 the damage evolution law which is associated with the damage variable �,
•	 δ0, determined from an onset criterion (i.e. the evolution of the interfacial 

strength τ0 as a function of the mixed-mode ratio),
•	 δf , defined using a propagation law (i.e. the evolution of the interfacial tough-

ness Gc as a function of the mixed-mode ratio).

(5.3)�x�+ = max[0, x]

(5.4)Gc =

δf
∫

0

T(δ)dδ

Fig. 5.14   The constitutive 
law in single-mode loading
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5.3.1.2 � Damage Evolution Law of the Interlaminar Damage

The proposed framework permits to develop a cohesive zone model based on the 
experimental characterization and using any shape of law including an elastic part. 
The bilinear law is implemented in various finite element codes and has been used 
successfully by different authors [16, 69, 70]. However, questions concerning the 
influence of the shape of the law on the results and on the convergence (when a 
quasi-static implicit finite element code is used) are often raised. The tri-linear 
model presented here is more flexible than the bilinear one and permits to over-
come some of its drawbacks [72].

As presented in Fig.  5.16, two parts could be distinguished in the model: a 
first one (from τ0 to τ ⋆) in which the released energy is equal to ω1 and a sec-
ond one (from τ ⋆ to 0) in which the released energy is equal to ω2. τ0 is the 
strength of the interface for a given mixed-mode ratio. τ ⋆ is the maximal dam-
ageable stress which represents the admissible stress on the interface at the end 
of the first part of the damage process. τ ⋆ is defined by τ ⋆ = ασ τ0 where ασ is 
a shape parameter which is generally a constant (if ασ = 1 the shape is trapezoi-
dal). The total energy released during the damage process is equal to Gc with 
Gc = ω1 + ω2 (ω1 = αGGc). It should be noted that τ0 and Gc are respectively 
defined by the initiation criterion and the propagation law experimentally identi-
fied (Sect. 5.2).

The evolution of the damage variable is defined by Eq.  5.5 and the damage 
behavior by Eq. 5.6.

(5.5)



















� = 0 if δ ≤ δ0

� = (δ0 − δ)
δ⋆−ασ δ0
δ(δ0−δ⋆)

if δ0 < δ ≤ δ⋆

� = min
�

δ(δ⋆−δf )+ασ δ0(δf−δ)

δ(δ⋆−δf )
, 1
�

if δ ≥ δ⋆

�̇ ≥ 0

Mode 1

(a) (b)

Shear mode

Fig. 5.16   Shape of the tri-linear model a for a constant mixed-mode ratio in the (δ, τ) plane, and 
b for mixed-mode ratios between mode I and shear mode
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δ0, δ
⋆, δf  are material parameters corresponding to the initiation criterion (δ0) and 

to the propagation law (δ⋆, δf ). These parameters are defined by

5.3.1.3 � Determination of the Onset Criterion with Reinforcement  
of the Interfacial Strengths Under Out-of-Plane Compression/
Shearing Loadings

The recent work of Charrier et al. [18] has demonstrated the reinforcement of the 
interfacial strength under out-of-plane compression/shearing solicitations. In order 
to model this reinforcement, the concept of a positive part of the stress tensor has 
been used. The concept of this kind of formulation is the determination of the 
stresses, in the plane of the crack, which are only responsible for the damage, fol-
lowing the procedure proposed in [39]. Besides, the onset criterion can be written 
as

where Zt is the through-thickness tensile strength identified using a four-point 
bending test on L-angle laminates (Sect. 5.2.1.2), Sc13 and Sc23 are the positive shear 
strengths. σ+

33, τ
+
13 and τ+23 are the positive interlaminar stresses defined, following 

[39], by

Positive normal σ+
33 and shear τ+13 stresses are generated using Eq. 5.9, even under 

pure shear loading (τ13 for instance). In order to respect the identified interlami-
nar strengths under pure shear loading, the positive shear strengths Sc13 and Sc23 are 
defined by

(5.6)
if δ1 ≥ 0
{

T1 = K(1− �)δ1
Ti = K(1− �)δi

if δ1 < 0
{

T1 = αcKδ1
Ti = K(1− �)δi

with i = 2, 3

(5.7)







δ0 =
τ0
K

δf = 2ω2
τ⋆

δ⋆ = δ0 + αδ(δf − δ0) with αδ =
Gc−12τ0δ0
12τ0(δf−δ0)

− ασ

(5.8)

(

σ+
33

Zt

)2

+

(

τ+13

Sc13

)2

+

(

τ+23

Sc23

)2

= 1

(5.9)















σ+
33 =

(�+)
3

Ω

τ+13 =
τ13(�+)

2

Ω

τ+23 =
τ23(�+)

2

Ω

with







�
+ =

�

σ33+

�

σ 2
33+4

�

τ 213+τ 223

�

�

2

Ω =
�

�
+
�2

+
�

τ 213 + τ 223

�

(5.10)

Sc13 =
S13

2

√

1−
(

S13
2Zt

)2
; Sc23 =

S23

2

√

1−
(

S23
2Zt

)2
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where S13 is the interlaminar strength in mode II (identified using Interlaminar 
Shear Strength (ILSS) tests on 0° unidirectional (UD) plies [10]) and S23 is the 
interlaminar strength in mode III (identified using ILSS tests on cross-ply lami-
nates [18]). Figure 5.17 shows the difference between the present criterion and the 
classically used quadratic criterion [22].

For convenience, before onset of failure, the tri-axial stress state is represented 
using the relative displacement. Thus, the part of the participation of each through-
thickness stress is defined using two parameters

where ω represents the participation of the interlaminar shear stress in mode III 
compared with the interlaminar shear stress in mode II and θ the participation of 
the interlaminar normal stress compared with the interlaminar shear stress. The 
magnitude of the total relative displacement is defined by

It should be noted that, compared with the relative displacement δ defined in 
Eq. 5.4, the total relative displacement takes into account the normal relative dis-
placement, even if it is negative, in order to take into account the effect of the out-
of-plane compressive stress on the onset criterion.

Assuming that the stiffness K is the same whatever the loading direction, and 
reporting Eqs. 5.9 and 5.11 in Eq. 5.8, then the relative displacement at initiation 
δ0 is given by

(5.11)







θ = arccos
�

δ1
δeq

�

ω = arctan
�

δ3
δ2

�

(5.12)δeq =

√

δ21 + δ22 + δ23

(5.13)δ0 =
δ⋆0

√

a233 + a213 + a223

Fig. 5.17   Comparison 
between the quadratic 
criterion classically used 
and the criterion with 
reinforcement
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with

The evolution of the fracture toughness Gc as a function of the mixed-mode ratio 
is experimentally characterized using fracture tests [7, 8, 14, 17, 21, 27, 28, 37, 51, 
57, 62–65]. This evolution is classically defined by a propagation law such as the 
power law (Eq. 5.15)

in which α is a material parameter or the Benzeggagh law (Eq. 5.16)

where η is a material parameter. Nevertheless, the evolution of the fracture tough-
ness as a function of the mixed mode ratio identified by TFNS tests (Sect. 5.2.2.2) 
is not well described by the precedent propagation laws. In this respect, Vandellos 
et al. [71] have proposed an improved propagation criterion (Eq. 5.17).

in which η, κ, γ are material parameters. A comparison between the identified 
parameters of this proposed criterion and the experimental data is presented in 
Fig. 5.9 thereby evidencing a good agreement between the propagation law predic-
tions and the experimental data for the T700GC/M21 carbon epoxy material (see 
the parameter values in Table 5.1).

Following the definition proposed in [58], the local mixed-mode ratio is defined 
by

(5.14)



































a33 =
ã3

ã2 + sin2 θ

a13 =
ã2 sin θ cosω

ã2 + sin2 θ

Zt
Sc13

a23 =
ã2 sin θ sinω

ã2 + sin2 θ

Zt
Sc23

ã = 1
2

�

cos θ +
�

cos2 θ + 4 sin2 θ
�

δ⋆0 =
Zt
K

(5.15)

(

GI

GIc

)α

+

(

GII

GIIc

)α

+

(

GIII

GIIIc

)α

= 1

(5.16)

{

Gc = GIc + (GIIc − GIc)B
η

B =
GII+GIII

GI+GII+GIII

(5.17)











Gc = GIc + (GIIc − GIc)B
η

B =
arctan

�

κGII
GI+GII+GIII

− κ
γ

�

−arctan
�

− κ
γ

�

arctan
�

κ− κ
γ

�

−arctan
�

− κ
γ

�

(5.18)
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β = arccos
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δ1
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Thus, the energy release rates related to the fracture modes are given by

Using Eq. 5.4, an analytical relation can be expressed between the fracture tough-
ness and the maximal admissible displacement δf . For instance, this equation for 
the tri-linear model is

Thus, reporting in this relation the value of the fracture toughness obtained from 
the propagation law, the maximal admissible displacement δf  is evaluated.

5.3.2 � Damage Evolution Law of Intralaminar Damage

Section 5.2 has demonstrated the influence of matrix cracking on the evolution of 
the delamination crack. Although micromechanics studies [13] have shown the 
important effect of the local delamination on the saturation of the transverse crack-
ing, only a few continuum damage models [23, 35, 45, 46] take into account the 
evolution of these two types of matrix damage.

To be able to take into account the influence of intralaminar damage on the 
delamination evolution, a simplified version of the multiscale hybrid approach for 
the damage prediction until the final failure of laminated composites developed 
by Laurin et  al. [46] is proposed to simulate the evolution of transverse matrix 
cracking and local delamination. In this model, two damage variables are used to 
describe the matrix damage behavior of each ply: ρ (the normalized crack den-
sity, i.e. the crack density multiplied by the thickness of the considered ply) and 
µ (the local delamination ratio, i.e. the total length of local delamination cracks 
divided by the total length of the interface). In order to develop a mesoscopic dam-
age law, it is first necessary to identify the effect of the damage on the stiffness 
of the damaged ply. Nevertheless, it is very difficult to determine experimentally 
the stiffness reduction of a cross-ply laminate with a sufficient accuracy, especially 
for carbon/epoxy composites. Consequently, a numerical approach based on vir-
tual testing has been adopted. In order to determine the stiffness of the damaged 
cross-ply laminate, a classical assumption on the periodicity of the damage pattern 
is made [13, 45, 67]. For each crack density and local delamination ratio given, a 
representative periodic cell is defined (Fig. 5.18).

This unit cell represents a cross-ply laminate. The damage occurs only in the 
central 90° ply. The behavior of the ply is described by a transverse-isotropic 

(5.19)







GI = Gc cos
2 β

GII = Gc sin
2 β cos2 ω

GIII = Gc sin
2 β sin2 ω

(5.20)δf =
Gc − 1/2τ0δ0

1/2τ0(αδ + ασ )
+ δ0
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elastic behavior. The six elementary strain components are applied to this rep-
resentative cell and the stiffness of the laminate is defined by the average of the 
stress field over this cell. By assuming that the laminate stiffness evolution is only 
due to the loss of stiffness in the 90° ply, an equivalent stiffness of the damaged 
ply can be identified by a homogenization approach. The effects of the normalized 
crack density ρ and the associated local delamination ratio µ, obtained through the 
virtual test campaign on the damage compliance tensor S̃ of the damage ply, can 
be fitted with the following proposed analytical formulations

in which, So is the initial compliance tensor of the ply and Ha, Hb, Hc and Hd are 
the damage effect tensors identified through the virtual test campaign. It is worth 
mentioning that, in order to simplify the identification procedure and especially 
to guarantee a positive–definite compliance tensor, the effect tensors are assumed 
diagonal.

In a second step, it is necessary to propose an evolution law for each damage 
mechanism. In long fiber composite materials, it is now well established that the 
thickness of the damaged plies is an important parameter [13]. In fact, the damage 
threshold and the evolution of transverse crack density are a function of the ply 
thickness (the thicker the ply is, the lower the damage threshold and the higher the 
kinetics are). The damage kinetics are thus given by the following relations

where yI, yII and yIII are the driving forces and h is the thickness of the ply. αI, αII
, αIII and n are material parameters. yoI , y

o
II and yoIII are the damage thresholds. ah 

and bh are material parameters which permit to have an explicit formulation of the 
local delamination ratio (µ) as a function of the crack density (ρ). The use of this 
explicit formulation avoids the definition of a specific evolution law [35] for the 
local delamination ratio. Moreover, the local delamination tends to slow down the 
kinetics of the transverse cracking.

(5.21)

{

S̃ = So +∆S(ρ,µ)

S(ρ,µ) = ρHa +
µ

1+µ
Hb + ρ2Hc + ρ

µ
1+µ

Hd

(5.22)











ρ = h(1− µ)

�

αI
�

yI − yoI
�n

+
+ αII

�

yII − yoII
�n

+
+ αIII

�

yIII − yoIII
�n

+

�

µ =
�

ahρ
2 + hbhρ

�

+

ρ̇ ≥ 0

Fig. 5.18   Definition of the 
equivalent stiffness tensor as 
a function of the thickness h 
and of the damage parameters 
of the ply (ρ =

ρ
h
,µ = h

µ
ρ
)
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The driving forces are expressed in Eq. 5.23 and depend on the positive part 
of the stress tensor [39] in order to predict damage for tensile loading or even for 
combined low transverse compression loading and high shear loading.

where indexes 2 correspond to the in-plane transverse stress components, 6 to 
in-plane shear components and 4 to the out-of-plane ones. The matrix cracking 
thresholds are defined by using a coupled criterion [35, 46, 49] which implies that 
the onset of transverse cracking needs to fulfill two criteria, a stress criterion cor-
responding to the onset of damage at fiber/matrix scale and an energy criterion 
to ensure the propagation through the entire ply thickness of the transverse crack. 
These matrix cracking thresholds are then defined by the following expressions

in which, yoEI , yoEII  and yoEIII  are the energy thresholds and yoσI , yoσII  and yoσIII the stress 
ones. The energy thresholds are material parameters and the stress ones are the 
driving forces calculated when the in-plane interfiber criterion, defined in Eq. 5.25, 
is first fulfilled.

(5.23)







yI = σ+
2 S̃22σ2

yII = σ+
6 S̃66σ6

yIII = σ+
4 S̃44σ4

(5.24)yoi = max

[

yoEi
h

, yoσi

]

with i = I , II , III

(5.25)











�

σ22
Yt

�2

+

�

τ12
S12

�2

+

�

τ23
S23

�2

= 1 if σ22 ≥ 0
�

τ12
S12

�2

+

�

τ23
S23

�2

= 1 if σ22 < 0

Fig. 5.19   Evolution of the normalized crack density as a function of the applied stress and of the 
average local delamination length as a function of the crack density for several cross-ply lami-
nates (in symbols) and comparison with the prediction of the damage ply behavior (continuous 
lines)
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where Yt, S12 and S23 are respectively the transverse tensile strength, the in-plane 
shear strength and the out-of-plane shear strength in the 2-3 plane for a thick UD ply.

Figure  5.19 presents a comparison between the response of the proposed 
model and the experimental data for T700GC/M21 carbon/epoxy cross-ply lami-
nates with different 90° ply thicknesses. The transverse cracking evolution of the 
[02/90/02] laminate is used for the identification of the model parameters (the 
energy threshold yoEI  and α1). The results on the other stacking sequences are used 
to validate the model (see the parameter values in Table 5.1).

5.3.3 � Damage Evolution Law of Delamination Including  
the Intralaminar Damage Effect

Section  5.2 has demonstrated the influence of ply damage on the onset of 
delamination cracks and its evolution using experimental data. Even if the iden-
tification of this influence is difficult using an established procedure, it seems 
important to take it into account during the design analysis for the sake of secu-
rity. Several approaches have been proposed in order to take into account this 
inter/intralaminar coupling. Ladevèze et  al. [45] have developed an approach 
based on virtual testing in order to define relations between the damage state 
of the laminate (transverse matrix cracking, local delamination, delamination) 
and their effects on the out-of-plane part of the laminate behavior (micro-meso 
bridge approach). Abisset et al. [1] and Daghia and Ladevèze [23] derived from 
the precedent approach a simple expression for the coupling between delamina-
tion and matrix cracking. Abisset et al. [1] applied this expression to predict the 
rupture of open-hole plates and laid emphasis on the requirement of inter/intrala-
minar coupling.

From our point of view, the expression of the damage evolution (intralaminar 
or interlaminar) can not be only deduced from virtual testing and a phenomeno-
logical approach must be preferred. Nevertheless, the experimental data pre-
sented in Sect. 5.2 only demonstrate the influence of the intralaminar damage on 
the delamination crack evolution law. Due to the scattering of the experimental 
results, several assumptions could be made for modeling such a coupling. The first 
one assumes that the damage variable at the interface (� defined in Eq. 5.2) and 
the local delamination ratio (µ defined in Sect. 5.3.2) have the same effect on the 
interface constitutive law. Under this assumption, it becomes possible to define an 
effective interface damage variable �eff as [34] 

The second assumption adopted by Vandellos et al. [72] and Laurin et al. [46] is 
based on a geometrical point of view. The local delamination ratio being defined 
as the total length of the local delamination cracks due to matrix cracking 

(5.26)�
eff = min(�+ µ, 1)
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divided by the total length of the interface, this damage variable could be assim-
ilated to a diffuse damage variable and its effect on the strength of the interface 
could be defined as

where Zµ
t , Sµ13c and Sµ23c are the effective interfacial strengths due to the presence 

of local delaminations at the interface. A similar assumption could be adopted for 
the propagation law but in order to avoid numerical convergence difficulties, the 
effective toughnesses Gµ

ic with i = I , II , III are so defined that the ratio between 
δ0 and δf  (Eq. 5.7) remains constant. Consequently, the effective interfacial tough-
nesses have the following expressions

γ
µ
σ  in Eqs.  5.27 and 5.28 is a material parameter to be identified and which 

describes the influence of the intralaminar damage on the interlaminar damage. In 
the following, the second assumption has been chosen in order to investigate the 
influence of the parameter identification on the selected application test case.

5.3.4 � Implementation in a Finite Element Code

The cohesive zone model and the damage constitutive law of the ply described in 
the previous sections have been implemented in the implicit finite element solver 
Zébulon [75]. In order to avoid mesh dependencies due to the damage constitutive 
law of the ply, a regularization technique is required. Several methods are avail-
able [2, 30] but in order to avoid the development of a specific finite element for-
mulation (by a non local approach), the delay effect method has been used. Then, 
the evolution of the damage variable is defined by a first order ordinary differential 
equation

where F(yI , yII , yIII) represents the normalized crack density without regulariza-
tion defined as

(5.27)











Z
µ
t = (1− γ

µ
σ µ)Zt

S
µ
13c = (1− γ

µ
σ µ)S13c

S
µ
23c = (1− γ

µ
σ µ)S23c

(5.28)G
µ
ic = (1− γ µ

σ µ)2Gic with i = I , II , III

(5.29)
dρ

dt
=

1

τc
(F(yI , yII , yIII)− ρ)

(5.30)
F(yI , yII , yIII) = h(1− µ)

[

αI
〈

yI − yoI
〉n

+
+ αII

〈

yII − yoII
〉n

+

+αIII
〈

yIII − yoIII
〉n

+

]
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Taking into account the coupling between the intralaminar damage and the inter-
laminar damage in a standard finite element code is not straightforward. In order 
to transfer the damage state information, i.e. in the present case, the local delami-
nation ratio from the neighboring plies to the interface, several methods are also 
available, such as the non local approach [34]. Nevertheless, as mentioned previ-
ously, this type of method requires the development of a non local finite element 
formulation and could lead to some difficulties for the numerical convergence of 
the analysis. In this respect, a post increment method has been adopted. The effect 
of the local delamination ratio on delamination is then computed at the end of each 
increment, once the convergence at the global scale is ensured. For each Gauss 
point in cohesive elements, the maximum of the local delamination ratio computed 
on the two neighboring plies is retained in Eq. 5.27.

5.4 � Application on Structural Test Cases

Tensile tests on T300/914C graphite/epoxy double-edge-notched (DEN) cross-ply 
laminates specimens were experimentally performed by Kortschot and Beaumont [40–
42]. The tests were performed on [90j/0j]ns laminates (with j = 1, 2 and n = 1, 2, 4).  
Moreover, several ratios of total notch length to specimen width, 2a/w, were studied. 
The specimens tested in tension were radiographed during the mechanical tests. Every 
radiograph has shown a similar cracking pattern where three main forms of damage 
are visible: (i) splits in the 0° plies from the tips of the notches, (ii) transverse matrix 
cracks in the 90° plies and (iii) triangular delamination zones at the 0/90 interfaces.

Due to the presence of intralaminar damage and delamination cracks close 
to the notches, subjecting DEN specimens to tensile loading seems to be a well 
adapted test in order to demonstrate the capabilities of the proposed models to 
describe the influence of intralaminar damages on delamination. The dimensions 
of the DEN specimens have been chosen as indicated in Fig. 5.20, provided that 
the 2a/w ratio is equal to 0.5. Moreover, the stacking sequence [90/0]s has been 
chosen with 0.125 mm for ply thickness, as indicated in [42].

Using the geometrical and material symmetries, the finite element model of 
the DEN specimen under tension loading is based on 1/8 of the [90/0]s specimen 

Fig. 5.20   Dimensions of the 
DEN specimen
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(Fig.  5.21). Each ply is represented by linear solid elements, with one element 
through the thickness, and cohesive zone elements are inserted between each ply.

The models used in this work have not been identified on T300/914C laminates 
but on T700GC/M21 laminates. Therefore, the comparison between the simulations 
and the experimental observations, reported in [42], will be only qualitative. The 
material properties used for the simulation are given in Table 5.1. It is important to 
note that the characteristic time τc, used as a delay effect on the damage evolution 
law of the model (Eq. 5.29), is considered in this work as a numerical parameter 
which permits to avoid the dependence between the damage rate and the mesh size. 
For the tensile tests on DEN specimens, simulations in displacement controlled 
mode with a loading rate of 0.1 mm/min performed with several mesh sizes have 
shown that the value τc = 80 s is satisfying to avoid this numerical dependence.

In order to understand (i) the effect of the behavior of the plies on the interface 
and (ii) the necessity to take into account the influence of intralaminar damages 

Fig. 5.21   Finite element model of the DEN specimen under tension loading

Ux imposed

Delamination 
crack

No 
Delamination

Interface 
damage

= 1

Elastic behavior 
of the plies

Damage behavior of 
the plies without 

inter/intralaminar 
coupling

Damage behavior 
of the plies with 

inter/intralaminar 
coupling (      = 1)

Fig. 5.22   Influence of the ply behavior and of the inter/intralaminar coupling on the delamina-
tion zone (interface damage field �) and on the broken zone (� = 1) in the DEN coupon subjected 
to tension loading
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on the delamination (i.e. the inter/intralaminar coupling), three configurations have 
been studied

•	 without damage model for the plies,
•	 with damage model for the plies but without inter/intralaminar coupling,
•	 with the inter/intralaminar coupling in the finite element model.

On the one hand, the comparison between the first two configurations (Fig. 5.22) 
shows that the ply damage contributes strongly to the propagation of the delami-
nation crack, whose orientation corresponds to the direction of the splits in the 0 

Interfaces
90° plies

0° plies

Fig. 5.23   Damage variable fields in the plies (ρ) and in the interfaces (�) in the DEN coupon 
subjected to tension loading for the configuration with a damage model for the plies and inter/
intralaminar coupling (γ µ
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Fig.  5.24   Influence of the inter/intralaminar coupling parameter on the evolution of the per-
centage of delaminated area in the interfaces in a DEN coupon subjected to tension loading 
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plies. Nevertheless, the broken zone (i.e. the delamination zone where the dam-
age variable � reaches 1) is very localized. In contrast, the last configuration 
(Figs. 5.22 and 5.23) demonstrates that the inter/intralaminar coupling is essential 
in order to create a triangular delamination zone at the 0/90 interface, as observed 
experimentally in [42]. Therefore, it seems crucial to take into account the influ-
ence of the intralaminar damage on the delamination and the modeling strategy 
used in this work appears satisfying to describe this influence. It is worth mention-
ing that several simulations have been performed in order to chose the increment 
of time giving a description of the delamination independent of the post increment 
coupling method used.

On the other hand, the identification of the parameter γ µ
σ  used for the inter/

intralaminar coupling appears very important. Indeed, with the last configura-
tion, simulations of the DEN specimen under tensile loading have been performed 
with γ µ

σ = 0, 1, 2, 3 and 4. The results presented in Fig. 5.24 demonstrate that the 
size and shape of the broken zone strongly increase when γ µ

σ  becomes higher. 
Therefore, it seems essential to identify precisely the relation between the interfa-
cial properties and the intralaminar damages, using for instance the experimental 
characterization procedures proposed in Sect. 5.2.

5.5 � Conclusions

In the present chapter, the influence of the intralaminar damage (transverse 
matrix cracking and local delamination) on the interlaminar damage has been 
investigated. Using specific device setups and coupons, this influence has been 
demonstrated experimentally through the analysis of the onset and propagation 
of delamination cracks. In order to model this inter/intralaminar damage cou-
pling, a cohesive zone model has been developed. It takes into account the local 
delamination ratio, determined by a continuum damage model in the plies adja-
cent to the interface, using a post increment method in the implicit finite element 
analysis. The local delamination ratio is used to decrease the interfacial strength 
and the fracture toughness of the interface. The application of these models on 
a double-edge-notched specimen under tensile loading clearly demonstrates the 
importance of the contribution of the introduced coupling on damage pattern 
which is very similar to the coupling experimentally observed and reported in 
Refs. [40–42]. It is worth mentioning that the simulation results are very sensi-
tive to the coupling parameter value, thus implying an improvement in its identi-
fication procedure.
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6.1 � Introduction

During service life structures made of laminated composites are subjected to 
complex combinations of thermo-mechanical and environmental loads. The final 
macroscopic failure of composite laminate is preceded by initiation and evolu-
tion of several microdamage modes in layers. This is because the transverse ten-
sile strain to failure of unidirectional composites is lower than other failure strain 
components. Therefore transverse cracking of layers with off-axis orientation with 
respect to the main load direction, caused by combined action of transverse tensile 
stress and shear stress, is usually the first mode of damage [1, 2].

The crack, see Fig. 6.1a, is usually well defined, it runs parallel to fibers in the 
layer and the crack plane is transverse to the laminate middle-plane. Often they 
cover the whole thickness of the layer and propagate over the whole width of the 
tensile test specimen (may be except for laminates with very thin layers and/or 
in low stress cyclic (fatigue) loading). These cracks which in this chapter we call 
intralaminar cracks are called also matrix cracks, tunneling cracks, transverse 
cracks or inclined cracks (in off-axis layers with different orientation than 90°).

Intralaminar cracks do not usually cause the final failure of a laminate, but 
may significantly impair the effective properties of the laminate [3] and serve as a 
source for other damage modes initiation, such as delamination [4, 5] (Fig. 6.1b), 
“stitch cracks” [6] and fiber breaks (Fig. 6.1c) in the adjacent plies.

With increasing load or with the number of cycles in fatigue loading the num-
ber of cracks increases. Initiation, evolution and effect of these cracks on laminate 

J. Varna (*) 
Composites Centre Sweden, Lulea University of Technology,  
SE 97187 Lulea, Sweden
e-mail: janis.varna@ltu.se



142 J. Varna

stiffness has been discussed in many papers, see for example review papers [7, 
8]. The extent of cracking in a layer is quantified with an average measure called 
crack density: number of cracks in a layer over certain distance measured trans-
verse to the crack plane. So the crack density in kth layer is ρk (cracks/mm). 
Number inverse to the crack density is called average crack spacing 2lk = 1/ρk. 
Slightly deeper analysis based on features of an elastic stress solution reveals that 
the distance between cracks measured in, for example, millimeters is what we can 
measure but it is not the most informative characteristic of the damage state. For 
example, spacing 1 mm between cracks does not give any information how close 
to each other they are in the sense of interaction of corresponding stress perturba-
tions. Instead, if we know that the crack dimension in vertical direction (which is 
equal to the cracked ply thickness tk) is 1.0 mm we know that the distance between 
two cracks in the previous example is equal to the crack size as it approximately 
is in Fig. 6.1b. This is a very high crack density, close to the maximum possible 
reached in tests (often called saturation region or the region with strong crack 
interaction). If the spacing between cracks is larger than 4tk cracks may be con-
sidered as non-interactive (as a consequence of St. Venant’s principle the stress 
perturbations caused by them do not overlap). Therefore, a proper measure of 
distance between cracks is so-called normalized crack spacing 2lkn = 2lk/tk with 
corresponding normalized crack density ρkn = ρktk.

Each cracking event in a layer creates two new traction free surfaces. This 
means that the transverse stress and the in-plane shear stress on the crack sur-
face is equal to zero and new cracks close to existing crack cannot be expected. 
With increasing distance from the crack the transverse and in-plane shear stresses 
start to recover and when the distance is large they may asymptotically approach 
the value as it was in the layer before cracking (called far-field stress). The stress 
transfer mechanism from the undamaged layer to the damaged is through high 
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Fig.  6.1   Intralaminar cracks in cross-ply laminate: a schematic showing of laminate with 
cracks; b multiple cracks with rather uniform distribution; c the crack tip region at the 0/90 inter-
face with local interlayer delamination and fiber breaks in the 0-layer
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intra-laminar shear stresses at the layer interface in the vicinity of the crack. The 
efficiency of the stress transfer (the distance needed to recover the far-field stress 
state) depends on the interface quality. The distance is much shorter in case the 
interface is not damaged and can be very large in case of delaminations starting 
from the intralaminar crack. The described stress transfer mechanism resulting 
in stress recovery in the damaged layer allows for creation of many cracks in the 
same layer (multiple cracking).

A relevant question following this description is: if the distance from the crack 
to recover the far-field stresses in a laminate with ply thickness 0.25 mm is only a 
couple of mm why we do not have at least 50 cracks created simultaneously at the 
same load in a specimen with gauge length 100 mm? Experiments show that each 
new crack requires an increase of the applied load. The reason is that the trans-
verse and shear failure properties are not the same along the transverse direction 
of the layer: there are some weaker positions where the first cracks occur and more 
strong positions requiring larger macroscopic load. As it will be shown in Sect. 6.3 
the transverse failure properties have statistical distribution, for example, it can be 
Weibull distribution for strength [9–11]. In result only a few cracks are created at 
relatively low load because there are just a few weak locations. Then the cracking 
rate increases with increasing load because we are reaching loads where the mate-
rial has the highest probability density of failure and many positions have almost 
the same failure properties. After that the multiple cracking slows down because 
there are only a few positions with high value of failure properties; the probability 
density curve approaches to zero.

There is another mechanism slowing down the rate of cracking in the high 
crack density region. The stress distribution between two cracks depends on the 
distance between them (normalized spacing). When the normalized crack density 
is very high, there is no enough distance for stress recovery and even the maxi-
mum values of the in-plane stresses between two cracks become significantly 
lower than the far-field value. The creation of a new crack between two existing 
requires significantly higher macroscopic load being applied to the laminate. This 
in addition to fact that the remaining positions for cracking are very strong slows 
down and eventually stops the intralaminar cracking.

Due to progressing microcracking, the macroscopic thermo-mechanical proper-
ties of the laminate are degraded. We will illustrate the degradation mechanism 
on symmetric [0/90]S cross-ply laminate as an example. Assume that we apply to 
this laminate macroscopic average tensile stress σ LAM

x  and compare its axial defor-
mation before cracking and in the presence of intralaminar cracks in the 90-layer. 
It is important to realize that in both cases the macroscopic deformation of the 
0-layer is equal to the macroscopic deformation of the laminate (this is why strain 
gauges and extensometers are located on the specimen surface) and therefore the 
0-layer strain can be used as a measure of the average axial strain of the lami-
nate εLAMx  and from there the axial modulus of the laminate ELAM

x  is calculated. 
In undamaged state the stress distribution in layers does not depend on coordinate 
and the Classical Laminate Theory (CLT), which is based on iso-strain assumption 
can be used to calculate the strain εLAMx0  and stresses in layers, for example σ 90◦

x0   
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(index 0 is added to specify the case with zero damage) and σ 0◦

x0. If the 90-layer 
has a crack the σ 90◦

x  at the crack face is zero. Due to stress transfer over layer inter-
face the stress increases with the distance from the crack and somewhere far from 
the crack it could reach σ 90◦

x0 . So,

in any point of the damaged 90-layer. Due to axial force balance the axial force 
has to be the same in any cross-section of the laminate. This means that because 
of (6.1) stress σ 0◦

x  in any position of the 0-layer is larger than in the undamaged 
laminate,

Larger axial stress results in larger local axial strains in the 0-layer, leading 
to larger macroscopic deformation of the layer. Obviously, the result is larger 

laminate strain, εLAMx ≥ εLAMx0  meaning that the damaged laminate axial modulus is 

lower, ELAM
x ≤ ELAM

x0 . Quantitative estimation of the change requires knowledge of 
the stress distribution between cracks.

The quantification simplifies realizing that the average values of in-plane 
stresses are governing the stiffness degradation and details of the stress distribu-
tion are not important. It can be shown using divergence theorem [12] that the 
average stress applied to the laminate has a rule of mixtures (RoM) relationship to 
average stresses in layers. Since the average stress between two cracks is always 
lower than σ 90◦

x0 , from RoM and the force equilibrium follows that the average 
stress in the 0-layer is higher than σ 0◦

x0 with the same consequences as described in 
the previous paragraph.

The simplest way of accounting for average stress reduction in a damaged ply in 
a model is by replacing the cracked layer with “effective layer” which has “effec-
tive” =  reduced thermo-elastic properties. How much the properties have to be 
reduced is an open question. An extreme case of this approach is the well know 
ply-discount model, commonly used together CLT. Physically this approach is not 
correct: thermo-mechanical constants of the material in the damaged layer have not 
changed. Nevertheless, the reduction of elastic constants is a simple way to incor-
porate the effect of reduced average stress in the layer, still keeping the concept of 
iso-strain which in non-bending case builds the basis of CLT. However, the com-
mon assumption in this approach that transverse and shear properties of a ply with 
cracks are zero is very conservative and does not reflect the real situation where the 
number of cracks is increasing in a stable manner during the service life. The ply-
discount assumption corresponds to case with an infinite number of cracks when 
the in-plane stresses between cracks approach to zero. Therefore, requirement that 
laminate stiffness with increasing crack density approaches the ply-discount model 
prediction must be satisfied in all predictions based on stress distribution models.

The basic approach, called micromechanics modeling, (see review for example 
in [13]), is based on perturbation stress analysis. Most of the models are focused on 

(6.1)σ 90◦

x ≤ σ 90◦

x0

(6.2)σ 0◦

x ≥ σ 0◦

x0
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an approximate analytical description of the local stress distribution in the repeating 
element between two cracks. The simplest calculation schemes used are based on 
shear lag assumption or variational principles [13–16]. Most of the analytical solu-
tions are applicable to cross-ply type of laminates with cracks in 90-layers only. The 
most accurate numerical routines based on Reissner’s variational principle are pre-
sented in [17]. “Equivalent constraint model” was introduced in [18] to determine 
the effective properties of the damaged layer. In Zhang et al. [18] his approach was 
used together with shear lag model. With improved stress model it has the potential 
of accounting for interaction of cracks belonging to different layers of laminates.

Using the calculated stress distributions between cracks one could find the 
average value of the stress change in the cracked layer to be used to predict lami-
nate stiffness degradation. In this work we will use a different method to account 
for the average stress change. The change of in-plane average stresses due to 
cracking is proportional to the average values of the crack face opening (COD) 
and sliding displacements (CSD). Certainly the change depends also on crack 
density in the layer as well as elastic and geometrical constants. So, dependent on 
the suitability of the used model the stiffness change can be expressed in terms of 
average stress change or in terms of average COD and CSD. The former method 
is more suitable when analytical stress distributions are available, whereas the lat-
ter is preferable when crack face displacements have been calculated (for exam-
ple, using FEM). Therefore the damaged laminate stiffness can be expressed also 
in terms of density of cracks and two parameters: average COD a CSD as done in 
the GLOB-LOC model [19, 20]. These two rather robust parameters depend on 
the normalized crack spacing (crack density). In Sect.  6.4 stiffness expressions 
based on COD and CSD approach are given for a general symmetric laminate 
with cracks in all layers.

The relationship between the average stress change between cracks and the 
average value of COD and CSD can be easy explained. If we imagine that some-
how the corresponding points on both crack faces are kept together (it would 
require application of tractions to points on crack surfaces), not allowing the crack 
to open or the faces to slide (COD = CSD = 0), the stress between cracks would 
be the same as in undamaged laminate and the laminate thermo-elastic properties 
would not change. However, we know that under in-plane tension cracks open; 
under shear their surfaces slide and under compression they are closed. The lat-
ter case with closed cracks is very interesting because, as just described, the stress 
state is as in undamaged laminate and, hence, the stiffness of the damaged lami-
nate in compression equals to the undamaged laminate stiffness.

In the tensile case, as soon as we allow for separation of points on crack faces 
(opening or sliding), the stress between cracks is reduced. The larger the COD 
and CSD, the larger is the average stress reduction. The most extreme case is fully 
delaminated unit between two cracks. Then there is no stress transfer between 
layers and in-plane stresses in the cracked layer are zero. This corresponds to 
the maximum possible COD and CSD which can be easy estimated knowing that 
the 90-layer material in this case is not deformed and the whole load is carried 
by the rest of layers.
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Most of the existing stiffness models use assumption that cracks are uniformly 
distributed in the layer, with equal spacing between them. It simplifies analysis 
and is expected to give sufficient accuracy. However, the crack distribution in the 
layer may be highly non-uniform. This is more typical in the beginning of the 
cracking process when the average crack density is relatively low. The reason is 
the random distribution of transverse failure properties along the transverse direc-
tion of the layer. At low crack density the stress distribution between two existing 
cracks has a large plateau region with constant high stress and any position there is 
a site of possible failure. At high crack density there is a distinct maximum in the 
stress distribution between cracks and a new crack most likely will be created in 
the middle between existing cracks.

The possible inaccuracy introduced in laminate stiffness prediction by using 
assumption of uniform spacing between cracks in a layer has been addressed in 
[21, 22]. In [21] so-called “double-periodic” approach was suggested to calculate 
the COD of a crack in a non-uniform case: the COD is found as average from 
two solutions for periodic crack systems representing the two different distances to 
neighbouring cracks. Very good agreement of this approach was found with direct 
FEM solution for non-uniform cracks. It was shown that at fixed crack density the 
elastic modulus reduction is highest if the cracks are uniformly distributed and in 
this sense periodic crack distribution models give lower bond to modulus.

6.2 � Experimental Methods for Damage State 
Characterization

Crack density in a layer enters all expressions for stiffness reduction and it is the 
main output of damage evolution modeling. Therefore quantification of the dam-
age state is of primary importance for accurate predictions. A short overview of 
most common experimental methods (optical microscopy, X-ray images, acoustic 
emission) is given in this section discussing their accuracy, complexity of meas-
urements and other drawbacks.

The effect of each individual crack on stiffness depends on its geometrical 
features: cracks with large, severe damaged zone at the crack tip and delamina-
tions between layers starting from the crack tip, see Fig. 6.1, lead to more stiff-
ness reduction than “ideal” straight cracks because dependent on these features 
the crack opening (and the average stress between cracks) may be very different. 
These details of the damage used in models have to be studied experimentally and 
below we briefly describe the use of Electronic Speckle Pattern Interferometry 
(ESPI) for COD measurement and Raman spectroscopy for stress concentration 
analysis. Stress concentrations caused by intralaminar cracks are triggering new 
damage modes as interlayer delamination and fiber breaks in adjacent layers and 
the initial shape of stress concentrations is changing.

Optical observations belong to the simplest group of methods. Specimen 
edge inspection under microscope is preferable for Carbon fiber (CF) reinforced 
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composite laminates: thermal tensile stresses in layers are high due to high man-
ufacturing temperature and large mismatch in thermal expansion coefficients 
between layers. In result, intralaminar cracks in CF composites are opened, the 
polished fiber cross-sections are bright and shiny and even without any applied 
mechanical load cracks are well seen in a microscope as dark belts, see Fig. 6.1b.

For CF laminates the most accurate is to remove the specimen from the testing 
machine after loading it to certain level of strain for inspection in a microscope. 
An example of the crack density dependence on the applied strain level in CF/EP 
IM8/8552 cross-ply laminate obtained in this way is shown in Fig. 6.2.

For GF laminates this method is not applicable because we would not see any 
cracks in unloaded specimen (thermal stresses are lower and due to worth reflec-
tive properties the contrast is lower). If a small tensile testing machine is linked to 
the microscope, one can see that applying even small strains we start to see cracks, 
see Fig. 6.1c. Since this option is not always available, counting can be made on 
the loaded specimen edge or on the surface without unloading and taking it out 
from the testing machine. Good accuracy can be achieved adjusting the position 
and orientation of a light source. Cracks can be counted on edges in reflected light 
as well as on the specimen surface as dark lines in transmitted light. The surface 
observations are not decisive if several damaged layers of the same orientation are 
in the laminate: some cracks are too close to each other and it is not possible to 
distinguish which crack belongs to which of these layers.

Since the described procedure is rather time consuming, edge replicas are often 
used: instead of microscopy observation of the specimen edge a replica (“print” 
of the crack on plastic film) taken from the edge of loaded specimen is analyzed 
in a microscope after the mechanical test. The advantage is that replicas are taken 
in loaded state when the crack is most open. Since the quality of replicas is never 
better than the quality of the polished surface, a thorough calibration of the data 
obtained from replicas with respect to the direct microscopy has to be performed 
for every used laminate lay-up and material. Generally speaking in replicas we 
can lose some cracks and count as cracks some artifacts like polishing scratches. 
Observing the specimen in microscope and slightly changing the focus we can get 
more “in-depth” information than observing replicas.

Fig. 6.2   Crack density 
increase with axial strain in 
90-layer of CF/EP cross-ply 
laminate. Different symbols 
correspond to edge data for 
different specimens of the 
same plate. Measurement 
length was 80 mm along the 
specimen edge
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The accuracy of these techniques decreases with decrease of layer thickness, 
because the crack size is limited by the layer thickness and small cracks at the 
same applied strain open proportionally less and are difficult to distinguish.

Observation of local interlayer delaminations using optical methods described here 
is very difficult because the delamination cracks are usually not opened. One can see 
them in Fig. 6.1b but the measured delamination length would be very uncertain.

Yet, the most critical in evaluating this method is the question how representa-
tive are the observations done on the specimen edge for the bulk of the specimen. 
First is to check whether the crack density values obtained from both specimen 
edges are the same. Then the specimen has to be cut longitudinally to introduce 
two new edges which after careful polishing are inspected and compared with data 
from edges. Only after this validation the edge data can be used as representative 
for the material. The differences can be particularly large for laminates with thin 
layers and especially in fatigue loading: more damage is in the edge region. The 
differences between edge and the interior can be very large for secondary damage 
like local delaminations: often they are present on specimen edges only.

X-ray images Penetrant liquid has to fill the crack to obtain X-ray image of the 
crack and actually what we see is the penetrant. Images, for example, in [23], show 
cracks in both layers of a cross-ply laminate subjected to tensile fatigue loading. Cracks 
in 0-layers are due to mismatch in Poisson’s ratios between layers and often they are 
initiated from cracks in the 90-layer. Local delaminations at cracks and especially in 
their crossing regions can be identified. Similarly as with transmitted light technique, 
using X-ray technique it is difficult to distinguish between cracks in the top and in the 
bottom 0-layer of the laminate. A limiting factor is the condition that penetrant has to 
enter the crack in order it to be seen. This means that the crack to be seen has to be in 
the surface layer or connected with the specimen edge. Cracks inside the material, not 
connected with edges, other cracks or surfaces are invisible. The penetrant enters more 
easily inside of large opened cracks. It can be much more difficult if the size of the tun-
neling crack in laminate thickness direction is small (thin cracked layer).

Acoustic emission Often the energy released during intralaminar crack propa-
gation is larger than necessary to create the new crack surface. Part of the excess 
of the energy goes in acoustic signal in the frequency region 10  Hz–100  kHz. 
Using a sensor on the specimen surface these signals can be recorded. Recording 
simultaneously the applied strain dependence of time we can determine the 
number of cracks corresponding to certain level of strain. An example with data 
recorded for GF/EP cross-ply laminate [23] is shown in Fig. 6.3. The cracking in 
the 90-layer of this laminate was unstable (after initiation the crack instantane-
ously propagated across the whole width of the specimen) and the acoustic sig-
nals shown as peaks in Fig. 6.3 are very distinct and the number of cracks is easy 
to count. As follows from Fig. 6.3 the applied strain was increasing linearly until 
value 0.6 % was reached. After that the strain was reduced. No new cracks (acous-
tic events) were observed during the unloading.

If a more sophisticated equipment and software is available, two acoustic 
sensors may be placed on the specimen in two different positions. Then from 
the time delay in both signals the exact position of the created crack can be 
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identified. This helps to separate signals from cracks in the gauge length region 
from cracks created outside it (close to the clamping region, under tabs).

The described technique has problems to identify and register cracks at high 
crack density. The signals become much less distinguishable than in the ini-
tial stage of cracking shown in Fig. 6.3. Part of the reason is that the stress state 
between two existing cracks where the new crack is created is very complex and 
the new cracks (tunnels) are not so well defined: they are not straight cracks cov-
ering the whole thickness and width of the layer. Instead we have curved cracks 
close to existing ones; so-called “delta cracks” and growing interlayer delamina-
tion. The acoustic emission method in the way as it is described here cannot distin-
guish between these modes of damage or to quantify them.

Another not resolved problem is detection and quantification of stable crack 
growth or growth in small increments (jumps) as it is typical for cracks in very thin 
layers and especially during cyclic loading. In these cases the acoustical emission 
signals are not distinctive: there is an emission but it is not in form of countable 
peaks with each peak corresponding to one damage event. An alternative in this case 
would be to obtain the total emitted energy as a function of time and try to corre-
late it with the damage state. Even in this case there is a problem of separating the 
acoustic energy corresponding to different simultaneous modes of damage.

Delaminations at the crack tip and deviations from ideal straight crack geometry 
(branched cracks, delta cracks) affect the opening (COD) and the sliding (CSD) of 
crack surfaces and in this way the amount of stiffness reduction. Therefore experi-
mental information regarding COD and CSD is required to compare it with values 
from idealized models. For example, the COD of an ideal straight crack with no 
damage at the interface would be much smaller than in a case with delamination.

The first measurements of the CODs were reported in [24, 25]. The distance 
between crack faces as a function of layer thickness coordinate was measured from 
micrographs and also using image analysis. In spite to measurement errors due to 
uncertainties in focusing the microscope to the exact crack surface position and due 

Fig. 6.3   Acoustic signals 
caused by multiple cracking 
in 90-layer of GF/EP 
[02/902] cross-ply laminate 
during increasing applied 
strain [23]
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to filtering when image analysis was used, it was found that the average value of 
COD depends on stiffness ratio of the cracked and the supporting layer and on their 
thickness ratio. These findings were later confirmed with FEM calculations.

Recently, more accurate and reliable COD and CSD measurements were per-
formed using one of the methods of full-field strain measurements, the Electronic 
Speckle Pattern Interferometry (ESPI) [26]. The ESPI is based on interference 
of two coherent laser beams: reference beam and observation beam that form the 
same angle with respect to the studied surface, so the corresponding speckle pat-
terns also interfere [27]. From recording the phase maps for the initial and the final 
stress states the relative displacement at each point on the specimen surface is cal-
culated. The discontinuities correspond to the crack locations and are seen as dis-
placement jumps. COD from model with ideal crack geometry was validated for 
cracks in inside layers [26]. The technique is very time consuming and, whereas 
it renders very unique information for the research community, is not suitable for 
industrial application. Since this technique is optical it can be used on the edge 
and surfaces of the laminate only.

More details regarding the damage state at the intralaminar crack tip (local 
strain distribution) can be obtained using Raman spectroscopy [27]. The basis of 
this technique is the fact that, for example, in Kevlar fibers the Raman wavelength 
depends on the applied stress. This property is used to obtain the strain distribu-
tion along the fiber. In order to use the fiber as a local strain gauge, the fiber is 
first calibrated to obtain the relationship between the applied stress and the Raman 
wavenumber. The fiber is embedded in the composite with a special function to 
serve as sensor. This technique has very high resolution, and the strain values are 
obtained directly from the fiber. Unfortunately, as for all optical techniques, the 
measurements are on edges and outer surfaces, or the matrix has to be transparent. 
The method is relatively slow (the data collection time for a single measurement in 
a fixed position along the fiber takes several seconds).

In [29] this technique was used to measure the local stress concentration distri-
bution in the 0-layer of a cross-ply laminate close to the tip of a intralaminar crack, 
plotting the stress as a function of the distance from crack tip. It was found that the 
shape of the stress concentration changes after higher load application: the normal-
ized maximum becomes lower and the concentration zone is wider. This behavior was 
explained in [29] by fiber breaks introduced in the 0-layer close to the crack tip, see 
also Fig. 6.1c, which are “softening” part of the 0-layer adjacent to the layer interface.

6.3 � Damage Initiation and Growth

6.3.1 � Initiation Stress and Propagation Stress

Two phases in development of each individual intralaminar crack can be identified: 
initiation and propagation (growth). The stress state based analysis is similar in 
quasi-static and in cyclic (fatigue) loading. We assume that a necessary condition 



1516  Microdamage Modeling in Laminates

for intralaminar crack initiation and propagation in the layer under consideration is 
that the transverse stress, which consists of thermal and mechanical part, is tensile 
or at least non-negative. Existence of large in-plane shear stresses in the layer con-
tributes to cracking. Many experiments show that the tensile transverse stress has 
a major role for crack initiation and also for the crack growth: the crack opening 
mode (Mode I) is the dominant mode of crack propagation. Often in modeling the 
in-plane shear stresses contribution to the cracking process is even neglected. This 
simplification of the analysis reflects the fact that the resistance to crack growth in 
shear (Mode II) is usually much higher than in Mode I. Ignoring the effect of shear 
stresses in this section is not critical for the simulation methodology described and 
mixed mode criteria can be easy implemented if available.

First we will give a rather “diffuse” definition of the initiation and propagation 
terms. Initiation is a process on fiber/resin scale (microscale) which leads to devel-
opment of a mesoscale damage entity (defect, flaw, crack…?) which further devel-
opment (propagation) can be analyzed ignoring the microstructure and considering 
the layer in the laminate as a homogeneous material.

Detailed analysis of initiation is very complex and it is outside the scope of this 
book. Generally speaking the sequence of micro-events is known: it is a combi-
nation of failure of interface leading to prolonged debonds and the resin failure 
following by coalescence of these small damage entities into large damage entity 
which starts to grow unstable in the layer thickness direction, see Fig.  6.4. The 
unstable growth in thickness direction is arrested when the crack approaches the 
interface with the neighboring layer. This process has been analyzed using Linear 
Elastic Fracture Mechanics (LEFM) in homogenized layer analytically [30] as 
well as numerically with FEM [31]. The most probable region for initiation is 
at specimen edges where the transverse in-plane stress is slightly higher than in 
the interior of the specimen. Another important parameter is geometrical, it is the 
local variation of fiber volume fraction: in several locations fibers are very close 
to each other or even touching. There: (a) the stress concentrations are higher than 
in a unit cell with average fiber content; (b) due to very limited space between 

Fig. 6.4   Intralaminar 
crack formed in result of 
coalescence of fiber/matrix 
interface debonds
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fibers impregnation with resin could be of lower quality than in average, leading 
to reduced interface and resin mechanical properties. These locations are randomly 
distributed in the specimen.

Since suitable and reliable micromechanics analysis for evaluating the neces-
sary applied strain or stress level for initiation does not exist, we will employ here 
a pragmatic approach stating that there is a material system dependent stress level 
σin required to initiate a defect large enough to grow unstably in thickness direc-
tion and then propagate along fibers to become intralaminar crack. Notation σin 
can be considered as a symbolic notation for simultaneously acting transverse and 
shear stress in the layer, most probably expressed through stress invariants. It is 
convenient to assume that the initiation stress level does not depend on the thick-
ness of the layer. Certainly, a weak reduction with increasing volume (layer thick-
ness) is still possible because of the increasing probability to find locations with 
very unfortunate combinations of geometrical and failure parameters. For exam-
ple, changing the thickness several times has a small effect in the Weibull strength 
distribution [9]. The initiation stress σin is expected to be higher than the trans-
verse tensile strength of the same unidirectional (UD) composite, σ+

T . The reason 
is that comparing with free standing UD composite the severity of large defects at 
the layer surface inside the laminate is reduced due to bond with the neighboring 
layer. Simple analysis in [32] shows that suppressing surface defect growth the ini-
tiation stress can be by 50 % higher than the transverse tensile strength

LEFM can be applied for propagation of the initiated crack: the available poten-
tial energy has to be equal or larger than the work required creating a new crack 
surface. In terms of LEFM for Mode I growth: the Mode I energy release rate has 
to be equal or larger than its critical value GIC which is material property (energy 
needed to create a unit of new crack surface). In the presence of in-plane shear 
stresses mixed mode propagation is possible and a criterion which involves Mode 
I and Mode II energy release rate as well the corresponding critical values may be 
required.

The energy release rate, G is proportional to the square of the in-plane stress 
in the layer in the location of cracking. G is a linear function of the intralami-
nar crack size in thickness direction which is equal to the cracked layer thickness. 
From here and the propagation criterion the stress level σprop for crack growth can 
be calculated. From the above description we conclude that σprop depends on the 
cracked layer thickness tk.

Two different scenarios can describe what follows after crack initiation. If the 
stress level which was necessary to initiate the crack is high and the layer thick-
ness is large

In this case the crack will propagate in unstable manner as soon as it is initiated. 
In terms of energies it means that at the initiation stress level the available strain 

(6.3)σin = 1.12
√
2σ+

T .

(6.4)σin > σprop
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energy release rate is much higher than the critical value Gc. In this case the initia-
tion stress governs the multiple cracking process and fracture mechanics is not an 
applicable tool for analysis.

On the other hand, if the stress for the initiation, σin is rather low and/or the ply 
is very thin,

the crack after initiation will not propagate. In other words at the initiation stress 
level the available strain energy release rate for crack propagation is lower than Gc

. In this case nothing will happen directly after the initiation and higher stress has 
to be applied to get the crack propagating. This stress level for propagation can be 
calculated using fracture mechanics. In this case cracking is propagation governed.

The phenomenon that the laminate strain for first ply failure in thin layers 
becomes ply thickness dependent was experimentally observed in [34, 35] and 
called “in-situ strength”. Using critical strain energy release rate based failure cri-
terion the stress for crack propagation σprop has 1/

√
tk  dependence on ply thick-

ness tk and therefore stress level for crack propagation in thin layers is higher. So, 
according to our description in thin layer crack is initiated at roughly the same 
stress as in thick layers but its propagation is delayed. Unfortunately, the thickness 
of the layer at which transition takes place from the initiation stress σin controlled 
cracking behavior to ply thickness dependent propagation stress σprop (fracture 
mechanics) controlled behavior is different for different composite systems and 
has to be determined in tests. Comparison of crack density curves for several ply 
thicknesses is the most correct way to find the transition point.

6.3.2 � Statistical Nature of Initiation Stress Distribution

We will explain the statistical effects considering transverse stresses only. The 
ideas and methodology are applicable for general in-plane loading and expressions 
are easy to generalize.

Statistical distribution of the transverse cracking initiation stress σin is assumed 
in simulations. In its transverse direction each layer, where cracks may be 
expected, is considered as consisting of many small elements. Each element has 
its individual intralaminar cracking initiation stress. Weibull strength distribution 
is assumed to describe the variation in σin between elements but the geometrical 
position of element with a given σin is random.

A proper test to obtain the Weibull distribution parameters is tensile loading 
of cross-ply specimens with counting intralaminar cracks after reaching differ-
ent loading levels (far-field mechanical +  thermal stress in the local axes of the 
layer with cracks). Two to three specimens usually give enough data for statisti-
cal analysis. To obtain initiation stress σin distribution, test has to be performed on 
laminates with relatively thick 90-layer (0.5 mm and more). This is necessary to 
ensure that cracking is initiation governed: the initiated crack propagates at once 

(6.5)σin < σprop
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through the whole specimen and, hence, the crack counting on the specimen edge 
is validated. The above is valid assuming that the initiation stress does not depend 
on the layer thickness.

In our earlier work [36] we found values around mσ ≈ 18 for the Weibull shape 
parameter using different composites. In analysis the length of the element in 
the transverse direction is related to the maximum possible crack density and is 
selected so that each element may crack not more than once. As a rough estimate, 
one can assume that in internal layers at highest crack density the average distance 
between cracks is equal or slightly larger than the kth cracked layer thickness

So, the element size has to be taken equal or smaller than the ply thickness. In 
surface layer the spacing at highest crack density (saturation) is approximately two 
times larger.

These values are suggested based on observations with many composite systems 
and are applicable as long as the straight crack assumption is applicable: after crack 
saturation new damage modes occur with increasing loading (delta cracks, curved 
cracks, local delaminations) but they are difficult to quantify and to include in mod-
els. The effective stiffness of the layer at this stage is already significantly reduced 
and the laminate stiffness is approaching the ply discount model prediction.

The analysis presented in this section is not a Monte Carlo type of simulation 
where failure of each individual element is considered explicitly based on local 
stress distribution and its individual failure properties. In Monte-Carlo simulations 
each element has to be significantly smaller. Here we express the probability of 
cracking through crack density without specifying which particular element has 
failed.

The Weibull distribution for crack initiation stress σin is in form

In (6.8) Pin is the probability that crack is initiated when the transverse tensile 
stress in the element is σT; mσ and σin0 are the shape and the scale parameters 
obtained in tests with reference specimens of element volume V0; V is the vol-
ume of the considered element which has to be included if the identified shape 
parameters are used for cracking probability calculation in layers of different 
thickness.

Sometimes mσ is estimated from standard deviation of transverse tensile strength 
data for UD composite specimens. Then the σin0 value may be estimated from the 

(6.6)ρk,max =
1

tk

(6.7)ρk,max =
1

2tk

(6.8)Pin = 1− exp

[

−
V

V0

(

σT

σin0

)mσ
]
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average tensile transverse strength σ+
T  of the UD composite. Due to suppression of 

surface defect growth when the layer is in a laminate we obtain increase of initia-
tion stress described by relationship (6.3). It is reasonable to assume that the same 
relationship is valid for scale parameters in Weibull distributions

where σ0 is the scale parameter we would have for UD composite transverse 
strength distribution for specimens with volume V0. It is related to the average 
transverse strength σ+

T  of large US specimens (with volume VUD) [37] by

In (6.10) Ŵ is gamma function. From (6.9) and (6.10)

Even if (6.11) is mathematically correct, it should be used with caution. The 
volume ratio VUD/V0 of UD specimen and an element in the cracked layer is very 
large and the strength recalculation to smaller volumes may be inaccurate, espe-
cially if we remember that mσ value is obtained using data on a limited number of 
broken UD specimens.

More advisable is to use multiple cracking evolution data (crack density) for 
90-layers in cross-ply laminates to determine parameters in (6.8). The probability 
of initiation Pin can be defined as the number of elements with initiated cracks Min 
versus the total number of elements M in the layer. This definition is valid for low 
crack densities where cracks are not interacting. The number of initiated cracks in 
the considered thick layer case is equal to the number of fully developed cracks, 
Min = Mcr and therefore

According to (6.6) the number of elements in interior layer with index k is

In surface layer it is approximately two times different. Similarly, the number of 
cracks when the stress in the layer is σ (k)

T0  is related to average spacing between 
them

(6.9)σin0 = 1.12
√
2σ0

(6.10)σ+
T = σ0

(

V0

VUD

)1/mσ

Ŵ

(

1+
1

mσ

)

(6.11)σin0 =
σ+
T 1.12

√
2

Ŵ

(

1+ 1
mσ

)

(

VUD

V0

)1/mσ

(6.12)Pin =
Mcr

M

(6.13)M =
L

tk
= L · ρk,max

(6.14)Mcr =
L

2lk
= L · ρk

(

σ
(k)
T0

)
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Substituting (6.13), (6.14) in (6.12) we obtain relationship linking the probability of 
crack initiation Pin with the crack density at certain stress level in a layer with index k

Using crack density data for the 90-layer in cross-ply laminate in (6.15) we obtain 
P90
in  dependence on transverse stress σ 90

T0. The stress is calculated using CLT from 
the applied load (or strain) and from the temperature difference �T  between man-
ufacturing and testing temperature

Index “0” is used for stresses according to CLT i.e. laminate without damage. 
Then, expecting that (6.8) is valid, standard procedure is applied to the obtained 
experimental relationship: double logarithm of P90

in  we plot against ln
(

σ 90
T0

)

. If the 
data really follow Weibull distribution, the obtained relationship is linear. Using 
linear fit to these data (trend line in EXCEL, for example) we obtain parameters 
mσ and σin0 from fitting function.

More accurate values of Weibull parameters can be found comparing Monte-Carlo 
simulations with experiment [37] or using the probabilistic approach developed in [38]. 
Both approaches require analytical models for stress distribution between two cracks.

Now we will discuss how the Weibull distribution for crack initiation stress 
(6.8) with known parameters mσ and σin0 can be used to predict the number (den-
sity) of initiated cracks in an arbitrary kth layer of a multidirectional laminate sub-
jected to increasing general thermo-mechanical loading. The proposed approach 
is simple and has no ambition for high accuracy. The application routine differs 
dependent on the level of the transverse stress σprop for propagation with respect to 
the initiation stress region given by (6.8), (6.15).

In thin layers the propagation stress may be very high and most of the cracks 
in the layer may be initiated before the transverse stress becomes equal to σprop. In 
this situation simulations of growing density of initiated cracks can be performed 
combining (6.8) and (6.15) (this time for initiated cracks that are not propagating)

We still assume that only one crack can initiate in each element and therefore 
in (6.17) ρk,max is the highest possible crack density in the kth layer discussed 
above. All initiated cracks are relatively short in the fiber direction and in different 
elements they can be in different positions along fibers. Because of that interaction 
between initiated cracks may be neglected and the CLT transverse stress in the 
layer, σ (k)

T0  can be used in (6.17). Since we use assumption that crack initiation is 
only weakly dependent on ply thickness, this expression can be used for all layers 
independent on their thickness.

(6.15)P
(k)
in =

ρk

(

σ
(k)
T0

)

ρk,max

(6.16)σ 90
T0 = σ 90mech

T0 + σ 90thermal
T0

(6.17)ρin
k = ρk,max

{

1− exp

[

−
V

V0

(

σ
(k)
T0

σin0

)mσ
]}
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Another extreme case is when the propagation stress is low and each initiated 
crack immediately propagates leading to “fully developed” cracks. The transverse 
stress σ (k)

T  in any point between two cracks (including the maximum point which 
is in the middle) is lower than the stress in undamaged layer at the same applied 
load

The average value of the stress is also lower

Coefficient kσ depends on the density of fully developed cracks. Expressions (6.8) 
and (6.15) still are applicable, but the question is what should we use for σ (k)

T . One 
obvious option is to use the maximum value of the stress between two cracks but 
one could argue that even if the stress reaches maximum in one point the strength 
is randomly distributed. It could be very high in that particular point and the next 
crack may come where stress is lower but the strength is even lower. Another alter-
native is to use the average stress between cracks when estimating the probability 
of occurrence of a new crack. Independent on the choice the expression for crack 
density in this case is

The most complex is the case when the propagation stress σprop is somewhere 
in the middle of the initiation stress distribution region. In this case as long as 
σ
(k)
T0 < σprop initiation follows (6.21)

Just before σ (k)
T0 = σprop we have initiated crack density ρin

k0. As soon as we reach 
equality all initiated cracks propagate and instantly become fully developed with 
crack density ρk = ρin

k0. Since some scatter in fracture toughness for crack prop-
agation is inevitable in reality the crack density jump will not be instant. With 
increasing load new cracks initiate but they will immediately grow in fully devel-
oped cracks according the rule

In this simulation approach interaction is accounted only for cracks in the same 
layer. Interaction between cracks in different layers during damage evolution is 
neglected because at present this problem is not studied sufficiently.

(6.18)σ
(k)
T ≤ σ

(k)
T0

(6.19)σ
(k)
T(av) = kσ σ

(k)
T0 kσ < 1

(6.20)ρin
k = ρk = ρk,max

{

1− exp

[

−
V

V0

(

σ
(k)
T0 kσ

σin0

)mσ
]}

(6.21)ρin
k = ρk,max

{

1− exp

[

−
V

V0

(

σ
(k)
T0

σin0

)mσ
]}

, σ
(k)
T0 < σprop

(6.22)ρin
k = ρk = ρk,max

{

1− exp

[

−
V

V0

(

σ
(k)
T0 kσ

σin0

)mσ
]}

, σ
(k)
T0 kσ > σprop
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We can summarize the sequence of calculation steps used to construct crack 
density curves, stress-strain curves using this approach.

(a)	 For each layer estimate ρk,max according to (6.6) or (6.7) and select an arbi-
trary set of crack density ρk values in the region [0; ρk,max].

(b)	 Using (6.17)–(6.22) find the corresponding σ (k)
T0  set

(c)	 Subtract thermal stresses found using CTL from the σ (k)
T0  set to find the set 

of pure mechanical stresses in the layer σ (k)mech
T0  responsible for the selected 

crack densities.
(d)	 Use CLT to calculate the set of corresponding strains applied to the laminate 

εLAMx0 . Since it is linearly related to σ (k)mech
T0 , calculation for linear elastic mate-

rial is simple. More complex macroscopic mechanical loading cases are ana-
lyzed similarly

(e)	 Plot the crack density in each layer versus εLAMx0  and fit the curves with 
monotonously increasing functions. From these functions we can find the 
damage state in each layer at arbitrary selected εLAMx0  to be used in following 
simulations.

(f)	 Use thermo-elastic properties reduction expressions in Sect.  5.4 to find 
the degraded laminate thermo-elastic properties for these damage states 
(ELAM

x , νLAMxy , αLAM
x  etc.).

(g)	 Calculate damaged laminate strains εLAMx  using the values of εLAMx0  and the 
degraded elastic constants.

The last step on this list requires more detailed explanation. When stress σ LAM
x0  

is applied to the laminate the strain in the damaged laminate, εLAMx  will be larger 
than the strain in the undamaged laminate, εLAMx0 . It is because the elastic modu-
lus ELAM

x  is lower than ELAM
x0 . The stress-strain relationship for the damaged and 

undamaged laminate are

From here we obtain expression

The crack density curves obtained in step (e) as functions of εLAMx0  now can be 
plotted versus the real laminate strains εLAMx  using (6.24).

6.3.3 � Energy Release Rate Based Analysis of Intralaminar 
Crack Propagation

Intralaminar crack propagation along the fiber direction in a layer of laminate 
is illustrated in Fig.  6.5 (L-is the fiber direction). Except for the specimen edge 
region where the stress state is 3-dimensional and except the very beginning of the 

(6.23)σ LAM
x0 = ELAM

x0 εLAMx0 , σ LAM
x0 = ELAM

x εLAMx , εLAMx > 0

(6.24)εLAMx =
ELAM
x0

ELAM
x

εLAMx0
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intralaminar crack propagation when the crack is relatively short, the intralaminar 
growth is in a self-similar manner (so-called steady state growth). Condition for 
that is that the crack front is far away from both specimen edges.

The meaning of a self-similar propagation is explained in Fig.  6.6 where a 
section of the laminate parallel to the crack plane in the position of the crack is 
shown. In Fig.  6.6a the crack length is a. The shape of the crack front and the 
stress state there are very complex and not known. However, the stress state at the 
crack front x1 = a+ da in Fig. 6.6b is the same as in Fig. 6.6a at x1 = a, the stress 
state is just shifted in x1 direction by da. The stress state at specimen edges is also 
complex but it is not changing due to crack propagation by da. Using the made 
assumption that the crack front is far away from specimen edges we conclude that 
between specimen edges and the crack front we have rather large regions where 
the stress distribution is not dependent on x1 (plateau region). When the crack 
propagates by da the plateau region to the left of the crack front increases by da 
whereas the plateau region to the right decreases by. This is the only change and 
the corresponding change of potential energy can be easy calculated.

X1=L 

a

Fig. 6.5   Schematic showing of intralaminar (tunneling) crack with length a propagating parallel 
to fibers in the layer

Fig. 6.6   Intralaminar 
crack propagation along x1 
coordinate: a crack length; b 
crack length a+ da

x1a 

a+da 

(a)

(b)
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The new created region of length da in x1 direction on the left of the crack front 
is shown in Fig. 6.7b. The middle layer there contains a fully developed crack. The 
“lost” part of the plateau region to the right of the crack front of the same length 
da is shown in Fig. 6.7a. It does not contain crack and the stress distribution there 
can be calculated using CLT.

Obviously the potential energy change in the system, which is needed in frac-
ture mechanics analysis, is equal to the energy change when an element without 
crack in Fig.  6.7a is replaced with a cracked element in Fig.  6.7b. The change 
could be determined by first calculating the stress states (for example, using CLT 
for element in Fig.  6.7a and FEM for element in Fig.  6.7b) and then find strain 
energy. However, there is a simpler way: the potential energy change is equal to 
the work which has to be performed on crack surfaces to close it, thus bringing the 
element back to the undamaged state. We will demonstrate the procedure in details 
for crack opening case and for a crack which does not interact with other cracks in 
the same layer (low crack density), see Fig. 6.8.

Fig. 6.7   Schematic showing of the undamaged region (a) replaced with region containing crack (b)

 

 

 

 
x

(a) (b)

x2

dF

(a) (b)

2

Fig. 6.8   Schematic showing of a force applied to the element on crack surface and b the work to 
move this element to position when the crack is closed
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We consider an element with area dzda on the deformed (opened) crack face 
and apply to it increasing force dF2 in the x2 direction until it is closed. To close it 
we have to apply displacement u(k)2 (z) which is equal to 1/2 of the opening of the 
crack at this z-coordinate. The transverse stress when it is closed is σ (k)

T0 , the same 
as before cracking. In the definition used in this chapter COD is equal to u(k)2 (z), 
i.e. it is 1/2 of the distance between corresponding points on both crack surfaces.

The force in the closing instant is dF2 = σ
(k)
T0 dzda and the performed work by 

closing

The work to close both crack surfaces (two surfaces is the reason for coefficient 2 
in (6.26)) is

The energy release rate GI is defined as the work to close the crack divided with 
area da · tk and therefore

Average value of any function φ(z) in segment 
[

−
tk
2
,+

tk
2

]

 is defined as

Hence, the integral in (6.27) divided by tk is the average value of the COD over the 
crack surface (here assumed independent on X1)

In (6.29) we see the importance of the average crack opening displacement u(k)2a  for 
the energy release rate in Mode I, GI. In linear elastic solution all stresses strains 
and displacements are proportional. Therefore the average COD, u(k)2a  is propor-
tional to the far-field transverse stress in the layer, σ (k)

T0  and to the dimensions of 
the model which can be represented by the transverse size of the crack which is 
equal to the ply thickness tk. It motivates to use normalized average COD defined 
as follows

(6.25)dW2 =
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2
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2 (z)dF2 =

1

2
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2 (z)dzda.
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In (6.30) factor ET is introduced to have u(k)2na as a dimensionless parameter. In 
terms of normalized average COD the strain energy release rate given by (6.29) 
can be rewritten as

Due to its importance here and also in stiffness reduction predictions, see 
Sect.  6.4, the normalized average COD, u(k)2an and its dependence on elastic and 
geometrical parameters of layers and the laminate lay-up has been studied exten-
sively using numerical methods [19, 20, 39–41]. It was found that u(k)2an is a robust 
parameter slightly dependent on cracked layer and neighboring layer stiffness 
ratio in direction transverse to the crack and on the thickness ratio of these layers. 
Simple fitting expressions for u(k)2an obtained in FEM parametric analysis are pre-
sented in Appendix.

Similar analysis can be performed for crack face sliding and the strain energy 
release rate in Mode II cracking. The crack face sliding displacement, u(k)1 (z) is 
introduced as half of the distance in fiber direction between corresponding points 
on both crack surfaces. The normalized average CSD is introduced as

and the energy release rate in Mode II is

Expressions (6.31) and (6.33) for energy release rates are applicable only for so-
called “non-interactive” cracks when after the crack closing the stress in the crack 
position is equal to the far-field value which comes from CLT. At higher crack 
density it is not correct because the stress at the closed crack is lower because of 
neighboring cracks.

At higher crack density we can assume having 2 cracks with distance between 
them 2lk as shown in Fig. 6.9a. For simplicity we assume that the considered ele-
ment between the two vertical lines is a repeating element. First we consider case 
when the next crack propagates in the middle between these two existing cracks 
as shown in Fig. 6.9b focusing on Mode I. We have to calculate the strain energy 
release rate when the new crack is created.

We can use the approach used above and calculate the work to close the crack 
but the obtained expression would contain the stress σ (k)

T  in the middle between 
these two “old” cracks which in an unknown way depends on the “old” crack 
density (spacing 2lk). Instead we will find the work to close the “new” crack in 
a different way: we can close ALL cracks by first closing the “new” one and then 
the “old” ones. The work to close all cracks in the repeating element at once 
is denoted Wall→0, the work to close the “old” cracks when the “new” crack is 
already closed is Wold→0, the unknown work to close the “new” crack in the 

(6.31)GI =
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presence of both “old” cracks is Wall→old. Obviously we can first close the “new” 
crack and then the “old” cracks and summary work is

or

The work to close all cracks at once can be calculated as in the first part of this 
section, because after closing the stress in the layer is the far-field stress. We have 
one “new” crack in the middle and two halves of the “old” cracks to close and the 
crack spacing is lk.

The expression is

Notation u(k)2an(lk) is used to emphasize that the normalized average COD is calcu-
lated using (6.30) for crack spacing lk corresponding to crack density ρk = 1/lk. 
The work to close the “old” cracks (two halves of them belong to the analyzed ele-
ment) when the “new” is already closed is

(6.34)Wall→0 = Wall→old +Wold→0

(6.35)Wall→old = Wall→0 −Wold→0.

(6.36)Wall→0 = 2
[

σ
(k)
T0

]2 tk

ET

· u
(k)
2an(lk) · tkda.

(6.37)Wold→0 =

[

σ
(k)
T0

]2 tk

ET

· u
(k)
2an(2lk) · tkda.

Fig. 6.9   A “new” crack 
propagating between two 
“old” cracks: a damage state 
with two old cracks; b “new” 
crack in the middle between 
two “old” cracks; c “new” 
crack in an arbitrary position 
between two old cracks
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In (6.37) u(k)2an(2lk) is the normalized average COD for crack spacing 2lk. 
Expressions (6.36) and (6.37) are substituted in (6.35) obtaining the work to close 
the “new” crack

Dividing by the new created surface tkda we obtain

Similar expression for Mode II cracks propagation reads

Expression for work to close the “new” crack is valid if the crack is in the middle 
between two “old” cracks. This may not be correct and the distance to the closest 
crack to the left and right for the “new” crack may be lleftk  and lrightk  respectively. 
The COD on the left face of the crack is different than on the right face.

The energy release rate when a crack is not in the middle was analyzed in [21] 

To use the derived expressions for energy release rates criteria for crack propagation 
have to be formulated. In a simplest case they are GI = GIc and GII = GIIc. A large 
variety of mixed mode criteria are available, but at present there is rather limited 
knowledge about interaction between different fracture modes in composites.

Finally, it has to be reminded that the fracture toughness GIc and GIIc may have 
different values in different locations. It is not clear whether the location with the 
lowest initiation stress has also the lowest fracture toughness. Actually it is not rele-
vant, relevant is a question what is the fracture toughness in the material surrounding 
the initiation location. It is not difficult to accept the thought about variation of frac-
ture toughness due to non-uniform fiber distribution. However, it is not clear whether 
the variation can be described by Weibull distribution as it was assumed in [42].

6.4 � Stiffness of Damaged Laminate

6.4.1 � Calculation Expressions

We consider symmetric N  layer laminate the upper part of which is shown in 
Fig.  6.10. The kth layer of the laminate has thickness tk and fiber orientation 
angle θk. Direction 1 is fiber direction and direction 2 is transverse to fibers. 
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The total thickness of the laminate, h =
∑N

k=1 tk. In result of loading layer may 
contain intralaminar cracks. The damage state is characterized by crack density 
in the kth layer ρk defined as the number of cracks per mm length measured trans-
verse to the crack plane. The crack density in a layer is ρk = 1/(2l

edge
k |sinθk|).  

The average half distance between cracks in the layer measured on the speci-
men edge is ledgek . Dimensionless crack density ρkn in layer is introduced as 

ρkn = tkρk. “Vector” and matrix objects are denoted by {} and [] respectively. 
The macroscopic stiffness matrix of the damaged laminate is [Q]LAM and the 
stiffness of the undamaged laminate is [Q]LAM0 . The laminate compliance matrix 
[S]LAM0 =

(

[Q]LAM0

)−1
. The thermal expansion coefficient vectors of the undam-

aged and damaged laminate are {α}LAM0  and {α}LAM. A bar above the matrix and 
vector entities in following text indicates layer characteristics in the global coor-
dinate system x, y, z.

In this section exact expressions derived in [19, 20] for macroscale thermo-
elastic constants of the damaged laminate RVE are presented. They were obtained 
using so-called “GLOB-LOC” approach establishing link between global thermo-
elastic properties of damaged laminate and the local stress state close to the crack. 
Expressions for general symmetric laminate with intralaminar cracks in plies 
were obtained. The effect of the stress perturbation caused by crack is expressed 
in terms of crack face opening and sliding displacements whereas the number of 
cracks is presented by normalized crack density. The expressions are as follow

(6.42)[Q]LAM =

(

[I]+

N
∑

k=1

ρkn
tk

h
[K]k[S]

LAM
0

)−1

[Q]LAM0

(6.43)

{α}LAM =

(
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N
∑

k=1

ρkn
tk

h
[S]LAM0 [K]k

)

{α}LAM0 −

N
∑

k=1

ρkn
tk

h
[S]LAM0 [K]k{ᾱ}k

2lk

tk

x
y

z

Symmetry plane 

Fig. 6.10   Schematic showing of the upper part of symmetric laminate with cracks in different 
layers
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The [K]k matrix-function for a layer with index k is defined as

The stiffness matrix of the damaged laminate, [Q]LAM is symmetric as requested 
by thermodynamics considerations. These matrix expressions for thermo-elastic 
properties contain elastic ply properties, details of laminate lay-up and dimension-
less density of cracks in each layer. The influence of each damage entity is repre-
sented by the 3 × 3 displacement matrix in (6.44) which contains the normalized 
average COD, uk2an and normalized average CSD, uk1an of the crack surfaces in kth 
layer. It is assumed that all cracks in the same layer are equal: they have the same 
crack face displacements and the crack distribution is uniform. In (6.42) and (6.43) 
[I] is the identity matrix.

When the distance between cracks in a layer is much larger than the crack size, 
the stress perturbations of two neighboring cracks do not overlap and cracks in this 
region are called non-interactive. The normalized average COD and CSD in this 
crack density region are independent on the value of the crack density. Superscript 
0 is used to indicate values in this region, u0k1an, u

0k
2an.

Parametric analysis of u0k1an and u0k2an using FE was performed in [19] to iden-
tify the most significant geometrical and material constants affecting crack face 
displacements. In result simple and relatively accurate fitting expressions were 
obtained to calculate u0k1an and u0k2an as a function of neighboring layer properties. 
These expressions, see Appendix, are considered to be sufficiently general to be 
used for cracks in any laminate. Hence, there is no need to use FEM in any of 
simulations presented in this paper.

6.4.2 � Examples of Calculation and Experiments

The model described in Sect. 6.4.1. has been validated comparing with experimen-
tal data and FEM calculations in [19, 20, 40–42]. In this section we will illustrate 
some results for quasi-isotropic laminate and the agreement with experimental 
data for cross-ply type of laminates. The material is Glass fiber/epoxy unidirec-
tional layer with longitudinal modulus 44.73 GPa, transverse modulus 12.76 GPA, 
in-plane shear modulus 3.5 GPa, in-plane Poisson’s ratio 0.30 and ply thickness 
0.138 mm.

We start with simulations of elastic constants for [0/+ 60/−60]s laminates with 
intralaminar cracks in layers shown in Fig. 6.11.

Two damage states are compared. In the first damage state all layers have the 
same crack density. It may be the case when cracks are introduced by thermal 
loading: subjecting the quasi-isotropic specimen to very low temperature trans-
verse tensile thermal stresses in all layers would be the same. We can assume 

(6.44)[K]k =
2
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�
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
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that it would introduce approximately the same number of cracks in all layers. 
Certainly it is just an assumption used in elastic properties simulation. In reality 
differences in crack density may be caused by different layer thickness (−60 layer 
is two times thicker) and different location of layers (surface layers have different 
constraint conditions). In the second damage state the laminate has cracks only in 
off-axis layers. It could be a case when laminate is subjected to axial tensile load-
ing. The crack density is assumed the same. This is also an approximation which 
may be justified if (1) the ply thickness is sufficiently large and damage state is 
governed by initiation stress and (2) the crack density is not high because the satu-
ration crack density would be lower for cracks in thick layer.

Disregarding the above discussion about how realistic the two damage states 
are, we can use Fig. 6.11 to (a) to see how different elastic constants of the lami-
nate are affected by cracking; (b) to evaluate the effect of cracks in the 0-layer on 
stiffness reduction in this particular laminate. First we see that the axial modulus 
is not at all affected by cracks in the 0-layer and results in both simulation cases 
almost coincide. Similar result was earlier obtained analyzing cross-ply laminates 
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with cracks in all layers using FEM [19]. This is because cracks in 0-layer are 
oriented in x-direction which is the loading direction to define Ex. Elastic modulus 
Ey is reduced much more in presence of 0-layer cracks because in this case these 
cracks are perpendicular to the loading direction in the defining test. The shear 
modulus reduction in case of cracks in 0-layer is much more severe an also 
Poisson’s ratio is reduced more than in absence of these cracks. In general, we can 
see 10–20 % reduction of all elastic constants which in most practical cases would 
not be acceptable.

Comparison with experimental data has to be the final validation. Some test 
results are presented in Fig. 6.12 together with simulations. In Fig. 6.12 the axial 
modulus Ex and the Poisson’s ratio νxy (both normalized with respect to initial 
values) of GF/EP cross-ply laminate with layer elastic constants given above are 
shown as dependent on intralaminar crack density in the 90-layer. The agreement 
with test data is excellent.

The results presented in this section demonstrate the generality of the model to 
deal with any symmetric laminates with arbitrary intralaminar damage state in lay-
ers and the accuracy of the obtained laminate stiffness predictions in cases when 
the damage state is known from experiments.

Fig. 6.12   Reduction of 
normalized modulus and 
Poisson’s ratio of [02,904]
s GF/EP laminate with 
increasing crack density in 
the 90-layer
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6.5 � Conclusions

The methodology presented in this chapter allows predicting the thermo-elastic 
properties of laminates with intralaminar cracks in layers. The agreement with test 
data is good and the methodology can be considered as reliable. The prediction of 
the damage initiation and growth is still in the development stage. In this chap-
ter strength based approach to initiation of intralaminar cracks was suggested and 
experimental procedure for parameter determination in the model was described. 
The damage propagation is expected to follow rules of fracture mechanics with the 
corresponding methodology described in the chapter. The approach can be used 
for damage prediction in quasi-static as well as tension-tension fatigue loading.

Appendix: Expressions for COD and CSD

The COD, u02an of non-interactive crack is considered in a coordinate system where 
the cracked layer has 90-orientation with respect to x-axis. In other words x-direction 
is direction 2 for the layer with crack. Index k denoting the layer is omitted in expres-
sions below. A distinction has to be made between cracks in surface layers and cracks 
in inside layers. Obviously the normalized average COD of surface cracks is larger 
because the cracked layer is supported only from one side. The fitting expressions are 
presented for symmetric case where the bottom support layer has equal properties, 
orientation and geometry as the top support layer. The expression for u02an is

In (6.45) ES
x  is the Young’s modulus of the support layer measured in the x-direction 

which is the transverse direction for the cracked layer. For a crack in internal layer

In (6.46) ts is thickness of the adjacent support layer and t90 is thickness of the 
cracked layer.

For a crack in surface layer

(6.45)u02an = A+ B
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Suggestions for calculations in more realistic cases when the support layers 
from different sides are different are given in [42].

Crack face sliding displacements (CSD), u01an, see [20] for details, also follows 
a power law

In (6.48) GS
xy is the in-plane shear modulus of the support layer.

For cracks in internal layer

For cracks in surface layer

Expressions (6.45)–(6.47) and (6.48)–(6.50) show that the normalized average 
COD and CSD are larger for less stiff surrounding layers and approach to certain 
asymptotic value with increasing support layer and cracked layer stiffness ratio. 
For thicker support layers the COD and CSD is smaller. This effect of neighbour-
ing layers on the crack face displacements is called “constraint effect”.

Due to nonlinear shear stress-shear strain response the secant shear modulus of 
the layer will change with increasing laminate strain and will affect the value of 
u01an calculated according to (6.48).

When the distance between cracks decreases (high dimensionless crack den-
sity) the stress perturbation regions of individual cracks overlap and the normal-
ized average COD and CSD start to decrease. The uk2an has been related to COD of 
non-interactive cracks, u0k2an by relationship [40] 

The crack interaction function � is a function of the crack density in the layer 
and generally speaking it depends on material and geometrical parameters of the 
cracked layer and surrounding layers. For non-interactive cracks � = 1.

Detailed analysis of the effect of different parameters on interaction function 
was performed in [40] using FEM. Weak interaction (2–5 %) is observable at nor-
malized spacing 2l90/t90 = 2.5. Further decrease of spacing leads to dramatic drop 
of the values of the interaction function to 0.3. The interaction of cracks in Glass 
fiber/epoxy laminates is stronger than in Carbon fiber/epoxy laminates. In the lat-
ter at high stiffness ratio the interaction function is not sensitive to layer thickness 
ratio. In the former with lower layer stiffness ratio the interaction is stronger if the 
support layer is thicker.

(6.48)u01an = A+ B
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G12
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(6.49)A = 0.3 B = 0.066+ 0.054
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2ts
n = 0.82

(6.50)A = 0.6 B = 0.134+ 0.105
t90
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n = 0.82

(6.51)uk2an = �k(ρkn)u
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2an
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The calculated values of the interaction function were fitted by an empirical 
relationship with an origin in a simple shear lag model. The interaction function 
according to the shear lag model is

The shape function (6.52) was used to obtain the k value from the best fit. The best 
fit with this function to data corresponding to CF laminates (kCF = 1.12) and for GF 
laminate (kGF = 0.84). The interaction effect on uk2an for cracks in surface layer was 
analyzed in [41] where also more accurate interaction functions for internal cracks are 
presented. The effect of nonuniform crack distribution on COD was analyzed in [21].
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7.1 � Finite Element Delamination Study of a Notched 
Composite Plate

Cohesive elements implemented in ABAQUS [1] are a powerful tool to model 
delamination onset and growth in composite materials. The theoretical background 
is well described in [1, 2]. The use of cohesive elements together with a bilinear 
traction separation law (TSL, Fig. 7.1) is outlined below.

The debonding or delamination processes of composite material occur in two 
main steps: damage initiation and damage propagation.

The cohesive laws for mode I and II capture the linear elastic and softening 
behaviour before fracture, and can be obtained by performing double cantilever 
beam tests and end notched flexural beam tests.

Cohesive elements can be defined by a linear elastic response, a strength cri-
teria and a damage evolution law based on energies. The damage initiates when 
a quadratic stress criterion is fulfilled (δ = �0), see Eq. (7.1). The strength of the 
composite in the normal and shear directions are used as input data
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The damage evolution is governed by a damage parameter which describes the 
rate of stiffness softening after damage initiation (δ = �0). The damage propaga-
tion (δ = �f) is studied in terms of energy release rate and fracture toughness. To 
accurately predict delamination growth for mode I and mode II loading conditions 
[2], the Benzeggagh-Kenane criteria are used [3], as expressed in Eq. (7.2).

with

where GIC and GIIC are the fracture toughness in mode I and II respectively. The 
exponent η is chosen to 1.45. β is the parameter determining the mixed mode ratio 
based on the current values of the peel and shear opening in the TSL for mode I 
and II respectively. The mechanical properties of the ply are reported in Table 7.1.

The material parameters for the cohesive layer are shown in Table  7.2. The 
stiffness of the elastic part of the traction separation laws is calculated using the 
stiffness of the composite and the thickness of the cohesive layer [1].

(7.2)Gk + (GIIk + Gk)

(

β

1+ 2β2 − 2β

)η

= Gmc

β =
�shear

�peel +�shear

Fig. 7.1   Bilinear traction 
separation law Delamination 

initiation

Delamination 
growth

Table 7.1   Hexcel HTA/6376C—approximated mechanical properties

Composites: engineering constants [(GPa) (except Poisson’s ratios)]

E11 E22 E33 G12 G13 G23 υ12 υ13 υ23

HTA/6376C 140 10 10 5.0 5.0 3.0 0.30 0.30 0.50

Table 7.2   Approximated 
cohesive layer properties

Interface: cohesive properties

σ̂ (MPa) τ̂ (MPa) GIc (J/m2) GIIc (J/m2)

20 30 300 700
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7.1.1 � Element Type, Mesh, Boundary Condition  
and Applied Load

The model has been divided into a maximum of 12 different parts: two roller sup-
ports, a composite laminate part with a cut in the vicinity of the hole, 5 compos-
ite laminate parts in the vicinity of the hole and the cohesive layers were inserted 
between the layers where delaminations were observed.

The mesh and the assembly of the different parts considered in the model are 
shown in Fig. 7.2. All parts were joined by surface to surface tie constraints.

To reduce the computing time, symmetry is often used to model a half or a quar-
ter of composite laminates loaded in bending. The quasi-isotropic lay-up considered 
in this study did not offer this possibility because of the unsymmetrical ±45° layers.

The loading was applied through a controlled displacement of 80  mm. All 
nodal displacements on the bottom surface of the roller support were restrained.

7.1.2 � Assumption and Particular Settings

The roller supports used on the 4-point bending experiments are often neglected 
in FE models and replaced by boundary conditions restricting nodal displace-
ment along the contact line. Due to large displacements during the experiments 
(deflection over 80  mm) and large sliding of the specimen on the roller sup-
ports this assumption has not been made because it could have led to the uncor-
rected determination of the reaction forces. Consequently, the roller support was 
modelled explicitly. This introduced a cost demanding contact interaction in 
the FE-model. Since the objective was to determine the delamination onset and 
growth, the contacts were defined with a coarse mesh to decrease the computing 
time. In ABAQUS, the interaction “composite laminate-steel support” was defined 
using a finite sliding formulation together with a node to surface discretization 
method. Non linear effects due to large deformations were taken into account in 
the FE-model.

Fig. 7.2   Mesh of the whole model
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Damage models where material softening occurs are often generating conver-
gence difficulties in ABAQUS standard. Therefore, it is useful to include artificial 
damping in the model in order to overcome these problems. In all models, a damp-
ing value of 3×10−4 was used. By comparison of the viscous damping energy 
with the total strain energy, it was verified that the artificial damping did not yield 
inaccurate solutions.

7.1.3 � Method

Four models employing one cohesive layer were analysed. In these models, the 
cohesive layer was positioned at the first interface on the tension side in the first 
model, at the second interface in the second model, and so on. In a fifth model 
the cohesive layers were placed at the first four interfaces on the tension side, see 
Fig. 7.3.

Model 1, with cohesive elements at the first interface, i.e. between the 0° and 
90° layers on the tension loaded side, has been analysed with 3 different element 
sizes for the cohesive elements: 0.5, 0.25 and 0.125 mm.

7.2 � Results

7.2.1 � Structural Response

It can be seen that there is no difference between the 5 models in terms of load-
deflection behaviour of the specimen in bending. The maximum load obtained 
from FE models is 3.8 kN (at w = 80 mm), which is in good agreement with the 
experimental result of 3.9 kN at the same deflection (Fig. 7.4).

Fig. 7.3   The five models with cohesive elements positioned at different composite layer inter-
faces on the tension side
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7.2.2 � Delamination

The damage initiation criterion and the delamination growth are investigated along 
the holes edges. The polar position used is referring to the position of the nodes as 
described in Fig. 7.5.

7.2.2.1 � Delamination Initiation

The delamination initiation load (i.e. the load at which δ = �0) was investigated 
for all FE models. In models where cohesive layers are studied separately (models 
1–4), the damage criteria was fulfilled at 0.7, 0.9, 0.7 and 0.45 kN for the mod-
els with cohesive elements positioned at interfaces 1, 2, 3 and 4 respectively. In 
the model where four cohesive layers are considered (model 5), damage onset 
was predicted in cohesive layers at interfaces 1, 2 and 4 at 0.9 kN. The criterion 
was fulfilled at a load of 1.0 kN at interface 3. Consequently, model 5 predicted 
damage initiation at slightly higher loads than models 1–4, which only considered 
delamination at a single interface.

The predicted angle, θ, where delamination initiates varies slightly between 
models 2–5 and 3–5. The results are reported in Table 7.3. The discrepancies are 
however small enough to consider that prediction is not influenced by the number 
of cohesive layers.
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Fig. 7.4   Load-displacement curves—a Experiment; b FE models

Fig. 7.5   Nodal cylindrical 
coordinate system at the 
periphery of the hole
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7.2.2.2 � Delamination Growth

The delamination growth is monitored in ABAQUS by controlling the value of the 
stiffness degradation, which takes the value 1 at δ = �f (see Fig. 7.1).

Figure 7.6 shows contour plots of the delamination growth for each cohesive 
layer at 3.8 kN. If comparing these contour plots, it can be shown that the dam-
aged area is smaller in the cohesive layers of the model with 4 cohesive layers 
(highly damaged area are represented in dark grey).

It was verified that the size of the cohesive elements did not influence the struc-
tural response of the laminate.

The delamination initiation at maximum load was investigated from the results 
of the element size parametric study. Paths were created around half the circumfer-
ence of the hole (Fig. 7.2). The stiffness degradation at the edge of the hole, as a 
function of the polar position of the nodes is plotted in Fig. 7.4a. All models pre-
dicted delamination growth in the region ranging from θ ≈ 45◦ to θ ≈ 135◦. Only 
an increase of the stiffness degradation, from 0.78 to 0.85, due to higher stress 
level in smaller elements, was registered close to the 0° and 180° polar positions.

The shear stresses have been plotted along a path created in the areas where 
large delamination was observed. As expected, the shear stress slightly increases 

Table 7.3   Delamination initiation: angular position (θ)

Interface Model 1 Model 2 Model 3 Model 4 Model 5

1 66° and 114° – – – 66° and 113°

2 – 90° – – 104°

3 – – 104°, then 63° dominant – 62°

4 – – – 73° 74°

1st Interface
layers 1-2

(0 /90 )

2nd Interface
layers 2-3
(90 /+45 )

3rd Interface
layers 3-4
(+45 /-45 )

4th Interface
layers 4-5
(-45 /0 )

Fig. 7.6   Delamination growth around the hole at P = 3.8 kN. Models with one cohesive layer 
on the upper line, and model with 4 cohesive layers on the lower line
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while decreasing the element size. The shear stress level at the edge of the hole, 
where elements are almost fully damaged is slightly lower in the model with 
0.125  mm element size. Additionally, it can be noticed that the shear stress 
decreases along a shorter distance after the peak value is reached while decreasing 
the element size (Fig. 7.4b), which means that higher stresses are predicted ahead 
the crack tip when coarser mesh is used.

The element size parametric study shows that there is no need in this particu-
lar case to use element smaller than 0.5 mm, since no significant differences have 
been observed. An explanation is the predominance of mode II, where larger cohe-
sive zone allow coarser mesh to be used. The mode mix ratio, β, is estimated to be 
greater than 95 % (see Eq. 7.2).

7.3 � Comparison and Discussion

Some results of the fractographic analysis carried out on samples from experimen-
tal tests are presented in Fig. 7.7. Delaminations were observed between multiple 
layers at the tension loaded side (between layers 1–2, layers 2–3, layers 4–5, lay-
ers 7–8 and layers 9–10).

From the ultrasonic C-scan study, the size and the direction in which the dam-
age propagates are clearly identified. Figure 7.7b shows an extensive delamination 
damage area at the second interface, i.e. between 90° and 45° layers. Delamination 
growths in the transverse direction with respect to the load, with a delaminated 
area extended up to 20 mm from the hole edges at a maximum load of 3.9 kN. The 
results from the FE models 1, 2 and 5 show delamination direction of growth in 
good agreement with the experiment. However, the size of the delaminated area, 

(a)

Model 5

(b)

Interface 1 Interface 2Model 5

Model 2Model 1

Fig. 7.7   a Damage observed by ultrasonic C-Scan microscopy at interface 1 and b interface 2. 
Predicted damage from FE models are shown on the right
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which is represented in light grey in Fig. 7.7, is much smaller, extended at its max-
imum from 2 to 3 mm from the edges of the notch.

Regarding the comparison between FE model 5 and FE models 1, 2, 3 and 4, 
it can be seen that the number of cohesive layers being modelled influence the 
amount of damage and the size of the delamination at similar load levels. This is 
resulting from the distribution of damage in all cohesive layer in model 5, while 
damage is concentrated in one cohesive layer only for models 1–4.

The FE models adopted in this study underestimate the damage area compared 
to the experimental results. The difference can be explained by the fact that intral-
aminar damage like matrix cracking, which contributes to the delamination pro-
cess, has not been considered as a possible damage mechanism in the present FE 
study. Shear cracks were observed in the first 90° layer on the tension side. These 
cracks run through the layer and delaminations were observed on both sides of 
the layer (between the layers 1 and 2 and layers 2 and 3). Another explanation is 
the modelling of all cohesive layers using fracture toughness values for delamina-
tion in unidirectional laminates (i.e. 0°/0°). The laminate used in the study shows 
delaminations between layers with different orientation angle where the fracture 
energy may be lower [4], which influence the delamination onset and growth.

A particular feature of delamination in multidirectional laminates, not consid-
ered in this study, is the possibility for the crack to migrate from one interface 
to another, since the change in fibre orientation does not confine the crack at the 
interface where it initiated [5]. This delamination mechanism (multi-plane delami-
nation) interacts with intralaminar damage. Without considering it, the delam-
ination has no longer the possibility to grow through the weakest region of the 
laminate. This artificial restriction would probably yield accurate results for par-
ticular loading modes and laminate lay-up, where in-plane damage is not a driving 
damage mode. In the present case of notched multidirectional laminates loaded in 
bending, considering delamination only is not sufficient.

Previous papers [6, 7] have pointed out the complexity of predicting interact-
ing intralaminar and interlaminar damage growth. The finite element models are 
either conducted by implementing user-defined commands in finite element codes, 
or restricted to predefinition of possible failure regions.

7.4 � Conclusions

A need for a method to predict the strength of a laminate loaded in a combina-
tion of in-plane and out of plane loads (bending) during the design phase has been 
recognised. There is a potential with a methodology that can handle the difference 
in failure strain and failure mode, i.e. make use of the higher failure strain in bend-
ing. The tests presented in this work are an initial step to increase the knowledge 
needed to determine such a tool.

The delamination onset and growth in notched composite laminates has been 
investigated using finite element analysis and compared to experimental results. 
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From experimental C-scan and microscopic study of a tested specimen the delami-
nated and damaged areas were determined. Cohesive elements have been used to 
model delamination onset and growth between the observed delaminated layers of 
the notched laminate under flexural load.

The influence of the number of delaminated areas modelled is shown by five 
different models with either cohesive elements positioned between different layers 
or with cohesive elements positioned between all layers subjected to delamination. 
The models with only one cohesive layer show different results than the model with 
four cohesive layers in terms of the size of the delaminated area. No significant 
influence on the load displacement curves is noticed. The delamination process is 
probably too local to globally influence the behaviour of the composite plate.

The element size parametric study showed that there is no need in this particu-
lar case to use element smaller than 0.5  mm, since no significant differences in 
terms of load-displacement behaviour, size of the damage area or stresses have 
been observed. All models predict delamination to initiate in the region ranging 
from θ ≈ 66◦ to θ ≈ 114◦. Predicted position of delamination initiation and direc-
tion of growth correspond to experimental observations for all models. However, 
the extent of delamination growth is significantly underestimated for the second 
interface (90º/45º) on the tension loaded side. This discrepancy may be explained 
by an overestimate of the fracture toughness for the 90º/45º interface, employing 
fracture toughness data for a 0º/0º interface.

In-plane damage like matrix cracking occurs prior to delamination was also 
observed experimentally. It is therefore not enough to consider a FE model with only 
cohesive element to model the delamination process in notched composite plate. There 
is a need to model simultaneously progressive damage and delamination to accurately 
capture damage initiation and growth in notched composite plate under flexural load-
ing. To predict final collapse it is also necessary to include in-plane fiber failure.
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8.1 � Introduction

One of the most common failure modes for composite structures is the interlami-
nar delamination. Delamination as a result of impact, high stress concentrations 
from geometrical discontinuity or a manufacturing defect can cause a significant 
reduction in the compressive load-carrying capacity of a structure. When a delami-
nation is subjected to in-plane compressive dominated load, local buckling of the 
delaminated region may occur before global buckling of the laminate. In some 
cases a mixed mode buckling may occur, which is a combination of local and 
global buckling as shown in Fig. 8.1. Often, the global buckling load represents 
the failure load of the delaminated composite panel at global buckling, and no post 
buckling behaviour of the delamination needs to be analysed [1]. Hence, the global 
buckling mode has not been taken into account in the method described in this 
chapter. For local and mixed buckling modes, growth of delamination is generally 
the main mechanism leading to the failure of the delaminated composite and post 
buckling analysis of the delamination is therefore necessary.

The laminate’s lowered ability to resist to compressive loads greatly depends 
on the location of the delamination in the through-the-thickness direction but also 
on the area and shape of the delamination. An increase of the delamination area 
leads to a decrease in buckling load; an effect which is more pronounced when 
the delamination is located closer to the surface. The delamination location has a 
significant influence, especially on the buckling mode.
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Delaminations closer to the surface of the laminate generally buckle at a lower 
load. However, immediate failure will not occur if the delamination does not grow, 
since the energy level in the buckled plies is low. Experiments confirm that delam-
inated composite plates may sustain an increase in load after the buckling event 
up to the delamination growth. Therefore, it is necessary to both understand the 
effects of delamination buckling and delamination growth initiation to determine 
the residual strength after impact, commonly named Compression After Impact 
(CAI).

A Rayleigh-Ritz method is used to formulate an eigenvalue buckling problem 
and to predict buckling loads and deformation mode shapes. The method is used 
to determine the strain at which delamination buckling will occur for a compos-
ite plate containing a single delamination. The two-dimensional analysis assumes 
a delamination elliptical or circular in shape. Most analyses of delamination 
growth are based on the fracture mechanics approach and on the evaluation of 
the energy release rate. Post-buckling behaviour and delamination growth can not 
be predicted by the eigenvalue buckling problem as it is beyond the capability 
of this eigenvalue analysis. The delamination buckling theory and the theory of 
delamination growth will together determine the residual strength in delaminated 
composite plates. The theories of delamination buckling and determination of 
critical strains at crack growth that are described below have been implemented 
in the Fortran code CODEIN together with a new methodology for the charac-
terization of impact induced damage along the thickness. All these methodolo-
gies provide a first fast evaluation of the residual strength of impacted composite 
laminates

Fig. 8.1   Possible 
delamination buckling modes
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8.2 � Delamination Buckling and Growth

A plate, contain a single delamination, is assumed to be thin relative to its span, such 
that buckling instead of compressive failure occurs. The delamination is assumed to 
be elliptical or circular in shape, with local axes of symmetry which coincide or may 
be at an angle relative to the global axes. The origin of the delamination coincides 
with the origin of the global axes. The delamination is oriented by an angle θ between 
the local coordinate system (x′, y′) and the global coordinate system (x, y), and its 
size is described by the lengths 2a and 2b along the x′- and y′-axes, see Fig. 8.2.

The damaged region of the plate is divided into two sub laminates. The sub lami-
nates located above and beneath the delamination are referred to as the delaminated 
region and the base laminate (or base region), respectively (Fig. 8.3). To avoid mis-
understanding, the term “sub laminate” will also refer to the delaminated region. 
The base laminate is assumed to be rigid and only the delaminated region will be 

Fig. 8.2   Size, shape and orientation of a delamination

Fig. 8.3   Schematic partition of the delaminated plate
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subjected to local buckling. In other words, thin plate linear buckling theory is 
assumed to be valid.

When analysing elliptical delaminations the present buckling analysis is strictly 
valid only for those load cases where the shear component is relatively small. In the 
analysis the load is transformed to a load which coincides with the principle axes of 
the sub laminate in the x′y′-system. For example, in the case of pure shear the load-
ing is rotated 45° resulting in a compressive-tensile loading with no applied shear.

For circular delaminations no restriction on load cases exists. For engineering 
purposes, when designing an aircraft structure, it is most practical to consider cir-
cular delaminations with diameter equal to the largest of 2a and 2b as measured on 
impact specimens. This is a conservative approach.

8.2.1 � Delamination Buckling Theory

The theory is based on the Rayleigh-Ritz method, which is used for calculating 
buckling strains of elliptic and circular delaminations in orthotropic plates. The 
procedure is divided into the following main steps: (1) Selection of an admissible 
transverse displacement function. (2) Calculation of the total potential energy. 
(3) Creation of eigenvalue equation.

The following assumption on transverse displacement field for the delaminated 
region is made:

where C0, C1 and C2 are the so called generalized displacements.
The total potential energy, Π, of the sub laminate is the sum of the strain 

energy, U, and the potential energy of applied loads, V.

The assumed transverse displacement field, w, is substituted into the expressions 
for the strain energy and potential energy of external loads. After necessary differ-
entiation and integration the strain energy is given by

and the potential energy of external loads is given by

where {C}T0 = (C0,C1,C2), [K] and 
[

Kg

]

 are two different stiffness matrices and λ 
is a scalar factor of the reference load. The subscript “0” in {C}T0  indicates that the 
vector is normalized. An eigenvalue problem is created by taking the first invariant 
of the total potential energy:
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The solution of Eq. (8.5) results in three eigenvalues corresponding to three differ-
ent buckling modes. The lowest absolute eigenvalue corresponds to the first buck-
ling mode, hence the only one of interest. The critical strain, εbuck, is given by the 
lowest eigenvalue multiplied with the applied strain.

8.2.2 � Approximate Calculation of Strain Energy 
Release Rate

The adopted method for the calculation of the Strain Energy Release rate is based 
on work done by Chai and Babcock and Kachanov [2–4].

The analysis of initial growth of delaminations is based on a fracture mechanic 
approach and Griffith’s [5] linear elastic theory for crack propagation. Griffith 
based his considerations on a global balance of energy in an entire structure. 
The energy balance equation deals with the energy needed to create a new crack, 
energy stored in the structure as elastic strain energy, and the work done by exter-
nal loads. When a crack grows it obtains an increment in length while the poten-
tial energy of the body decreases and there is an energy release. According to 
Griffith’s theory of brittle fractures the energy release is used to create new crack 
surfaces. The total potential energy, Π, of the sub laminate is the sum of the strain 
energy, U, and the work done by applied loads, V.

Crack growth is possible when the energy release rate, G, reaches a critical value, 
i.e. when

where the energy release rate is defined as

The calculations of the total potential energy is divided into two stages; pre 
buckling (ε < εbuck) and in buckling (ε > εbuck). The strain energy and the poten-
tial energy of external loads are calculated differently in the two stages and the 
terms (Π0, U0, V0) and (Π, U, V) refer to pre buckling and in buckling, respec-
tively. In brief, pre buckling, no transverse deflection is assumed to take place 
and membrane energy is dominating. In buckling, the potential energy consists of 
membrane energy and bending energy but the bending energy is dominating if the 
deflection is larger than the thickness of the sub laminate.

Pre buckling (ε < εbuck), the elastic potential energy, Π0, is given by

and in buckling (ε > εbuck)

(8.6)� = U + V

(8.7)G = Gcrit

(8.8)G = −
d�

dA

(8.9)�0 = U0 + V

(8.10)�0 = U0 + V +�0
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No interlaminar stress, and consequently no energy release rate, develops at the 
delamination front until the delaminated region buckles. Therefore, in buckling, 
the total energy release rate of the ellipse becomes:

where Ga and Gb are the energy release rate along the “a” axis (“b” fixed) and along 
“b” axis (“a” fixed), respectively (see Fig. 8.4). The potential energy, Π0, is calcu-
lated using the strains and the load intensities referring to the initial buckling state.

In buckling, the derivatives of the bending energy with respect to a and b may 
be expressed by

where λ is a scalar factor of the reference load. Thus, λ is equal to the eigen-
value when buckling occurs. The normalized eigenvector {C}T0 = (C0,C1,C2) is 
obtained when solving the eigenvalue problem, Eq. (8.5). The vector represents the 
buckling shape (not its size). To be able to calculate G, the scalar factor (D0/C0) 
needs to be determined in {C}T = (D0/C0)(C0,C1,C2). The constant D0 is sim-
ply referring to the height at the centre of the buckle. Kachanov [3] presents an 
approach using a strip model to determine this constant (see Fig. 8.5).

The contraction Δ1 of the strip due to bending (in buckling) is

The contraction Δ2 due to compression after initial buckling is

where the strain ε0 refers to the added strain after buckling, i.e. ε0 =  ε −  εbuck 
where ε is the applied strain.
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Fig. 8.4   Geometry of the 
ellipse for the evaluation of 
the energy release rates
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Equating �1 = �2 leads to an expression for D0

When initial buckling occurs, the energy release rate is calculated by setting the 
applied strain equal to the buckling strain, ε = εbuck. If the critical energy release rate 
is reached when buckling occurs, the buckling strain is set to be the critical strain. 
Otherwise the critical far field strain, εcrit, related to the critical strain energy release 
rate, Gcrit, is found iteratively by changing the applied loads, (hence changing the 
height D0). The critical strain thus depends on the C-vector, through the increase of the 
buckle height (D0), and the external loads, which contributes to the performed work.

8.3 � Characterization of Damage

Three techniques to characterise impact damage are discussed with the proposed 
method. So far one of the techniques (T1) is fully implemented in the numerical plat-
form CODEIN. According to the first technique (T1), it is assumed that an ellipse 
covers the projected damage area and each individual delamination is assumed to 
have the same size as the ellipse (see Fig. 8.6). According to the second (T2) and third 
techniques (T3), each delamination is assumed to have a peanut shape in the direction 
of the neighbouring lower ply. In this chapter, only the first technique is considered.

8.3.1 � Numerical Implementation

The methodologie above introduced have been implemented in the Fortran code 
CODEIN. The CODEIN flow chart is shown in Fig.  8.7. The input data are the 
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Fig. 8.5   Strip model 
proposed by Kachanov to 
determine the constant D0

Fig. 8.6   Damaged area 
evaluated according the T1 
technique
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material properties, the ply thickness, the dimensions of the elliptical or circular 
damage (the major axis a and the minor axis b of the ellipse), the in-plane loads, 
the stacking sequence, the critical strain release rate value, Gcrit. Depending on 
the characterization of the damage, three techniques T1, T2 and T3 can be used in 
CODEIN.

The code allows the single delamination to advance through the stack of the 
laminate. The buckling strains and the critical strains are determined for each 
sub laminate. According to the flow chart below the strains and stresses are cal-
culated for the undamaged laminate. Further on, the stiffness and the stresses of 
the sub laminate are determined. The stresses are transformed to the local coor-
dinate system of the ellipse, i.e. the local x-axis coincides with the major axis of 
the ellipse. The eigenvalue problem is created in the local system. The solution 
of eigenvalue problem results in three eigenvalues corresponding to three differ-
ent buckling modes. The lowest absolute eigenvalue corresponds to the first buck-
ling mode, (hence it is the only one of interest). The eigenvalue multiplied by the 
applied strain determines the initial buckling strain. Finally, the critical strain is 
determined.

8.3.2 � Description of Method

The introduced method for the characterization of damage assumes that there is a 
constant projected damage size through the laminate thickness. Actually, there is a 
variation of damage size through the thickness and for thick laminates the damage 

Fig. 8.7   Schematic representation of the method’s numerical implementation
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only extends through a part of the thickness. The consequence of this assumption 
(constant damage size along the thickness) is that the method becomes too con-
servative for thicker laminates.

In this chapter is an approach of an extended method to predict failure in a 
composite laminate with an impact damage presented. The development work is 
ongoing and that the approach could be changed. No validation activity has been 
performed at the moment.

The approach is:

•	 An analytical tool to predict damage extension at impact of a composite laminate in 
all directions is used (development ongoing) or the damage area is already known.

•	 Damaged area is handled as the damaged material doesn’t carry any load, i.e. 
circular hole with a specified depth

•	 The remaining material is threated as a soft inclusion
•	 The stiffness of the soft inclusion is assumed to be scaled with respect to the 

relationship between undamaged laminate thickness at the impact damage and 
the original laminate thickness

•	 An analytical tool to calculate stress/strain field in a plate with a soft inclusion 
for arbitrary in-plane load is used (existing tool Saab)

•	 Failure load is determined by comparing max strain at the soft inclusion with 
allowed strain

•	 In parallel calculations using the current method based on delamination buck-
ling and damage growth (CODEIN) is performed

•	 Finally failure load is selected based on strain in a soft inclusion and/or predic-
tion with the current method CODEIN on delamination buckling and growth. 
The final strategy for this selection is to be determined (Fig. 8.8).

Fig. 8.8   Scheme of the steps 
implemented in this method

torigtred
EorigEorig

Esoft = Eorig*tred/torig Eorig
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8.3.3 � Analytical Tool to Predict Damage Extension

Development of an analytical tool to predict damage extension is ongoing. With 
help of equations given by Prasad et  al. [6] it is possible to determine the inter-
laminar stresses for a plate subjected to an impact force.

Where X and Y are defined as

The impact force is modeled as a dynamic cosine-cosine distributed load over a rectan-
gular area that can be iteratively determined. The force can be determined by solving

(8.16)
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The matrix failure mode is determined using equations suggested by Hashin [7].

An example of predicted force versus time and deflection versus time is presented 
below and compared with test result on a 6.24 mm thick plate (Fig. 8.9).

(8.19)
σ
2
mu =

1

sin2 (θ)

(

sin2 (θ)

σ 2
T

+
cos2 (θ)

τ 2A

)

Fig. 8.9   Comparison between an experimental test (diagram in the upper side of the figure) and 
numerical results (diagrams in the lower side of the figure)



198 S. Nilsson et al.

8.4 � Benefits and Limitations of the Method and Added 
Value with Respect to the State of the Art

Benefits

•	 Influence from damage extension through thickness can be handled
•	 Damage extension is calculated, i.e. must not be measured by NDT
•	 Not only restricted to the ‘no growth’ philosophy

Limitations

•	 Still an approximate method used for initial judgement. Finally testing is needed
•	 Some fitting of method for correlation with test results may be needed
•	 Some limitations regarding plate size and impact event.
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9.1 � Introduction

Carbon Fibres Reinforced Plastics composites have been demonstrated particularly 
suitable for aerospace structural applications due to their high specific strength and 
stiffness. Nevertheless, the relevant costs related to composites manufacturing and 
the difficulties in predicting their failure mechanisms have considerably slowed 
down their integration in the aerospace industry. Furthermore, the lack of robust 
numerical tools, able to take into account the damage tolerance of composite struc-
tures, especially in the preliminary design phases, has led to an over-conservative 
design, not fully realising the promised economic benefits.

Among their several and complex failure mechanisms, composite structures 
have been demonstrated to be highly sensitive to delaminations arising after 
impact with foreign objects or caused by manufacturing defects. Hence, in order to 
design less conservative aerospace composite structures, it is mandatory to account 
for the effects of delaminations and their evolution even in the earlier stages of 
the design process. In order to achieve this goal, newer and faster numerical pro-
cedures representing the main phenomenological features governing the struc-
tural behaviour of damage tolerant composite structures, such as the delamination 
growth, needs to be developed.

The mechanical behaviour of composite structures with delaminations has been 
widely investigated in literature. Indeed, a number of delaminations’ numerical 
models characterised by different degrees of complexity have been proposed and 

A. Riccio (*) · M. Damiano 
Department of Industrial and Information Engineering,  
Second University of Naples, via Rome n 29, 81031 Aversa, Italy
e-mail: aniello.riccio@unina2.it



200 A. Riccio and M. Damiano

“ad hoc” experimental tests have been performed on delaminated composite struc-
tures. The experimental activity on through-the-width and embedded delamina-
tions presented respectively in [1–5] has given a valuable contribution to improve 
the knowledge on these defects, providing at the same time a useful database for 
the validation of novel numerical tools. Recently, some interesting experimental 
works have been published regarding the evaluation of toughness properties of 
composite materials enhanced by carbon nanotubes [6, 7] and thin-ply prepregs 
[8], which could help to improve and to validate both traditional and novel numer-
ical methodologies.

The numerical activity has been focused on the simulation of the mechanical 
behaviour of composite structures with delaminations. Various mono-dimensional 
and 2-dimensional models for the analysis of trough-the-width delaminations 
are introduced in [9–12]. An example of mono dimensional analytical approach 
is given in [9], where a second order shear-thickness deformation beam theory is 
introduced to cope with fracture mode I in angle-ply laminated composites while 
2-dimensional numerical delamination models focused on the post-buckling 
behaviour of plates with trough-the-width delaminations are proposed in [10–12].

Fully 3-dimensional approaches, both analytical [13, 14] and numerical [15–20], 
have been found mandatory for the simulation of the mechanical behaviour of com-
posite plates with embedded delaminations. In [13, 14] the post-buckling behaviour 
of composite plates with embedded delaminations under compression is investi-
gated and appropriate analytical models are introduced to detect the delamination 
growth initiation based on the Strain Energy Release Rate evaluation. Relevant 
steps towards the realistic modelling of delamination have been made in [15, 16], 
where the influence of the geometrical parameters of embedded delaminations on 
the buckling modes of delaminated composite panels have been investigated by 
means of numerical analyses. The importance of a suitable model for the contact 
phenomena between the sub-laminates has been highlighted in [17, 18] where a 
numerical approach based on unilaterally constrained, finite, rectangular plates has 
been employed. In [19, 20] the influence of contact phenomena between the sub-
laminates on the strain Energy Release Rate (ERR) distribution along the embed-
ded delaminations front has been investigated in detail for composite panels with a 
single delamination.

As a matter of facts, none of the above mentioned papers presents models 
able to simulate the growth of delaminations. On the contrary, in [21–29] more 
complex models, taking into account the delamination growth, are introduced. In 
[21, 22] a 2-dimensional approach for the simulation of the delamination growth 
in composite panels with through-the-width delaminations is presented. This 
approach is based on the Modified Virtual Crack Closure Technique (MVCCT) for 
the calculation of the Energy Release Rate and on the Penalty Method (PM) for 
the simulation of the contact phenomena.

In [23], although a detailed investigation on embedded delaminations’ growth 
has been carried out, only panels with a single delamination have been investi-
gated reporting no information on the contributions of the single opening crack 
modes on the total strain Energy Release Rate.
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The contribution of each opening crack mode on the overall Energy Release 
Rate distribution has been investigated in [24–26] where the approach adopted 
in [21, 22] has been extended and validated for single [24, 25] and multiple [26] 
embedded delaminations. An interface element able to address the problems of ini-
tiation and propagation of delaminations in laminated composites has been devel-
oped in [27] while cohesive surface approaches based on meso-mechanical models 
are introduced in [28, 29]. An accurate 3-D model based on continuum damage 
mechanics/Cohesive zone and able to determine the delamination growth shape by 
predicting inter-laminar crack onset and propagation is introduced in [30]. Both 
Virtual Crack Closure technique and Cohesive zone based approaches are progres-
sively being implemented into commercial Finite Element codes which allow for 
detailed simulation of delamination initiation and growth [31].

The improvement of knowledge on the delamination growth phenomena, 
gained during the last decades, has favoured the research activities upon delamina-
tion evolution in complex composite structures such as the stiffened panels which 
are more representative from a design perspective. In [32, 33], experimental activi-
ties on stiffened composite panels containing delaminations have been performed 
and the influence of delamination position (in bay or under stringer) on its growth 
has been deeply investigated. A detailed numerical model for delamination growth 
based on the VCCT is applied to stiffened panels in [34]. This model is proven 
to be able to simulate the influence of the delamination size and position on the 
growth load and shape. In [35] stiffened panels with artificial partial debonding 
between stringer and skin and with delaminations in different positions have been 
numerically investigated by the VCCT. Influence of delamination size and position 
on the global buckling behaviour of the panels was the focus of the study.

For complex structural and material configurations such as stiffened composite 
panels, analytical approaches for the determination of the Energy Release Rate are 
clearly not easily applicable, therefore numerical (FEM for instance) methods are 
necessary. These numerical methodologies are, usually, employed to determine the 
complex state of forces acting around the delamination and the displacement field 
for the part of structure which has locally buckled. In general, due to the pres-
ence of geometrical non-linearity, related with the buckling phenomenon, numeri-
cal technique based on non-linear algorithms are required: as a consequence, the 
computational costs associated to such analyses may be quite relevant and time 
consuming. High computational costs are, generally, acceptable when detailed ver-
ification analyses are performed; whereas, for preliminary design and optimisation 
purposes, less expensive procedures are needed.

Thus, the study presented in this chapter has been aimed at developing a lin-
ear approach useful to improve the preliminary design and optimisation of stiff-
ened composite panels tolerant to low velocity impacts induced damage. In the 
next sections the theoretical background of the proposed approach and the Finite 
Element implementation are detailed. Finally a numerical application consisting 
in a sensitivity study on stiffened composite panels with embedded delamination 
(with varying delamination size position in the skin and position along the thick-
ness) is presented and discussed.
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9.2 � Description of the Method: Theoretical Background

It is well known that, under compression load, composite structures [36] and in 
particular delaminated stiffened panels [32–34] can exhibit localised buckling 
phenomena. More precisely, for bay delaminations of appropriate sizes and local-
ised at relatively small depths, two main scenarios can be singled out: the thin-
ner sub-laminate buckles locally while the thicker sub-laminate remain unaffected 
(Fig. 9.1a); both sub-laminates buckle exhibiting a sort of mixed buckling mode: 
such a mode can often be seen as a local mode with respect to the rest of the sur-
rounding structure, however it involves the whole delaminated area (Fig. 9.1b).

Often, the buckling of the thinner sub-laminate occurs, first, during the load-
ing process, while the buckling in the ticker sub-laminate is somehow dictated by 
the geometrical arrangements of the structure, such as bay delamination size and 
depth.

Usually, under compressive load, in stiffened composite panels with thin bay 
delaminations, the first scenario may evolve, due to delamination growth, and it 
may lead to the occurrence of the second-like scenario, in which the entity of dam-
age is much more critical triggering more dangerous forms of buckling/failure 
phenomena. The first-like delamination scenario could be induced by accidental 
sources of damage, such as impacts or manufacturing defects. Therefore, in order 
to design damage tolerant stiffened composite panels, it is extremely important to 
evaluate and to predict when, starting from the first-like delamination scenario, 

(a) (b)

A

A’

Sect A-A’
Local Buckling

Sect A-A’
Mixed Buckling

Fig.  9.1   Schematic representation of possible delamination scenarios in composite structures 
(the initially delaminated area is highlighted in red onto the panel sketch): a local buckling of the 
thinner sub-laminate; b “global” buckling of the delaminated area
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bay delaminations may propagate leading to the second-like delamination sce-
nario. The evolution mechanisms of bay delaminations in composite stiffened 
panels drives the attention of the authors, in this chapter, toward the first-like sce-
nario (Fig. 9.1a), which can be considered as the crucial stage for the evaluation 
of the embedded delaminations effects on structural integrity under compression 
loads. Theoretically, delaminations can be handled like cracks in brittle materi-
als; hence the principles of linear elastic fracture mechanics for brittle materials 
hold. According to these principles, the propagation initiation of a delamination at 
a generic location along the delamination front, schematically shown in Fig. 9.2, 
can be considered governed by the expression (9.1) defining the Energy Release 
Rate as the variation of the potential energy ΔE associated to an increase ΔA of 
the delaminated area A.

When this Released Energy reaches a critical value GC, which depends only 
upon the material properties, the delamination is supposed to growth.

(9.1)G = −
�E

�A

= Gc

Fig. 9.2   Propagation of 
the delamination front (first 
scenario) under compression 
load
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It is possible to distinguish among three different Energy Release Rate contribu-
tions associated to the three basic fracture modes: mode I, mode II and mode III 
schematically shown in Fig.  9.3. For the first delamination scenario, when the 
thickness of the buckled sub-laminate is much smaller than the total laminate 
thickness, the contributions of fracture mode II and mode III can be neglected 
(first assumption) because the first opening mode is clearly predominant over the 
remaining two. This consideration is demonstrated by both numerical analyses and 
analytical solutions in other published papers as [19, 25, 37].

The calculation of the energy released due to an increment in the delamina-
tion size and its relation with the applied load determines when the delamination 
advances. The Energy Release Rate distribution, along the embedded delamination 
front, is non uniform mainly due to the orthotropy character of the materials, the 
non uniformity of load distribution and the complexity of the surrounding struc-
ture. In particular, the Energy Release Rate can locally exceed its critical value, 
leading to a non-uniform progression of the delamination front (as schematically 
shown in Fig.  9.2). However, for the first-like delamination scenario, when the 
buckled sub-laminate thickness is considerably smaller than the total laminate 
thickness and when there is no delamination buckling mode shape jump between 
the first delamination buckling event and the delamination growth [38], the Energy 
Release Rate distribution can be assumed (second assumption) mostly influenced 
by the out of plane displacements along the delamination front [22, 25, 26, 34] on 
first delamination buckling.

For complex structural and material configurations such as stiffened composite 
panels, analytical approaches for the determination of the Energy Release Rate are 
clearly not easily applicable, therefore numerical (FEM for instance) methods are 
necessary. These numerical methodology are, usually, employed to determine the 
complex state of forces acting around the delamination and the displacement field 
for the part of structure which has locally buckled. In general, due to the pres-
ence of geometrical non-linearity, related with the buckling phenomenon, numeri-
cal technique based on non-linear algorithms are required: as a consequence, the 
computational costs associated to such analyses may be quite relevant and time 
consuming. High computational costs are, generally, acceptable when detailed 
verification analyses are performed; whereas, for preliminary design and opti-
misation purposes which are of main interest in this chapter, less expensive pro-
cedures are needed. In the next section, a new linear approach, applicable to the 

Fig. 9.3   Basic fracture 
modes

MODE  I MODE  II MODE  III
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first delamination scenario under the previously cited assumptions, is introduced. 
Such a procedure, can result extremely useful when designing stiffened composite 
panels capable to avoid the delamination growth event by predicting, the external 
load which causes the progression of a initial given delamination and by predict-
ing the growth location along the delamination front. Indeed, considering only the 
first delamination scenario under the two main assumptions previously introduced 
(mode I predominance and Energy Release Rate distribution mostly influenced 
by the first delamination buckling out of plane displacements’ distribution along 
the delamination front), restricts the applicability of the linear method to stiffened 
composite panels with thin bay delaminations.

Nevertheless, it should be noted that thin bay delaminations are of major con-
cern in aerospace design with composite materials because they represent one of 
the most frequently occurring damage typology as a consequence of low velocity 
impact treats. Hence the proposed linear approach can be properly considered as 
finalised to the improvement of preliminary design and optimisation of stiffened 
composite panels tolerant to low velocity impacts induced damage.

The new proposed methodology could be schematised in the following steps:

1.	 calculation of the local buckled shape (mode) of the thinner sub-laminate 
(delamination buckling) by means of a linearized buckling analysis;

2.	 determination of the location along the delamination front with maximum 
Energy Release Rate according to out of plane buckling displacements.

3.	 calculation of the energy released by the structure at delamination growth initi-
ation by means of a linearized buckling analysis together with two linear static 
analyses;

4.	 evaluation of the delamination growth initiation load;
5.	 determination of the Energy Release rate distribution along the delamination 

front at growth initiation according to out of plane buckling displacements.

The first linearised buckling analysis is meant to calculate the first buckling load 
and mode. In Fig.  9.4 a schematic representation of the analysed delamination 
scenario is presented. This representation, used to simplify the description of the 
proposed methodology, will be proven to fit very well with the adopted Finite 
Element Modelling.

Considering the overall structure subjected to an external compressive load F, 
when the elastic stability threshold is reached, the thinner sub-laminate (labelled 
as 1 in Fig. 9.4) buckles: an eigenvalue analysis (linearized buckling analysis) can 
give the delamination buckling load (eigenvalue) and mode (eigenvector). Hence, 
at each position i along the delamination front, it is possible to univocally deter-

mine the normalized out of plane displacements, �w
i

�w
k
 (i, k = 1… N), where N is 

the total number of considered locations along the delamination front (Fig. 9.5).
Beyond the delamination buckling event, characterised by the critical load Fcr, 

the residual non-linear contribution of the buckled thinner sub-laminate to the 
global stiffness can be neglected when the thickness of the buckled sub-laminate 
is much smaller than the total laminate thickness (this, as already anticipated in 
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the previous section, does not limit the present formulation for the applications of 
interest). In this situation, even long after the first buckling event, the non-linear 
stiffness contribution due to large displacements and rotations of the buckled sub-
laminate is extremely smaller if compared to the global laminate stiffness. Thus 
the stiffness KA of the overall post-buckled structure with a delamination size A, 
can be approximately calculated by removing the sub-laminate labelled as (1) in 
Fig. 9.5. The same considerations can be repeated when the delamination size is 
A + ΔA (see Fig. 9.2); hence a new delamination buckling load Fcr′ and a new 
stiffness of the post-buckled structure KA+ΔA can be defined.

In Fig. 9.6 a graphical representation of the global structural stiffness evolution 
is given for both structures, characterised by the two different delamination sizes 
through the loading process. Starting from the pre-buckling global stiffness value 
K0, the delamination buckling, for the two analysed delamination sizes reduces the 
global stiffness respectively to KA and KA+ΔA opening two distinct equilibrium 
paths.

Sect A-A’A

A’

00
2

1

0 02

1

F F

beam

plate

0 -Pristine part
1 -Thinner sub-laminate
2 -Thicker sub-laminate

Fig. 9.4   Locally delaminated stiffened panel and its schematic representation

Fig. 9.5   Delamination 
buckling out of plane nodal 
displacements Δwi along the 
delamination front

0 0

2

1

F F

d

∆w i

buckled
location i along the 
delamination front
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With reference to Fig. 9.6, the progressive quasi-static increase of the delami-
nation size, from A to A + ΔA, for a structural element subjected to compressive 
displacements, can be reduced to a jump from the former to the latter equilibrium 
path [24]. Hence, for each displacement value u*, the overall energy loss ΔE(u*) 
[area (A’ACB) in Fig. 9.6], related to the delamination size increment ΔA, is given 
by:

where EA(u*) and EA+ΔA(u*) are the elastic energies absorbed as a consequence of 
the applied displacement u*, by the structures respectively with the delamination 
size A and A + ΔA. Introducing the quantities:

(9.2)

�E(u∗) = E
A(u∗)− E

A+�A(u∗) = area(A′
ACO

′)− area(A′
BO

′)
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AOO

′)− area(A′
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′)

=
1

2
K
A
(

u
∗ − u

cr
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+
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(

2u
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′

− u
cr

)(

u
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′
)
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2
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(
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′
)2

(9.3)
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(
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Fig.  9.6   Stiffness evolution of the stiffened composite panel under compression, before, after 
the delamination buckling and after the delamination propagation
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Equation (9.2) can be rewritten as:

and it can be compacted in:

where:

Equation  (9.5) represents the total amount of energy released during the delami-
nation propagation as a quadratic function of the difference between the applied 
displacement and the critical buckling displacement. Considering that the delami-
nation growth initiation is a local phenomenon occurring only at the location of 
delamination front, where the Energy Release Rate is maximum, the correct 
evaluation of the of KA+ΔA and the Fcr′, respectively, the stiffness and the critical 
buckling load for the configuration with delamination size A + ΔA, necessarily 
requires the determination of the location characterised by the maximum ERR.

According to the assumptions made in the previous section, and to the further 
reasonable assumptions:

1.	 geometrical and material configurations onto the delamination front nearly 
constant

2.	 local delamination bending stiffness nearly constant			 

	 it can be realistically assumed that the ERR distribution, related to the delami-
nation size increment Gi(u*) follows the same distribution as the square of the 
first delamination buckling out of plane displacements Δw:

(9.4)
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and, in particular the following relation holds:

With the superscripts i and k referring to a particular location along the delamina-
tion front, over the N total considered, and with the superscripts m indicating the 
location with maximum Energy Release Rate. By means of relation (9.6) it is pos-
sible to determine the location m by evaluating the value of the square of the first 
delamination buckling relative out of plane displacements Δwi and Δwk at each 
location i.

The further assumption of delamination buckling and delamination growth 
initiation events close each other let us to consider the Energy Release rate dis-
tribution along the delamination front constant with the increase of load. Hence 
relations (9.7) and (9.8) continues to hold and the maximum ERR location m does 
not change and the delamination growth will initiate at this location when the local 
Energy Release Rate will reach the critical value GIC. Indeed at growth initiation 
the following relation must hold:

where ΔAm is the increment of delamination size at the maximum ERR location. 
Substituting relation (9.5) into Eq. (9.9), it is possible to write:

By solving Eq.  (9.10) for Δu (hence for the applied compressive displacement 
u*), it is possible to find the critical displacement udel at which initiation of delam-
ination growth is expected. Substituting this found displacement, udel, in Eq. (9.9) 
it is possible to determine the value of the Energy Release Rate at location m at 
growth initiation. Finally, from Eq.  (9.7), it is possible to evaluate the reference 
value Gk(u*) and the Energy Release Rate value at growth initiation for each loca-
tion, i, along the delamination front.

The last step, in the proposed methodology is represented by the evaluation of 
the applied external compressive load, required to trigger the delamination growth; 
this load value can be computed by using relation reported in Eq. (9.11).

(9.8)
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9.3 � Finite Element Implementation

The above presented methodology has been implemented in the ANSYS FEM 
code [39] by using a macro written in the Ansys Parametric Design Language 
(APDL). The FEM model needs to be accurate especially near the delamina-
tion front in order to correctly predict the local buckling modes pertaining to the 
delaminated part of the structure. The number and size of the finite elements have 
been selected according to suitable convergence studies, whose results are not pre-
sented here for the sake of brevity.

The delaminated stiffened panel is modelled by means of eight nodes layered 
shell elements, rigid-links and interface elements based on multipoint constraints. 
In Fig. 9.7, the shell finite element model of the stiffened panel with a bay delami-
nation is presented while in Fig.  9.8a the different parts of delamination model, 
labelled according to the notation of Fig. 9.5, are illustrated and in Fig. 9.8b the 
thickness representation of the shell is shown.

Fig. 9.7   FEM model of the stiffened panel with bay delamination

0 1

2

Interface MPC elements

Rigid constraints

(a) (b)

Fig. 9.8   Modeling details: a delamination modelling with shell elements, rigid links and inter-
face MPC elements; b thickness representation of shell element
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The dimensions of shell elements close to the delamination boundaries have 
been chosen accordingly to the convergence study performed in [40]. Eight nodes 
Shell99 layered elements are used to model the skin, the stringers and the delami-
nated sub-laminates; CERIG (rigid constraints connecting all the dofs) are used to 
connect stringer feet to the skin and they are also uniformly distributed along the 
delamination front at the delamination tip, to connect the sub-laminates to the rest 
of the skin. CONT elements with multipoint constraints are adopted to connect 
the delaminated area to the rest of panel without transition mesh (see the ANSYS 
operation manual [39] for further details on the adopted element formulations).

The ANSYS APDL macro can launch the ANSYS solver according to the 
computational steps previously introduced. First, an eigenvalue buckling prob-
lem (linearised buckling) is solved giving the delamination buckling frequency 
and mode for the structure with delamination size A. Then, the critical com-
pressive load Fcr, the critical displacements ucr and the normalized nodal dis-
placements �wi

�wk

 for the structure with delamination size A, are evaluated. Using 
these latter displacement values, the node with maximum Energy Release Rate 
is identified implementing relation (9.8). A further eigenvalue analysis is per-
formed on the structure with the delamination size A + ΔA (delamination size 
increased at the location with the maximum energy release rate) in order to find 
the Fcr′ and ucr′ values needed for the Energy Release Rate computation. Then 
the evaluation of the stiffness K0 of the intact structure, the post-buckling stiff-
ness KA of the structure with the delamination size A and the post-buckling stiff-
ness KA+ΔA of the structure with the delamination size A + ΔA is performed 
(examples of the FEM models, with suppressed thinner sub-laminate, adopted 
to determine KA and KA+ΔA are respectively given in Fig. 9.9a, b). Finally the 
values of the applied displacements and loads at growth initiation are computed 
along with the Energy Release Rate at delamination front respectively, by solv-
ing Eqs. (9.10), (9.11) and (9.7).

(a) (b)

Fig.  9.9   Finite element model of the delaminated area with suppressed thinner sub-laminate. 
a Delamination size A; b delamination size A + ΔA
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9.4 � Numerical Application: Sensitivity Analysis  
on a Stringer-Stiffened Panel with an Embedded 
Delamination

The procedure previously descripted is suitable to the fast evaluation of the delam-
ination tolerance in the preliminary design phase. A parametric study conducted 
on a stringer stiffened panel (see Fig. 9.10) shows the influence of several param-
eters on the delamination growth load. For a given stacking sequence and geomet-
rical configuration, the effect on the delamination tolerance due to the depth of 
the delamination, its position within the three bays and the delamination size have 
been analysed.

In Fig.  9.11 the geometric description of the structure used to evaluate the 
delamination propagation is reported.

In Table 9.1 the relevant stacking sequences of the stiffened panel components 
are presented.

The properties of the material systems adopted in this study are shown in 
Table 9.2.

The evaluation of the damage propagation load has been performed for differ-
ent delamination sizes, position over the skin and depth. The results, in terms of 

Fig. 9.10   Overview of several analyzed configurations varying: a radius, b delamination loca-
tion and c thickness of sub-laminate



2139  A Fast Numerical Methodology for Delamination Growth …

propagation load as a function of the delamination radius, are shown in Fig. 9.12. 
Results presented in Fig. 9.12 have been obtained for bay circular delaminations 
centered at 131 × 250 mm (side bay delamination) and placed between the third 
and fourth ply at 0.564 mm from the bottom skin.

The critical load, reported in Fig.  9.12, decreases, as expected, for delamina-
tion radii between 15 and 25 mm. On the other hand, an increase in delamination 

52.27

25.24

1.88

3.76

116.73

20.365

500
600

bottom surface

top surface

Fig. 9.11   Stiffened panel geometry overview

Table 9.1   Stacking 
sequences of the stiffened 
panels components

Component Stacking sequence

Skin [45, 0, 90, −45]3S

Cap stringer [45, −45, 0, 0, 90]S

Web stringer [45, −45, 0, 0, 90]2S

Table 9.2   Properties of the 
material system considered 
for the stiffened composite 
panels

AS4/3501-6

E11 147.0 GPa Longitudinal young’s 
modulus

E22 = E33 9.0 GPa Transverse young’s modulus

G12 = G13 5.0 GPa Shear modulus

G23 3.0 GPa

ν12 = ν13 0.33 Poisson’s ratio

ν23 0.42

GIc 175 J/m2 Critical ERR for mode I

GIIc 532 J/m2 Critical ERR for mode II

GIIIc 532 J/m2 Critical ERR for mode III

t 0.188 mm Ply thickness
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growth initiation load can be appreciated for delamination radii between 25 and 
40 mm; this behaviour is probably due to the stringer effect that improves the local 
stiffness at delamination front and become noticeable as the delamination radius 
increases and delamination front approaches the stringer foot.

The effect of delamination depth on growth initiation can be appreciated in 
Fig.  9.13 where three different thickness positions have been considered: 0.386, 
0.564 and 0.752  mm from the bottom surface of the skin. Indeed, in Fig.  9.13 
the influence of delamination depth on the distribution of energy release rate at 
growth initiation along the delamination front can be appreciated. Results shown 
in Fig. 9.13 have been obtained for delamination with a 20 mm radius located in 
the side bay near panel edge at 131 × 125 mm.

The energy release rate distribution at growth initiation along the delamination 
front, of the analysed cases, shows a noticeable dependency on the sub-laminate 
thickness resulting also in a different direction of damage growth.

In Fig. 9.14 the energy release rate distributions at growth initiation along the 
delamination front for several positions of the delamination in central and lateral 
bays are illustrated.

Figure  9.14 clearly shows that there is no relevant influence of delamination 
position in the skin on the energy release rate distribution and consequently on the 
angle of delamination growth.

The sensitivity study, here briefly presented, has shown the ability, of the developed 
linear procedure for delamination growth initiation prediction, to provide useful data 
in terms of limit load for the growth of a circular delamination and energy release rate 
distribution along the front. As expected, the applicability of the linear model to a spe-
cific configuration strictly depends on the capability of this geometrical configuration 
to fulfill the assumptions on which the linear model is based. In Table 9.3 the results 
obtained from the performed sensitivity analysis are summarized.

In Fig. 9.15 contour plots of the out-of-plane-displacements are illustrated both 
on the local zone of the model and for the whole structure. For the latter case a 
scale factor has been applied to emphasize the direction of damage propagation.
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Fig.  9.12   Propagation load as a function of the delamination radius for configurations with a 
side bay delamination positioned at 131 × 250 mm and at 12.5 % of the panel thickness
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9.5 � Benefits and Limitations of the Method and Added 
Value with Respect to the State of the Art

The cited techniques for the numerical simulation of delamination growth, such as 
the VCCT and the cohesive zone, due to their strict relation between the delami-
nation propagation and buckling phenomenon, are based on geometrically non-
linear models which can be computationally expensive, especially for complex 
geometrical shapes (as in the case of stiffened panels). A first attempt in limiting 
the computational time has been made in [41] where a loose global local coupling 
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technique has been adopted for optimisation purposes on damage tolerant compos-
ite panels. However, the use of non-linear techniques [42] for delamination growth 
simulations, even if accompanied by global-local coupling, is still unsuitable for 
preliminary design and optimisation of stiffened composite panels; hence newer 
fast numerical methodologies for delamination growth simulation (possibly based 
on linear calculations) are desirable in order to support the effective “damage tol-
erant” design of composite structures.

Fig. 9.15   Contour plot of the out-of-plane displacements for three investigated configurations: 
a central bay with a 30 mm radius, 0.564 mm thickness, b left bay, 20 mm radius and 0.376 mm 
thickness, and c central bay 0.564 mm thickness and 20 m radius
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The activities performed at CIRA within the GARTEUR AG-32 have been 
focused on the development of a linear delamination growth initiation approach 
for the preliminary design of delaminated stiffened composite panels. The new 
methodology is derived by the one introduced and validated in [37] enabling the 
simulation of delamination growth by means of four linear analyses. The first lin-
earised buckling analysis is needed to determine the delamination buckling shape 
and load. The second linearised buckling analysis along with two linear static 
analyses are employed to evaluate the amount of energy released by the delamina-
tion propagation by means of the elastic energy balance. Under certain hypotheses, 
which can be considered acceptable in the preliminary design and optimisation 
phases, the new approach developed can provide the delamination growth load and 
location in delaminated composite structures.
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10.1 � Introduction

More and more composite materials are used within primary load carrying aircraft 
structures. Examples are Boeing 787 and Airbus A350XWB where the composite 
content has increased up to 50–60 % by weight.

With the aim to decrease manufacturing cost the structures are given a higher 
degree of integration and complexity. More integrated structures give fewer arti-
cles and fewer steps in the manufacturing chain. In many cases new innovative 
design solutions are a requirement to enable integrated structures. Good examples 
of this are Saab Aerostructures redesign of the A320 aileron and design of Boeing 
787 “Bulk Cargo Door”, where manufacturing costs have been reduced consider-
ably by innovative design solutions. Also the maximum thickness of laminated 
composite structures is increasing in aircraft structures. For example, the wing 
spars of the inner wings as well as the central wing box in modern aircraft are 
made from composite laminates with thickness exceeding 40 mm.

As a consequence of this development composite structures are expected to be 
exposed to higher interlaminar loads (bending, transverse shear etc.). Furthermore there 
is a strive to, in a larger extend, permit operation in the post-buckled regime, which 
also contributes to the out of plane loads. Cut-outs and holes are commonly used in the 
structure to facilitate placement of cables, as lightening holes, for inspection of inner 
structure etc. Such cut-outs result in notch stresses that are known to cause significant 
reduction in both tensile and compressive strength of a composite structure.
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Traditionally composite structures are designed to minimize out of plane 
loading, due to the low interlaminar strength of the material. Because of this 
there is a lack of design tools and data that handles these loads. To facilitate the 
modern requirements on design mentioned above and to increase the potential 
and reduce conservatism during design there is a need to increase the knowledge 
regarding strength of out of plane loaded composite structures. The experimental 
study presented in this work is one step in this direction. Here laminates with two 
different thicknesses and widths as well as notch sizes are tested in bending. For 
comparison, also impacted laminates have been tested in bending and compres-
sion. Accompanying tests in compression are performed and reported to allow the 
evaluation of the full effects of bending.

10.2 � Mechanical Tests

Saab Aerostructures manufactured laminates from HTA/6376C carbon fibre/epoxy 
pre-preg, according to the Saab standard and test plan [1]. Two nominal laminate 
thicknesses were manufactured, 4.16 and 8.32  mm respectively, using the quasi 
isotropic layups [(0/90/+45/−45)4)]S and [(0/90/+45/−45)8)]S.

Specimens were machined to a width of 36 and 156 mm with a 6 and a 25 mm 
drilled hole respectively, giving the same D/W-ratio. The specimens were manu-
factured to be tested in four point bending or compression.

Specimens to be impacted before mechanical test were machined to a width of 
156 mm. The specimens were clamped (150 × 230 mm) and impacted in a drop-
weight rig with 35 J using a spherical impactor with a radius of 8 mm.

10.2.1 � Bending and Compressions Tests

Bending tests were performed in a Zwick 150 kN electromechanical test rig using 
a specially manufactured bending rig according to Fig.  10.1. It should be noted 
that the span length of the specimen with 6 mm hole is only 210 mm compared 
to specimens with 25 mm hole or with an impact damage that have a span length 
of 390 mm, see Fig. 10.1. During tests, the load and displacement were measured 
using the internal load cell and displacement recorder in the test rig.
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Fig. 10.1   Bending tests of laminate with 6 mm hole (left) and 25 mm hole (right) respectively
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The bending tests were performed with a deformation test speed of 5 mm/min. 
The procedure during the bending tests was to load the specimens until a signif-
icant drop in load was recognized. The specimens were then unloaded and dis-
mounted from the test rig. The failure was photographed using a digital camera. 
One specimen in each set was also subjected to fractographic analysis to deter-
mine failure distribution through the thickness. The fractographic analysis 
included inspection with ultrasonic C-scan and optical microscopy.

Compression tests on panels with a 25 mm hole or an impact damage were per-
formed on specimens with a width of 156 mm to fit in an existing rig. Antibuckling 
devices, depicted in Fig. 10.2, were used during the tests, which were performed 
in a 1,000 kN MTS servohydraulic test rig in load control at a load rate of 2 kN/s. 
Compressive tests of the 36  mm wide specimens were performed in a 160  kN 
MTS servohydraulic test rig in load control at a load rate of 2 kN/s, with a suf-
ficiently short free span to prevent global buckling of the specimen. The anti-buck-
ling rig used in these tests is similar to the rig described in ASTM D7137, also 
known as the Boeing “compression after impact rig”. However, the dimensions of 
the specimens are approximately 50 % larger. Furthermore the used rig is supplied 
with antibuckling plates with a window with a square opening of 100 × 120 mm 
to prevent global buckling of the specimens. In contrast the ASTM standard uses 
clamped/simply supported boundary conditions.

10.2.2 � Inspection—NDT and Fractography

After impact the residual dent depth was measured using a sliding calliper. The 
dent depth was found to vary between 0.9–1.1 and 0.1–0.3 mm for the 4 and 8 mm 
laminates respectively.

Fig. 10.2   Antibuckling 
device used during 
compression tests of the 
156 mm wide specimens
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On the backside of the 4 mm laminates splitting of the outermost 0° ply due to 
the impact was recognised. In connection with the splitting, a very large delami-
nation between the outermost 0° ply and the rest of the specimen was observed 
as shown in the C-scan picture in Fig.  10.3. As seen in the C-scan pictures the 
impact damage is distributed through the whole thickness in the 4 mm specimen 
whereas damage in the 8 mm specimen only is observed in the upper third part 
of the specimen, as a result of high contact stresses present during impact of the 
thicker laminate. Fractographic studies of two specimens, one of each thickness, 
were performed in an optical microscope to verify the C-scan recordings.

The scatter in size of the damage in the 4 mm specimens is small; the width 
varies from 27–30 mm, whereas the scatter for the 8 mm specimens is large, as the 
width varies from 10–30 mm. The reason is that for the 8 mm specimens a 35 J 
impact slightly exceeds the energy threshold level for damage initiation.

10.3 � Experimental Results

During bending tests, the impacted side of the laminates was loaded either in com-
pression or tension to determine effect of damage distribution through the thick-
ness on the bending strength. A significant effect on both failure strain and failure 
mode was recognised depending on damage distribution through the thickness.

The study of different thicknesses of the notched specimens is motivated as 
several papers have been published [2–5] discussing size effect of damage on 
both tensile and compressive strength of composite laminates. Conclusions from 
these papers are that there is a significant reduction of the tensile notch strength 
with increased thickness and also with increased hole size. The compressive 
strength however decreased with increasing hole size if laminate thickness where 
scaled on a sub-laminate level, i.e. ply thickness where kept constant. An impact 

Fig. 10.3   Damage caused 
by a 35 J impact on a 4 mm 
(left) and b 8 mm (right) 
thick laminate

10 mm

(a) (b)

10 mm



22710  An Experimental Study on the Strength …

damage subjected to bending loads will result in an even more complicated prob-
lem as the laminate is subjected to both compressive and tensile stresses from the 
mechanical loads in combination with three-dimensional stress concentrations 
from the damage. Consequently it can be assumed that changes of the geome-
try can affect both failure load and failure mode. All results are summarized in 
Table 10.1.

10.3.1 � Bending Tests of Impacted Laminates

As seen in Table  10.1, the failure strain is lower when the impacted side of the 
4 mm laminate is loaded in tension. This effect can be explained by the fact that 
the impact damage resulted in larger delaminations on the back side of the thin 
specimens as well as a residual local geometric deformation of the panel which 
facilitated delamination buckling of the specimen. On the other hand, specimens 
with the impacted side loaded in compression typically failed in compression.

In contrast, the thick specimens with the impacted side loaded in compres-
sion failed at lower strain than those with the impacted side loaded in tension, 
see Table 10.1. This result reflects the difference in damage distribution through 
the thickness observed for the 8 mm laminates compared to the 4 mm laminates. 
In the 8  mm laminates damage has only been detected close to the impacted 
surface, i.e. the part loaded in compression when the impacted side is loaded in 
compression.

Table 10.1   Summary of the results

c compressive, t tensile, db delamination buckling

Loaded in bending Loaded in compression
Hole diameter  
(mm)

Plate  
thickness 
(mm)

Normalized 
far field failure 
strain

Failure 
mode

Normalized 
far field failure 
strain

Failure 
mode

6 4.16 1.00 c+t 0.53 c

6 8.32 0.86 c+t – –

25 4.16 0.67 t 0.48 c

25 8.32 0.74 t – –

Impact energy (J) Impacted side loaded  
in compression

35 4.16 0.70 c 0.35 db

35 8.32 0.92 c 0.75 c

Impacted side loaded  
in tension

35 4.16 0.64 db – –

35 4.16 1.07 t – –
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For comparison, compressive tests were performed on impacted specimens 
with both 4  and 8  mm thickness. The compressively loaded 8  mm specimens 
show approximately twice the failure strain as the 4 mm specimens.

10.3.2 � Bending Test of Notched Laminates

The notched laminates with 25  mm hole were tested in bending and in 
compression in the same test rigs as the impacted laminates. The procedure during 
the bending tests were to load the specimens until a significant drop in load was 
recognized.

As seen in Table 10.1 there is a difference in failure mode between specimens 
with 6 mm hole and 25 mm hole as the specimens with the larger hole in general 
failed in tension, whereas specimens with 6  mm hole typically failed in tension 
and compression.

Bending test of the first 4 mm specimen with 25 mm hole was interrupted when 
clear indications of damage initiation was seen on the load-displacement curve, as 
well as indications of damage growth could be heard. As seen in Fig. 10.4 tensile 
failure has started to grow at the hole boundary in the interrupted test.

10.3.3 � Fractoraphic Results

Some results of the fractographic analysis carried out are depicted in Fig.  10.5. 
Delaminations were observed between multiple layers at the tension loaded side 
(between layers 1–2, layers 2–3, layers 4–5, layers 7–8 and layers 9–10).

From the ultrasonic C-scan study, the size and the direction in which the 
damage propagates are clearly identified. Figure  10.5b shows an extensive 
delamination damage area at the second interface, i.e. between 90° and 45° layers. 
Delamination have grown in the transverse direction to the load, with a delami-
nated area extended 20 mm from the hole edges at a maximum load of 3.9 kN of 
the 4 mm thick and 150 mm wide specimen.

14 10

Load 
direction 

Tensile 
failure 

∼ ∼

Fig. 10.4   Initiation of tensile failure at the hole boundary
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10.4 � Conclusions

Four point bending tests on specimens with a 35 J impact damage were performed 
and, for comparison, the same type of specimens were tested in compression. 
After impact, the damage were characterised using ultrasonic C-scan, and a cou-
ple of specimens were also subjected to fractographic analysis. The impacted 
specimens were tested with both the impacted side loaded in tension and in 
compression.

As expected the impact damage were more extensive in the thin laminates than 
in the thick laminates. The damage in the thin laminates were also distributed 
through the whole thickness, whereas the damage in the thick laminate only could 
be detected in the upper third of the laminate.

For the thin laminates a 10  % lower failure load was observed when the 
impacted side was loaded in tension, i.e. the back side with largest delaminations 
where loaded in compression. For this loading condition the failure was typi-
cally delamination buckling, whereas compressive failure was observed when the 
impacted side was loaded in compression.

For the thick laminates a 15  % lower failure load was recognised when the 
impacted side, with delaminations, was loaded in compression.

The failure load is more reduced when the side with the larger damage is 
loaded in compression. As the damage was more extensive in the thin laminates 
a 40  % higher far field failure strain was obtained in the thick laminates when 
impacted side loaded in tension.

Fig. 10.5   a Damage 
observed by ultrasonic 
C-Scan microscopy at 
interface 1 and b interface 2
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As expected the far field strain at failure is considerable higher at bending 
compared to in-plane compression loading. The calculated failure strain of the 
compressive loaded impacted thin laminates is approximately 45  % lower than 
the failure strain of the impacted specimens loaded in bending with the impacted 
surface loaded in tension. The calculated failure strain of the compressive loaded 
thick laminates is approximately 19 % lower than the laminates loaded in bending 
with the impacted side loaded in compression.

An expected effect of hole size on the bending strength has been observed as 
the failure strain of the thin laminates with 25 mm hole was only 65 % of the fail-
ure strain of the laminates with a 6 mm hole. Corresponding number for the thick 
laminates is that the laminate with 25 mm hole has 85 % of the strength of the 
laminate with a 6 mm hole.

The effect of laminate thickness is however somewhat contra dictionary as for 
laminates with 25 mm hole resulted in a 10 % higher failure strain for the thick 
laminates. Whereas for laminates with 6  mm hole the thinner laminates showed 
a 15 % higher failure strain. However it should be noted that the specimens with 
25  mm hole failed in tension, whereas the specimens with 6  mm hole failed in 
compression and tension.

The calculated failure strain of the compressive loaded thin laminates with 
6 mm hole was only 55 % of the calculated failure strain of the specimens loaded 
in 4-point bending. For the specimens with 25 mm hole the compressive failure 
strain was approximately 70 % of the specimens loaded in 4-point bending.
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11.1 � Introduction

For the validation of new design methods reliable data from experiments are 
needed. This chapter focuses on the experimental activities performed at the 
buckling test facility of the DLR Institute of Composite Structures and Adaptive 
Systems. It presents the working of the buckling test facility, the advanced meas-
urement systems, which are running in parallel to the tests, and gives exempla-
rily test results. The test results presented were performed on a stringer stiffened 
panel, which is understood as a section of a cylinder (e.g. fuselage) and on one 
unstiffened cylinder which is related to space applications. The load case consid-
ered for the investigations presented is axial compression under static loading. 
However, it must be mentioned that the buckling facility has the capability to test 
structures also under internal pressure and shear by static loading as well as axial 
compression under dynamic loading. To get as much as possible results from the 
experiments advanced measurement systems as ultrasonic inspections, high-speed 
cameras, thermography or lamb-waves are applied.

The results presented were achieved in different research activities at DLR. 
More details to test and project results can be found in [1–8]. The measurements 
on thermography were performed in co-operation with the University of Stuttgart. 
More details on their publications are given in [9–11].
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11.2 � Definitions

The terms buckling, postbuckling and collapse used in this chapter are explained 
in the following based on experimental results of a stiffened panel. Figure 11.1 
illustrates a realistic (experimentally measured) load-shortening curve of an 
axially compressed stiffened CFRP panel tested at the DLR buckling test facil-
ity representing a stringer dominant design. It explains the terminology of three 
remarkable load levels. The lowest one usually provokes the first local buckling 
where the buckling mode is restricted to local skin buckles between the string-
ers. The second level causes the first global buckling which is stringer based- 
buckling. The highest load level is reached at collapse. The other curve is a 
simplified representation of the real load-shortening curve with knees at these 
characteristic load levels.

First local buckling: This is the onset of buckling of the skin between the stiff-
eners. It is represented by several small local buckles and occurs in stiffened aero-
space structures usually as the first buckling mode (before first global buckling). 
At this point there is a slight knee in the load-shortening curve and the axial stiff-
ness is slightly decreased.

First global buckling: This is the onset of buckling of the stiffeners. It is  
represented by a global buckle of the structure and also a larger knee in the load- 
shortening curve. Typical aerospace structures are usually stringer dominant and 
show here a larger decrease of the axial stiffness. For these kinds of structures the 
first global buckling load is usually beyond the first local buckling load.

Collapse: Collapse is specified by that point of the load-displacement-curve 
where a sharp load decrease occurs. This is usually the maximum value of the load 
carrying capacity.
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1st global (stringer-
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1st local buckling

Scale factor: 5

Shortening
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o

ad
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Fig. 11.1   Realistic and simplified load-shortening curve of an axially compressed stiffened CFRP 
panel
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Postbuckling: The area between the first buckling load (usually first local 
buckling) and the collapse load is called postbuckling area.

For unstiffened cylinders the definitions are in principal the same. However, 
one does not distinguish between local and global first buckling because there 
are no stiffeners. The first buckling can be characterized by some local buckles 
or by buckles distributed around the cylinder, depending on homogeneity of load 
introduction and test structure. After first buckling there is usually a significant 
decrease of the load in the load-shortening curve. Collapse is marked by maxi-
mum load value of the load-shortening curve, and the postbuckling area is that 
after first buckling.

11.3 � DLR Buckling Test Facility

New design methods or new software tools in the engineering have to be validated 
by test results. In addition, stochastic approaches require comprehensive data 
bases. In order to achieve suitable results appropriate test facilities and measure-
ment systems, but also experience is needed. In the following, facilities and proce-
dures are listed as currently used at DLR.

The buckling test facility is the main instrument to investigate buckling phenom-
ena and to validate software simulations. Figure 11.2 shows on the left the axial 
compression configuration and on the right the compression-shear-configuration of 
the DLR buckling test facility. The test facility can be changed from one configura-
tion to another according to the test requirements.

Fig.  11.2   DLR’s buckling test facility, axial compression configuration (left), compression-
shear-configuration (right)
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The axial compression configuration is best suited for investigation of imper-
fection sensitivity on cylindrical structures. All parts of the test device are 
extremely stiff. The test specimen is located between an axially supporting top 
plate and a lower drive plate. The top plate can be moved in vertical direction on 
three spindle columns in order to adapt the test device to various lengths of test 
specimens. Due to the great sensitivity of stability tests against non-uniform load 
introduction even the small necessary clearance inside the spindle drives is fixed 
during the tests by automatically operating hydraulic clamps. The top plate func-
tions as a counter bearing to the axial force that is applied to the movable lower 
drive plate by a servo-controlled hydraulic cylinder. The drive plate acts against 
the specimen, which itself acts against a stout cylindrical structure that is meant to 
distribute the three concentrated forces coming from three load cells at its upper 
surface, into a smooth force distribution. The test specimen is placed between the 
load distributor and the drive plate. Although the test device and test specimen are 
manufactured with particular care one cannot expect, that the fixed upper plate 
and the load distributor are perfectly plane and parallel to each other, nor can one 
expect the end plates or clamping boxes of the test specimen to be perfectly plane 
and parallel. To make sure, that the test specimen will be uniformly loaded, thin 
layers of a kind of epoxy concrete, i.e. epoxy reinforced with a mixture of sand 
and quartz powder, are applied between the end plates or clamping boxes of the 
test specimens and the adjacent parts of the test device. This has the side effect of 
securing the test specimens against lateral displacement. In order to determine the 
offset of the load measurement it is required, that at least one side of the specimen 
may be separated temporarily from the test facility. This is achieved by using a 
separating foil between the top plate and the upper epoxy layer. Two displacement 
transducers (LVDT) are used to measure axial shortening of the specimen during 
the tests. Their signals are recorded and, moreover, used for control purposes as 
actual values. Hence, the test device is displacement controlled. According to the 
particular arrangement of the transducers the elastic deformation of the test device 
does not influence the control by shortening at quasi-static loading. Table  11.1 
summarizes the characteristics of the test facility.

Table 11.1   Characteristics 
of the DLR buckling test 
facility

Load case

Axial compression Max. 1,000 kN

Torsion Max. 20 kNm

Internal pressure Max. 800 kPa

External pressure Max. 80 kPa

Shear Max. 500 kN

Geometry limits of the test structure

Length Max. 2,100 mm

Width (diameter) Max. 1,000 mm

Load frequency (axial compression only) Max. 50 Hz
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11.4 � Preparation of the Test Structures

After the manufacturing process the preparation of the test-structure up to the test 
plays an important role to ensure reliable and high quality experimental data. In the 
following the preparation process performed at DLR is described. Some steps using 
advanced measurement systems (cf. Sect. 11.5) as full scale thickness measurement or 
imperfection measurement may not be in all cases—from the authors point of view—
required if for instance imperfection sensitivity is not expected to play a major role.

•	 Ultrasonic inspection to examine the quality of the panel (cf. Sect. 11.5)
•	 Thickness measurement

–	 Measurement of single points (simple and fast) or
–	 Full scale measurement (cf. Sect. 11.5)

•	 Casting of the panel into preliminary end boxes, hardening of the end blocks
•	 Detaching from the boxes
•	 Milling of the end block edges (to obtain a full loading contact of the circumfer-

ential edges of the panel)
•	 Measuring of the imperfection with ATOS (cf. Sect. 11.5)
•	 Application of longitudinal edge supports (if foreseen)
•	 Application of strain gauges
•	 Stress free casting into final end boxes
•	 Connection of the strain gauges to cables
•	 Application of sensors for the Lamb-waves method (cf. Sect. 11.5)
•	 Assembling to the buckling test facility

Figure 11.3 shows as example some preparation stages of a typical panel similar 
to the panel P29 for which test results are presented in Sect.  11.7. As shown in 
Fig. 11.3 (left) the panel was subsequently encased using epoxy resin with filler. 
The centre picture displays the panel after the application of strain gauges and wir-
ing. The schematic drawing in Fig. 11.3 (right) depicts the exact location of strain 
gauges and of the actuators for the lamb-waves measurement (cf. Sect. 11.5).
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Fig. 11.3   Preparation of the panel and schematic drawing of sensor locations
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11.5 � Advanced Measurement Systems

Running stability tests is an expensive task. Further, testing the structures until 
collapse can be performed only once. In order to get as many results as possi-
ble (e.g. information about degradation of skin-stringer separation) already dur-
ing the tests or even to perform a 360° full scale deformation measurement highly 
advanced measurement systems are applied before and during the tests.

11.5.1 � Before the Test

11.5.1.1 � Non-destructive Testing and Thickness Measurement

The automatic ultrasonic testing of CFRP structures using water split coupling 
depicted in Fig. 11.4 is applied to detect any defects in the structure (e.g. delami-
nations). The left and middle graph of Fig.  11.13 show as an example the flaw 
echo of the panel P29 (cf. Sect. 11.7) where almost no inhomogeneity in the lam-
ina as well as at the stringer-skin interface can be found. The same test method 
can be utilized for full field thickness measurement. The test is carried out with a 
broadband transducer in echo-technique and the results are displayed in a D-scan.

11.5.1.2 � ATOS System—Optical Measurement of Imperfections

In order to identify the real shape of the skin of the test-structure, ATOS, an optical 
3D digitizing measurement system (based on photogrammetry), is utilized to extract 
the actual radius of the panel as well as the initial geometric imperfections of the 
skin utilizing a best-fit procedure. Differences between the nominal and measured 
structure can for instances be due to snap-back effects during the manufacturing pro-
cess. As one result the right graph of Fig. 11.3 shows the false colour rendering (in 

Fig. 11.4   Stationary ultrasonic equipment (left) and ultrasonic test setup for cylinders (right)
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black and white) as aberration with respect to the perfect panel P29 (cf. Sect. 11.7). 
This deviation can not only be used as a qualitative estimate of the panel geometry, 
but it also can be introduced as imperfections within the nonlinear analysis.

11.5.2 � During the Test

During testing a mixture of conventional (e.g. strain gauges) and advanced (e.g. 
ARAMIS, thermography) measurement systems are applied. At the beginning, after 
calibration of the test set-up, the test-structure is loaded by three cycles up to about 
50 % of the expected linear buckling load in order to compensate possible settle-
ments, followed by loading until the load level planned (e.g. collapse). The load and 
the respective shortening, the strains, the displacement field of the skin, single trans-
verse displacements of the stringer blades are measured and video records are taken. 
The strains are measured by strain gauges at different positions and directions. The 
displacement field of the skin is gauged by the ARAMIS system, which is based 
on an optical 3D digitising method [12]. In order to measure the degradation of the 
skin-stringer connection the following three methods, which are described in the 
next sections in detail, are applied: Lamb-waves, optical lockin thermography and 
the High-Speed ARAMIS-system. During testing load and shortening are measured 
as global values of the structural behaviour. Three load cells are located between 
drive plate and load distributor, the applied load is calculated as the sum of the three 
loads. Two displacement pickups are mounted between load distributor and top 
plate. The shortening is calculated as the average of the measured displacements. 
The pickups also serve for displacement control of the servo-hydraulic cylinder. So 
the deformations of the test facility, in particular of the load cells, are settled. In the 
following the advanced measurement systems are described in more detail.

11.5.2.1 � ARAMIS System—Optical Measurement of Deformations

For components to be integrated into structures and assemblies it is necessary to 
test its deformation behaviour under special load conditions. It can be performed 
by using optical metrology. In order to obtain precise results on dynamics of buck-
ling deformations a high speed optical grating system ARAMIS was established in 
the Institute of Composite Structures and Adaptive Systems (available since 2003). 
Based on a former standard system the new ARAMIS-concept was designed in 
co-operation with the German company GOM GmbH (‘Gesellschaft für Optische 
Messtechnik’), situated in Braunschweig. The standard ARAMIS system records 
an object under load using a pair of CCD cameras. Prior to the test the surface of 
the test object must be prepared by a thin layer of a grey-scale pattern. The object 
surface is divided in a grid of facets the size of which must be represented by at 
least 7 × 7 pixels of the CCD. After the loading process, the 3-dimensional (3-D) 
coordinates of the centres of these facets are calculated offline on the basis of 
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digital image processing, additionally delivering the all-over 3-D displacements. 
The accuracy of the displacement measurement is about a twentieth of the pixel 
distance of the cameras. A resolution of 500 pixels for a specimen size of 500 mm, 
e.g., would result in a displacement accuracy of 50 μm. In contrast to most other 
optical systems for all-over displacement measurement ARAMIS accepts very 
large displacements, too. With sufficient resolution of the displacement measure-
ment the evaluation of longitudinal and transverse strain distributions is possible. 
The resolution of smaller object surfaces can be improved by appropriate selection 
of facet size, facet overlapping, and the grey-scale-pattern.

The new Highspeed-ARAMIS concept includes four fast systems each of 
which can measure the 3-dimensional deformation field of an object by applying 
fast digital cameras with a max. speed of 1,000 images/s. Figure 11.5 illustrates 
the test setup with four individual camera pairs in the buckling test facility. When 
coupled all with the same part of the specimen surface these systems can enable 
measurements of up to 4,000 images/s by fast switching through the camera pairs 
by a special electronic trigger box. For this purpose the frames of the different sys-
tems are grabbed and offline attached to a repeated sequence.

As a second opportunity of coupling the four ARAMIS systems the cameras 
can aim different areas of an object. With adjacent areas the observed area is 
expanded. By observation from different directions the full field survey of the sur-
face of a 3-D object is possible. This opportunity includes measuring front and 
back side surface of a panel and all-over circumference survey of a cylinder.

At this point, all measured full field displacements are transferred to a global 
coordinate system of the cylinder by means of at least three reference points in 
each area. The reference points are allocated to the global coordinate system by 
TRITOP, another photogrammetric system. The result of this procedure is a com-
plete 3-D visualisation of the cylinder deformation (cf. Fig.  11.6 left). A 360° 
survey of a CFRP cylinder (selected deformation patterns of one loading and 
unloading sequence) is presented in Fig. 11.7. The four camera pairs can also be 
placed on one part of the structure which allows a quadruplicating of the number 
of taken pictures per time (Fig. 11.6 right).

Fig. 11.5   Stationary ultrasonic equipment (left) and ultrasonic test setup for cylinders (right)
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11.5.2.2 � Thermography—Measurement of Degradation

The thermography measurements at the DLR are performed by the Institute of 
Polymer Technology (IKT) of the University of Stuttgart using optically activated 
lockin thermography (OLT). OLT is being used for several years for remote non-
destructive testing. It is based on propagation and reflection of thermal waves 
which are launched from the surface into the inspected component by absorption of 
modulated radiation (cf. Fig. 11.8). Phase angle images obtained by superposition 

The 4 subareas are joined together
without any transition by
photogrammetry with TRITOP ®

Camera
system 2

Camera
system 3 

Camera
system 4

Camera
system 1

4 camera
systems

Fig. 11.6   360° measurement on a cylinder (left) and high speed ARAMIS set-up (right)

Fig. 11.7   Results of a 360° measurement on a CFRP cylinder (selected deformation patterns of 
one loading and unloading sequence)

Fig. 11.8   Principle of 
optical lockin thermography 
(OLT) in reflection mode 
[Source institute of polymer 
technology (IKT), University 
of Stuttgart]
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of the initial thermal wave and its reflection display defects and hidden structures 
down to a certain depth underneath the surface. The thermal diffusion length μ 
depends on the lockin frequency f:

(α thermal diffusivity of the specimen). For details see [9, 10]. The lockin- 
frequencies used for these measurements vary form 0.1 to 0.5 Hz. This suffices to 
get information through the specimen to the rear side, as can be seen in Fig. 11.9 
(centre image).

Another technique uses ultrasound for thermal excitation: A defect leads to 
locally enhanced mechanical losses and consequently selective heating up. A bet-
ter signal-to-noise ratio is achieved by using the lockin technique. Therefore, this 
method is called ultrasound activated lockin thermography (ULT). The image in 
Fig.  11.9 (right) shows a phase image measured after the mechanical test. One 
substantial difference compared to OLT images is that ULT is defect selective: 
Only defect areas are displayed, whereas in OLT images the inner structure of the 
specimen is visible.

Preliminary results are promising. Figure 11.9 shows detected damages of skin-
stringer separation of one DLR panel measured after the collapse test. The left 
figure was obtained from standard ultrasonic inspection. OLT (center image) and 
ULT (right image) results are in good agreement with the results of conventional 
ultrasound testing. More details are given in [11].

11.5.2.3 � Lamb-Waves—Measurement of Degradation

Acousto Ultrasonics with Lamb-Waves can be utilized to characterize damages 
in CFRP structures. For this kind of Structural Health Monitoring (SHM) piezo-
patches, which are working as senders as well as receivers, are glued at the struc-
tures. The main advantages are that lamb waves can penetrate large areas and, in 
comparison to standard US inspections, no time consuming scanning is neces-
sary. For the measurement one selected piezo-patch excites a Lamb-wave which 
is received by the others. If a structure is damaged, the response is different. 

(11.1)µ =

√

α/(π f )

Fig. 11.9   NDT of one stiffened CFRP panel (left US inspection, centre OLT, right ULT)
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However, it must be mentioned that it is still under research to interpret the results 
and to conclude to the position and kind of damage.

Figure  11.10 shows air-coupled ultrasonic inspection and the visualisation of 
the Lamb wave propagation (including interaction with defects) of the same CFRP-
specimen. The challenge for the future is to conclude from this different answer to the 
place and also the kind of damage. In addition, damages can be detected and moni-
tored in complex structures, where the applied patches are used as transmitters and 
receivers. However, for each frequency at least two different wave modes exist and 
each mode is dispersive. Therefore, the modes have to be carefully optimised for dif-
ferent types of damage and for the material of the component. Figure 11.11 shows 
as an example the results of the Lamb-waves measurement of one sensor before and 
after a collapse panel test. It can be seen that a clear difference was measurement. The 
next challenge will be to conclude from the result to the kind and position of damage.

11.6 � Material Properties

The prepreg material IM7/8552 (Hexcel) was used in several research projects. 
Although the properties for that kind of material are known from the producer 
[13], for each project an own test series on small specimens was performed in 
order to obtain real material properties used in the project and in order to have 
more information about the sensitivity and reliability of the material properties 
for the selected prepreg system. The testing methodology followed the procedure 
given in the German standard DIN 29971. Table 11.2 gives a summary of the test 

Fig. 11.10   CFRP-specimen
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results for the stiffnesses and strength values with the corresponding standard 
deviations. The test procedure was in all cases under the same conditions, how-
ever, the material was manufactured by different partners. This is likely the reason 
for differences between the mean values or standard deviations.

11.7 � Test Results

11.7.1 � Cyclic Tests and Collapse Test of a Stiffened Panel

The following test results were obtained within the finished COCOMAT project 
[2] on the panel P29 manufactured by AERONNOVA and tested by DLR. Panel 
P29 is one validation design which is not pre-damaged and which was loaded first 
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3,700 times by cyclic loading and finally until collapse. Table  11.3 summarises 
the nominal and measured data of this panel. The geometry of the stringer is illus-
trated in Fig. 11.12. Material properties are given in Table 11.2.

Table 11.2   Material properties of CFRP prepreg IM7/8552 UD

t tension, c compression, L longitudinal direction, T transverse direction

POSICOSS COCOMAT ESA study Hexcel

Mean value/standard deviation Data-sheet

Stiffness (GPa) (%) (GPa) (%) (GPa) (%) (GPa)

EtL 192.3 1.17 164.1 3.09 175.3 1.38 163

EcL 146.5 1.84 142.5 1.69 157.4 2.39 150

EtT 10.6 2.36 8.7 3.91 8.6 2.9 12

EcT 9.7 6.77 9.7 4.85 10.1 4.11 –

GLT 6.1 2.28 5.1 13.58 5.3 1.10 –

Poisson’s ratio – (%) – (%) – (%) –

vLT(t) 0.31 5.55 0.28 13.49 – – –

Strength (N/mm2) (%) (N/mm2) (%) (N/mm2) (%) (N/mm2)

RtL 2,715 3.42 1,741 11.92 2,440 3.64 2,724

RcL 1,400 4.93 854.7 9.04 1,332 7.24 1,690

RtT 56 18.56 28.8 18.08 42 26.45 11

RcT 250 6.60 282.5 5.11 269 5.98 –

RLT 101 4.55 98.2 17.54 129 0.84 120

Table 11.3   DLR panel P29: nominal and measured data

Geometry/lay-up Nominal Measured

Panel length l = 780 mm l = 780.5 mm

Free length (buckling length) lf = 660 mm lf = 660 mm

Radius r = 1,000 mm r = 848 mm

Thickness t = 1 mm t = 0.98 mm

Arc length a = 560 mm a = 560.5 mm

Number of stringers n = 5 n = 5

Distance stringer to stringer d = 132 mm d = 132 mm

Distance stringer to longitudinal edge e = f/2 = 16 mm e = 16.2 mm

Laminate set-up of skin [90, +45, −45, 0]s

Laminate set-up of stringers blade [(+45, −45)3, 06]s

(cf. Fig. 11.14) flange [(45, −45)3, 06]

Ply thickness t = 0.125 mm

Stringer thickness t = 3 mm t = 2.9 mm

Stringer height h = 14 mm h = 14.3 mm

Stringer width f = 32 mm f = 32 mm

Panel mass, g 1,238 g
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Before the test the panel was investigated by ultrasonic inspection and ATOS—
the optical measurement system determining best-fit radius and imperfection. 
Figure 11.13 (left + middle) shows the flaw echo of the panel where almost no 
inhomogeneity in the lamina as well as at the stringer-skin interface can be found. 
Figure 11.13 (right) illustrates by shade rendering the deviation of the real shape 
from the shape of the perfect panel. During the test the panel was loaded statically 
and displacement-controlled by axial compression at 3 different load steps:

1.	 2,000 load cycles until the shortening of u  =  1.08  mm (80  % of expected 
collapse)

2.	 1,700 load cycles until the shortening of u  =  1.93  mm (95  % of expected 
collapse)

3.	 1 step until collapse

During the test the load-shortening curve, strains using strain gauges and full-
scale deformations using the ARAMIS systems were monitored. Figure  11.14 
shows the load-shortening curve, strain-shortening curve of one selected strain 
gauge and out-of-plane deformations at 3 different levels. Picture A is just after 
first local buckling with small skin buckles between the stringers, Picture B is 

Fig. 11.12   DLR panel P29—stringer type
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just after first global buckling and Picture C after collapse. To get information 
about the progress of degradation of skin-stringer separation the Lamb-waves 
method and Optical lockin thermography method were applied every 400 cycles. 
Figure 11.15 shows the position of the thermography equipment for the measure-
ment from skin-side of the panel and the ARAMIS system for the measurement 
from stringer-side of the panel. After the first load step of 2,000 cycles no skin-
stringer separation was observed. The cyclic loading process was almost elas-
tic. In the second load step after about 400 cycles the stringers began to separate 
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partly from the skin. The area of separation was growing during the cycling pro-
cess. The optical lockin thermography proved to be excellent for monitoring that 
kind of degradation already during the loading process. Figure 11.16 shows pic-
tures with measured results after 2,000 cycles (left), where no damages are vis-
ible, after 3,600 cycles (middle), where clear areas of separation between skin 
and stringer are visible, and after collapse (right), where the structure is damaged 
in larger areas. Figure  11.17 shows echo flows obtained by ultrasonic investiga-
tions after the collapse test. The damaged area of the skin-stringer separation is 
clearly visible and agrees well with the measurement of the lockin thermography 
of Fig. 11.16 (right).

Fig.  11.16   DLR panel P29—thermographic measurements before, during and the after the  
collapse test
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11.7.2 � Buckling Test of an Unstiffened Cylinder

This section shows test results of the selected unstiffened imperfection sensitive cyl-
inder Z07 to demonstrate the measurement results. With an ESA study 10 additional 
unstiffened imperfection sensitive cylinders of the same design were tested. The rea-
son for the choice of that design was the high imperfection sensitivity and a large 
value of slenderness which allows achieving a preferably small knock down factor. 
This was the first cylinder tested at DLR on which the 360° full scale measurement of 
deformation by means of ARAMIS was applied. Table 11.4 summarises the nominal 
and measured data of the cylinder Z07. Material properties are given in Table 11.2.

Before the test the cylinder was investigated by ultrasonic inspection in order to 
assure that there are no major inhomogeneities in the laminate. Next the cylinder 
was inspected by the ATOS system to measure the shape imperfections. During 
the test the cylinder was loaded by axial compression just beyond the buckling 
load and was then unloaded. In that loading area the structure behaves elasti-
cally and will not be damaged. The full scale deformations and buckling shapes 
were measured using the ARAMIS-system. Figure 11.18 illustrates the measured 

Table 11.4   DLR Cylinder 
Z07: nominal and measured 
data

Geometry/lay-up Nominal Measured

Total length l = 530 mm l = 530 mm

Free length lf = 510 mm lf = 510 mm

Radius r = 250 mm r = 248.5 mm

Thickness t = 0.5 mm t = 0.51 mm

Lay-up +24, −24, +41, −41

Cylinder mass, g 638 g
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Fig. 11.18   DLR cylinder Z07—test results
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load-shortening curve with 3 selected ARAMIS measurement pictures obtained 
from the 360° measurement. Picture A and B are from the pre-buckling and 
Picture C from the early postbuckling region. Picture B is just before and Picture 
C just after the first buckling load.

Additional test results can be found in [7].
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12.1 � Introduction

Composite materials, used in aerospace and automotive, may be damaged as a 
result of impacts. These events can occur during the normal service of the struc-
ture due to multiple reasons, including contributing factors related to the manufac-
turing process and material handling. The effect of the damage, though not always 
welcome, because in most cases generates in inaccessible parts of the structure, 
can reduce the integrity of the system during its “service life”.

The different types of damage and their effects are the focus of very important 
research area that involves many aspects of materials science and engineering: the 
material study, the development of experimental techniques for the damage moni-
toring and the definition of computational and numerical models for prediction or 
analysis. The optimal design of composite structures requires the use of numerical 
tools able to perform accurate stress analysis and predict the mechanical behav-
iour under specified loading conditions. Therefore, laminated composite plates 
and shell elements are available in most of commercial finite-element codes in 
order to simulate the composite mechanical behaviour. In general, several authors 
focused their attention on the numerical study of the impact behaviour of compos-
ites panels by the application of finite element (FE) codes and the development of 
proper models for delamination or other composite damage mechanisms, such as 
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matrix cracks, fiber-matrix debond, fiber fractures. However, the proper modelling 
of laminated composites is a not trivial task and can be still considered an open 
research problem due to the complex and anisotropic behaviour of composites and 
due to the presence of complex failure mechanisms. In order to assess the validity 
of FE models, it is important to perform experimental measurements that can pro-
vide useful information to validate the numerical results and can help to develop 
predictive models for the mechanical behaviour of the composite material.

Hence, it can be understood why one of the main concerns in aerospace and 
automotive material sciences is the capability to design and realize composite lam-
inates taking into account delamination damages, that are one of most recurrent 
defect in fiber reinforcement materials. Delamination can be induced both by in-
service loads and by incorrect manufacturing procedures. These types of defects 
are often very difficult to detect through non-destructive inspection and can have 
a detrimental effect on the structural health of the composite component. Thus, 
the availability of effective NDE techniques coupled with affordable and effec-
tive manufacturing processes can be useful to manage this damage mechanism. 
Additionally, effective Liquid molding flexible low cost manufacturing techniques 
together with NDE techniques can be helpful to assess the suitability of numerical 
tools by realizing and inspecting proper composite panels with artificial delamina-
tion defects for validation activities. In this chapter, after an overview on the liquid 
molding, the experimental manufacturing of different carbon/epoxy composites 
with artificial defects is described and discussed.

12.2 � Liquid Composite Molding Overview

Liquid Composite Molding (LCM) processes, such as Resin Transfer Molding 
(RTM), Vacuum Assisted Resin Transfer Molding (VARTM), Seemann Composite 
Resin Infusion Molding Process (SCRIMP), and Fast Remotely Actuated 
Channeling (FASTRAC), involve the impregnation of a net-shape fiber preform by 
a polymeric resin to produce a composite structure. The quality of such processes 
depends on the complete impregnation and consolidation of the dry preforms.

RTM is one of the most efficient and attractive processes of high performance 
composite materials with low cost manufacturing. The major benefit over other 
polymer composites manufacturing techniques is the separation of the moulding 
process and the composite consolidation from the design of the fibre architecture. 
This allows to the designer to combine different kinds of fibre preform and to pro-
duce parts with tailored properties to fit specific mechanical requirements. In fact, 
liquid moulding enables attainment of high levels of microstructure control and 
part complexity compared with processes like injection moulding and compres-
sion moulding, where the initial fibre distribution changes as consequence of the 
fibre orientation during the mould filling. Further RTM is a low temperature and 
pressure process. It is characterized by preforming followed by mould filling and 
composite consolidation.
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It can be schematized into five main steps [1]:

•	 Preform manufacturing;
•	 Preform positioning into the mould cavity;
•	 Resin injection;
•	 Cure;
•	 Part removal.

The first phase, preform design and manufacturing, involves the assembly of the fibre 
reinforcement into a preform that is shaped, oriented and located into the mould cavity. 
After the mould closing a low viscosity resin is injected. The resin, usually a thermoset 
polymer, wets the fibres and, ideally after the complete mould filling, polymerises to 
form the composite part. To activate the cure reaction, the mould and the preform gen-
erally are heated. The air is displaced and escapes from vent ports located at the end of 
the mould. Once the part consolidation is complete, the extraction takes place.

VARTM [2–7] is an attractive composite manufacturing process that requires 
only one tool side being the other a polymeric flexible bag, as a consequence, it 
is cheaper than RTM that becomes expensive for the manufacturing of large parts 
with high fibre volume fraction.

The VARTM process is also appreciated because it eliminates the emission of 
volatile organic compounds (VOC), which is under increased regulation for the 
composite industry. The VARTM process consists of stacking a fibrous material, 
called preform, on a rigid one sided net shaped molding surface and below a bag-
ging film. A vacuum pump extracts the air between the bagging film and the mold-
ing surface and compacts the preform. After the fibers compression, the vacuum 
drives a polymer resin that impregnates the preform. Afterwards the part id cured 
to form a complete net shaped composite component.

The primary advantage of VARTM is the balance between the low cost and the 
good quality of the final product. VARTM has several variants, the most known is 
the “SCRIMP” [8–10] process developed by Seeman Composite’s. In the SCRIMP 
a permeable distribution medium is placed in direct contact with the dry fiber rein-
forcement. Thus, the resin flow is eased along the surface and, simultaneously, 
through the thickness. In general, the ancillaries materials, such as the peel ply, the 
distribution media and the vacuum bag, are not reusable after the processing cycle. 
Thus, an high amount of waste is produced. In addition, conversely to RTM, this 
process exhibit significant through-the-thickness impregnation gradients that may 
affect the total fiber impregnation, the filling time and, consequently, the dimen-
sions and mechanical properties of the final composite part. Further, due to the use 
of the flexible vacuum bag and, consequently, due to the variation of compaction 
pressure, the part thickness and local permeability of the fibre preform change dur-
ing resin injection as function of time and space [12].

In order to reduce the voids, the thickness variation along the final part and to 
increase the mechanical properties, new infusion procedures have been investigated 
and developed [13–15], such as Controlled Atmospheric Pressure Resin Infusion 
method (CAPRI) and the Double-Bagging techniques [15]. In the CAPRI process, 
patented by the Boeing Co., the resin feed tank is not exposed to the atmospheric 



252 V. Antonucci and M. Zarrelli

pressure, but it is connected to an additional vacuum pump, that reduces the pres-
sure in the resin tank. Thus, the reduced pressure differential, combined with a 
cyclic vacuum debulking of the dry fiber reinforcement, allow to manufacture com-
posites with an higher fiber volume that those produced by SCRIMP. The double 
vacuum bagging method consists of applying two discrete vacuum bags, an inner 
bag, next to the laminate, and an outer bag, which is sealed to the tool outside of the 
sealed inner bag perimeter. In this way, the two main vacuum functions are split, 
assigning volatiles extraction (removal of entrapped air, ambient moisture and/or 
solvents) and the resin infusion to the inner bag and, then, using the outer bag for 
compaction. The resulting composites have a reduced void content beyond that pos-
sible with conventional vacuum-bagging regimes [15].

Other infusion techniques have been developed with the objective to reduce 
the amount of waste material such as Fast Remotely Actuated Channeling 
(FASTRAC) method [16–18] which adopts a double vacuum bag set-up con-
sisting of a primary vacuum bag sealing the dry preform on a metal plate and a 
FASTRAC non contacting tool placed over the primary vacuum bag and under a 
secondary vacuum bag. The FASTRAC non contacting tool has a large number of 
machined channels that increase the resin flow during infusion.

Before resin injection, the vacuum pressure inside the two bags is kept con-
stant, then the vacuum inside the primary bag is released to the atmospheric pres-
sure determining a drawn up of the bag into the FASTRAC non-contacting tool, 
thus creating distribution channels (see Fig.  12.1). These distribution channels 
allow the resin to flow across and through the thickness of the preform once the 
resin infusion starts. The channels of FASTRAC system under vacuum separate 
the bag from the fabric reinforcement, by inducing a space between the film and 
the fabric, that act as the distribution medium of the conventional VARTM.

The non-contacting tool is reusable and, hence, the FASTRAC manufacturing 
costs are lower than those of VARTM due to the elimination of peel ply and the 
distribution net.

An evolution of this method is the flow flooding chamber (FFC) process that 
uses a rigid chamber that is placed on top of the standard VARTM assembly [19, 
20]. After the vacuum application to the primary vacuum bag to compact the dry 
fiber reinforcement, before resin infusion, vacuum is drawn inside the rigid cham-
ber. This higher vacuum pulls the bagging material away from the fabric and creates 
an empty chamber. As soon as the inlet is opened, the resin flows into the empty 
space unimpeded. Once the preform is covered with the resin, the vacuum inside 
the rigid chamber is released and the atmospheric pressure pushes the resin into the 
fiber stack. The FFC is very similar to FASTRAC method because it utilizes a rigid 
plate and a vacuum to create chambers to accelerate the flow [21]. However, the 
cost of implementing the FFC is much less than the FASTRAC method because the 
FFC method does not require a rigid plate machined with channels. In addition, FFC 
doesn’t require any additional materials such as distribution media as in SCRIMP.

Pulsed Infusion [22] is an alternative vacuum infusion process based on the use 
of double bag and a silicon membrane in place of the traditional VIP distribution 
net (Fig. 12.2).
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It is based on the use of a proper designed reusable pressure distributor 
(Fig. 12.3), able to better control the vacuum pressure in a pulsed way. Thus, the 
transverse resin flow through the dry fiber reinforcement is promoted and a better 
adhesion between the resin and the fibers is achieved.

In particular, the lower vacuum bag determines a lower chamber where the resin 
infusion occurs almost likely in the VARTM. The lower vacuum bag is stacked 
on the dry fiber reinforcement without placing the resin distribution net. A proper 
designed pressure distributor (Fig.  12.3) is positioned on the lower vacuum bag 
and under the second upper vacuum bag allowing to identify an upper chamber. By 
applying a different vacuum pressure in the two chambers and controlling timely 
the pressure difference between the two chambers, the resin flow is pulsed and pro-
moted both in the plane and through the thickness of the reinforcement.

At the beginning in the upper chamber an higher depression is imposed. Thus, the 
lower bag will move up and, due to the shape of the distributor, some preferential chan-
nels for the resin flow will be created. The resin will fill these channels. Once all resin 
has entered, the vacuum is applied to the lower bag to induce the transverse infiltration.

Fig. 12.1   Schematic of fastrac process
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The process can be performed in a static or in a dynamic way. In the dynamic 
way, the pressure difference between the upper and lower bag is controlled by a 
pressure regulator with a certain frequency.

This process allows to obtain laminates with the same fiber volume fraction and ten-
sile properties of those produced by conventional infusion technologies. Further, due to 
a minor consumption of resin and the absence of the distribution net, Pulse Infusion pro-
vides a material cost saving advantage of about 19 % and a significant waste reduction.

Fig. 12.2   Pulse infusion

Fig. 12.3   Pressure distributor
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12.3 � Experimental Activity

In recent years significant progress has been made in understanding failure mecha-
nisms of composite materials, such as delamination and fiber-matrix breakage.

Delamination refers to situations in which failure occurs between adjacent plies 
within a laminate. It can arise as a consequence of impacts with foreign objects 
and is probably the most investigated mode of failure in composite laminates. 
However, others damages such as matrix cracks, fiber-matrix debonding, fiber 
fractures can also appear as a consequence of impacts in composite structures 
under service conditions. These different damage mechanisms can interact each 
other and can lead to a considerable reduction in stiffness and strength of local 
critical areas and consequently to the reduction in the load-carrying capability of 
the entire composite structure.

Several studies on delamination and on other damage mechanisms have been 
conducted separately.

Composite delamination has been extensively investigated both experimentally 
and numerically and, when possible, analytical models have been developed.

From an experimental point of view, an important issue is the capability to 
investigate the dimension and the extent of delamination area by using non-
destructive evaluation techniques in order to acquire affordable methods for the 
damage detection during the real service conditions of the composite structure.

Thus, in the frame of Garteur AG-32 project part of activities has been devoted 
to the production of fiber reinforced composites with induced delamination.

12.3.1 � FRCP Manufacturing

The fiber reinforced composite has been manufactured by using unidirectional 
carbon fibers and an epoxy resin. In particular, the matrix was a commercially 
thermosetting resin, denominated RTM6; it is a mono-component premixed 
epoxy-amine system already degassed, specifically designed to implement infusion 
manufacturing processes. This system, provided by Hexcel Composites (Duxford, 
UK), is widely used for aerospace composite elements such as Arianna 5 or Airbus 
A380 [14]. The reinforcement system was a UD carbon fibre plain weave fabric 
characterized by a standard aerospace grade, 6k, known as G1157.

Specimens were fabricated considering two different stacking sequences: 
[45/0/90/−45/+45/0/90/−45]S and [0, 90]4S (S stands for symmetrical layup). 
Specimens involving fibres at the three directions of 0°, 45° and 90° (first stacking 
sequence) are herein referred to as type I, while specimens with fibres at 0° and 
90° (second stacking sequence) are referred to as type II. Delamination was simu-
lated by insertion of thin (s = 25 μm) kapton foils. The three specimens, which 
belong to the type I, are respectively named I-1, I-2 and I-3.

More specifically, I-3 did not include any delamination, while, as sketched in 
Fig. 12.4, the other two included each a kapton insert 140 mm in diameter (Fig. 12.4a) 
positioned at 0.5 mm for I-2 (Fig. 12.4b) and at 0.75 mm for I-3 (Fig. 12.4c).
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The three specimens, belonging to the second type, which are named II-1, II-2 
and II-3, are characterized by a more complex geometry and then a more detailed 
drawing (Fig. 12.5) has been provided.

As sketched in Fig.  12.5, each of these specimens was subdivided into four 
zones (Fig.  12.5a). Owing to a specific zone, the material may be undamaged, or 
with embedded inserts of different shape (circular, or elliptical), and dimension and 
located at different depth (Fig.  12.5b). In particular, with reference to Fig.  12.5b, 
D  indicates the insert diameter and T accounts for specimen thickness and insert 
depth. All details for specimens type II are collected in Table 12.1; more specifically, 
for each of the four zones (Fig. 12.5a) a combination of D and T values is reported.

Specimens II-1 and II-2 contain only one insert per zone which is circular, or 
elliptical and located at depth of 0.5 or 0.75 mm. The last specimen II-3 contains 
overlapped concentric inserts of increasing diameter D from 15 up to 60 mm moving 
from depth of 0.25 mm up to 0.75 mm. More specifically, the kapton diskettes are 
positioned over three different layers of carbon fibres as better shown in Fig. 12.6.

Fig. 12.4   Manufacturing and 
schematic representation of 
specimens type I. a Frontal 
cut view. b Through thickness 
at depth of 0.5 mm (specimen 
I-1). c Through thickness at 
depth of 0.75 mm (specimen 
I-2)
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The composite panels have been manufactured by vacuum infusion technique.
The fibrous reinforcement was laid onto an open-faced heating plate, where 

a liquid mold release agent had been spread (Loctite Frewax Frekote). Then, a 
release film (Release Ease 234TFP) was placed on top of the preform up to the 

Fig.  12.5   Schematic representation of specimens type II. a Frontal view. b Details of inserts 
shape, dimension and position (for more details see Table 12.1)
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vacuum tube followed by the bleeder material (Compoflex 150) that absorbs 
the resin exceeding during the infusion and assures a good vacuum distribution. 
Finally, a resin distribution medium (Green Flow) was placed on the top partially 
in contact with the heating plate, useful for helping the resin to impregnate all the 
plies. A nylon vacuum bag was finally put on the layers to cover the entire plate 
and stitched to the plate by means of a high temperature resistance adhesive, the 
tacky tape (Fig. 12.7).

After the fiber infiltration, the resin curing was performed according to RTM6 
data sheet at 160 °C for 1 h 30 s and at 180 °C for 2 h.

Table 12.1   Details about 
the location of inserts in 
specimens type II

D shape and dimension of kapton
T kapton position

Sectors of specimen

1 2 3 4

Specimen II-1 D1/T1 D1/T1 D2/T1 D1/T2

II-2 D1/T2 D2/T1 D2/T2 D2/T2

II-3 Undamaged D1/T3
D3/T4

D1/T3
D3/T4

D1/T3
D4/T4
D3/T5

Fig. 12.6   Kapton inserts position in specimen II-3

Fig. 12.7   Schematic of vacuum infusion process
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12.3.2 � Microscopy Analysis

The manufactured composite panels have been analysed by means of optical 
microscopy by using the polarized light optical Olimpus BX51 Instruments. The 
optical microscope analysis has been useful to evaluate the fiber content and the 
quality of the panel even if it can lead to discrepancy in the overall percentage due 
to the difficulty to identify correctly the fiber-resin interface.

In particular, the method of phases has been adopted to evaluate the fiber con-
tent in three different areas of 1.4 mm width of the composite with the stacking 
sequences: [45/0/90/−45/+45/0/90/−45]S. Figure  12.8 shows a picture of the 
panel by evidencing the three areas with red color, while Fig. 12.9 reports a micro-
graph of the panel in the area 1 along the thickness.

A good impregnation of the fibers and absence of voids can be noticed.
The analysis of the micrographs allowed to estimate the fiber and the resin con-

tent of the composite panel in three areas which are reported in Table 12.2. It can 
be observed that the fiber and resin fractions attain typical values of the vacuum 
infusion process. Thus, the introduction of kapton foils didn’t affect the resin flow 
and the fiber infiltration.

12.4 � Conclusions

Vacuum Infusion process has been adopted to manufacture carbon/epoxy compos-
ites with induced delaminations. In particular, different panel configurations have 
been realized by embedding kapton foils through the carbon plies at different posi-
tions. Microscopy analysis of the final composite panel enabled to observe a good 
impregnation of the fibers and estimation of the resin/fibers content.

Fig. 12.8   Composite panel 
with the stacking sequences: 
[45/0/90/−45/+45/0/90/−45]S
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The results evidence that the kapton foils don’t affect the resin flow and don’t 
move from their position during the fiber impregnation. Therefore, the liquid 
molding techniques can be considered as a capable and flexible method to produce 
proper benchmark composite elements which can be adopted to validate numerical 
tools prediction their mechanical behaviour.

Fig. 12.9   Micrograph of area 1

Table 12.2   Resin and fiber 
content

Resin (%) Fibre (%)

1 42.60 57.05

2 40.60 59

3 41.06 58.55

Average 41.42 58.2
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13.1 � Introduction

Infrared thermography (IRT) is a methodology which allows for representation 
of an object surface temperature map due to the electromagnetic energy that is 
radiated by such an object in the infrared band. This represents a great potentiality 
to be exploited in a lot of application fields and for many different purposes. IRT 
is becoming ever more popular in the Material Science field since it is completely 
non-contact and it may accompany the entire life of a product, from material devel-
opment and product manufacture (on-line process control), to final product assess-
ment (non-destructive evaluation) and to in-service maintenance. Details can be 
found in some recent review papers and book chapters by the authors [1–6]; for an 
up-to-date overview, the reader is also addressed to the Proceedings of three main 
Conferences concerned with infrared thermography [7–9].

The attention of the present chapter is focused on the use of IRT in Non 
Destructive Testing (NDT) of composite materials and particularly to Carbon 
Fibres Reinforced Polymers (CFRP) used for the construction of aircraft.

Composite materials are being ever more extensively used in the aerospace 
industry since they offer several advantages over metals [10, 11] in terms of low 
weight and high strength. However, they are susceptible to delamination, which 
may arise either during manufacturing, or in service.

Delamination is often very light and difficult to be detected in non-destructive 
way, while its detrimental effects could lead to the component discharge with also 
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catastrophic consequences. Therefore, the availability of effective non-destructive 
testing techniques, able to detect delamination at an incipient stage, is a primary 
requirement for the reliable design of aerospace composite structures.

Within this context, infrared thermography is attractive since is non-contact, 
noninvasive and faster than many other inspection techniques. What is more, infrared 
thermography has proved its ability to deal with many  inspection requirements of 
composites. In fact, infrared thermography has proved usefulness in non-destructive 
testing of composites [2, 4, 5], but also for  online monitoring of the surface tem-
perature change (thermo-elastic/plastic effects) which is experienced by a body when 
subjected to volume and shape variations under load [12–16].

In particular, Meola and Carlomagno first [12] tackled with such  a task; 
specifically, by choosing an appropriate image sampling rate, they succeeded in 
appraising the material temperature changes, which are due to thermo-elastic/plas-
tic effects in composites under low-energy impact. Later, they supplied information 
on onset and propagation of impact damage in Glass Fibers Reinforced Polymers 
(GFRP) through the analysis of thermo-plastic effects [13]. Recently, they demon-
strated the important role played by manufacturing defects, like porosity and fibers 
misalignment, in the behavior of GFRP to impact load [14]. Within the behaviour 
of composites to impact, infrared thermography proved also suitability to estab-
lish the impact energy value for onset of material damage in CFRP; in particular, 
the temperature variation was in agreement with the acoustic emission recorded by 
piezo-patches [15].

Meola et  al. [16] were also able to visualize, with infrared thermography, 
thermo-elastic effects generated by bending in composites. In particular, they 
found a general agreement between the temperature changes and the bending 
moment, while observed deviation from such a distribution when defects, buried 
in the material, were present.

The attention of the present work is devoted only toward the use of infrared 
thermography as a non-destructive evaluation technique. Specifically, herein lock-
in thermography is used to find and quantify, in terms of size and depth, delamina-
tions in CFRP. This investigation was mainly performed within the involvement in 
the GARTEUR Action Group 32.

13.2 � Non-destructive Testing with IRT

Basically, two thermographic techniques can be used for non-destructive testing of 
materials: pulse thermography (PT) and lock-in thermography (LT). Actually, it is 
possible to find in literature mention to other techniques, but these are practically 
variants of PT and LT because they include either a different heating method, or 
different processing algorithms.

An example of combination of both PT and LT is the Pulse Phase 
Thermography (PPT) in which the specimen is pulse heated as in PT. However, 
the mix of frequencies of the thermal waves launched into the inspected specimen 
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is unscrambled by performing the Fourier transformation of the temperature evolu-
tion over the field of view. In PPT, data can be either presented as amplitude, or 
phase, images like in LT.

Within the present investigation, lock-in thermography has been considered to 
be the best choice so, in the following, only this technique will be described and 
applied.

13.2.1 � Basics on Lockin Thermography

The basic concept of lock-in thermography was first introduced by Carlomagno 
and Berardi [17] and later further investigated by other researchers [18–22], who 
much later acknowledged their work.

This technique can be accomplished in two different modes: stimulation with an 
halogen lamp, which is called optical lock-in thermography and abbreviated as LT, 
or OLT [some authors also call it modulated thermography (MT)], or stimulation 
with high-frequency elastic waves and is called ultrasound lock-in thermography 
(ULT).

In the LT, the thermographic system is coherently coupled to a stimulated ther-
mal wave source which is operated in such a way that a continuous temperature 
modulation on the inspected specimen surface results. The system collects a series 
of images and compares the modulated heating with the measured temperatures 
by extracting the sinusoidal wave pattern at each point of the image. By consid-
ering photo-thermal methods applied to the lock-in amplifier (which allows fil-
tering the stationary component), the harmonic heat delivered at the surface (i.e. 
z = 0) of a homogeneous and semi-infinite material results in a (time dependent) 
thermal wave, which propagates inside the material according to the following 
relationship: 

where T̃(z, t) is the periodic temperature component at depth z, t is time, η represents 
the absorbed fraction of the incident heat Qi, e is the material thermal effusivity, 
A(z) is the amplitude, φ (z) is the phase shift of the thermal wave travelling inside 
the material, μ is the thermal diffusion length which is calculated from the thermal 
diffusivity α and the wave frequency f = ω/2π:

The  wave thermal penetration depth p corresponds to 1.8μ [18–20]. The material 
thickness, which can be inspected, depends on the wave period (the longer the period, 
the deeper the penetration) and on the material properties (thermal conductivity coef-
ficient, heat capacity and  mass density). Generally, tests start at a quite high wave 
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frequency, at which only surface (or shallow) defects are visible and, later on, to 
inspect deeper layers, the frequency is decreased until the entire specimen thickness 
has been examined. Results may be presented as amplitude, or phase, images. The lat-
ter are not affected by variations of the surface emissivity and thermal stimulation; so 
they are generally preferred.

13.3 � Experimental Analysis

Different specimens were fabricated with inclusions of different size and at different 
location and depth. All specimens were inspected with lock-in thermography by heat-
ing and viewing with the infrared camera first one side and then the opposite one.

13.3.1 � Specimens Preparation

Specimens were fabricated according to two different stacking sequences which 
were respectively named as type A and type P. The stacking sequence for type A is 
[45/0/90/−45/+45/0/90/−45]S while for type P is [0, 90]4S. All the specimens were 
fabricated from RTM6 epoxy resin, reinforced with G1157 UD 6 k carbon fibres 
by the vacuum infusion process (VIP). In particular, according to this method, dry 
fibres are laid into the mould; then, vacuum is applied to drive in the resin through 
the reinforcement mat. More specifically, once complete vacuum is achieved, resin 
is literally sucked into the laminate via carefully placed tubing; for more informa-
tion about the specimens fabrication see Ref. [23] or Chap. 12 of this book.

Specimens belonging to the type A include one specimen A1 made of sound 
material and other two A2 and A3 with embedded delaminations. Each delamina-
tion was simulated by inserting a thin (s = 25 µm) Kapton® foil; a scheme of the 
specimens with the enclosed Kapton® foils is given in Fig. 13.1. As it can be seen, 
Kapton® inserts can be either shallow, or deep, depending on the side A, or B, from 
which the specimen is thermally stimulated  and viewed. In particular, measuring 
the depth from the side A, the Kapton® disk has been located at 0.75 mm for the 
specimen A2 and at 0.5 mm for the specimen A3.

The inserts were positioned relatively close to the surface because these speci-
mens were prepared to undergo mechanical tests finalized to investigate the delam-
ination buckling effects.

Three specimens, of type P, were manufactured with enclosed Kapton® inserts of 
two shapes, at different positions and depths as sketched in Fig. 13.2.

Each specimen of type P can be split in four sub-panels which can be either 
undamaged, or could enclose Kapton® inserts of different shapes (either circular, or 
elliptical), dimensions and depth locations.

In particular, specimens P1 and P2 (see Fig. 13.2a, b) are both characterized by an 
overall thickness of 4 mm and contain only one circular or elliptical insert per sub-
panel which can be located at 0.5 mm or 0.75 mm depths.

http://dx.doi.org/10.1007/978-3-319-04004-2_12
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The last specimen P3 (see Fig. 13.2c) is characterized by an overall thickness 
of 2 mm and contains sub-panels with overlapped concentric inserts of increasing 
diameter D from 30 mm up to 60 mm positioned at different depth (from 0.75 to 
0.25 mm). More details are specified in Table 13.1.

13.3.2 � Test Setup

All the specimens described in the previous section were non-destructively evalu-
ated with optical lock-in thermography. The specimen’s surface viewed by the IR 
camera was the same as the heating stimulated one. The test setup is sketched in 
Fig. 13.3.

The infrared camera is the ThermaCam SC3000 (FLIR Systems), which is 
equipped with a Stirling cooled Focal Plane Array (FPA) Quantum Well (QWIP) 
detector of 240 × 320 pixels working in the Long Wave infrared band 8–9 µm. 
The sensitivity is 20  mK at ambient temperature, allowing for the detection 
of small temperature variations over the specimen surface. The standard 
acquisition rate is 60 Hz full frame, but it can reach up to 900 Hz with a reduced 
field of view.

For non-destructive test purposes, the infrared camera was equipped with the 
IRLockIn 4 option and with halogen lamps. With the IRLockIn© software, it is 
possible to select the several measure parameters (heat modulation function, 
frequency and acquisition rate), as well as the image processing method (Fast 
Fourier, Harmonic Approximation, etc.) and the analysis parameters (number of 
images, first image in the sequence to be analysed, etc.).
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Fig. 13.1   Sketch of specimens type A with buried Kapton® insert



268 C. Meola and G.M. Carlomagno

150 mm 

30 mm 30 mm 

#D1#T1

a 

(a)

(b)

30 mm 

30

60
 m

m
 

#D1#T1 #D1#T1 

 0° (as X) 

90° (as Y) 

300 mm 

30mm

X 

Y #D1#T2 #D2#T1 

150 mm 

a 

30 mm 

#D1#T2 #D2#T1 
30mm 

60
 m

m
 

300 mm 

10
0 

m
m

 

30mm 

60
 m

m
 

X 

Y #D2#T2 #D2#T2 
30mm 

60
 m

m
 

10
0 

m
m

 

Fig.  13.2   Sketch of type P specimens a specimen P1 with Kapton® inserts at depth 
T1 = 0.5 mm and T2 = 0.75 mm, b specimen P2 with Kapton® inserts at depth T1 = 0.5 mm 
and T2 = 0.75 mm, and c specimen P3 with overlapped inserts of different diameter as detailed 
in Table 13.1
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For the tests presented in this chapter, a halogen lamp of 1,000 W was used, 
which was positioned at a distance such as to illuminate (heat up) the entire sur-
face almost uniformly.

13.4 � Results and Discussion

The tests were performed with LT using the test setup sketched in Fig. 13.3 and, 
in order to analyse the material conditions at different depths from the top surface 
through the entire specimen thickness, the heating modulation frequency was varied 
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Fig. 13.2   continued

Table 13.1   Insert details for 
specimen P3

Insert diameter (mm) Insert depth 
(mm)

D1 = 60 T3 = 0.25

D3 = 30 T4 = 0.5

D4 = 40 T5 = 0.75
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from 1.75 Hz down to 0.05 Hz. Every specimen was viewed by the infrared camera 
from both sides, each at a time.

Results are presented first as phase images for a qualitative quick analysis. In 
fact, a local variation of colour indicates a local variation of phase angle, which 
corresponds to a local variation of material properties [3]. Then, from phase 
images it is possible to immediately become aware of the presence of any anomaly 
in the material.

Then, the phase images were subjected to post-processing analysis to acquire 
quantitative information about the size and the depth of every discovered defect.

13.4.1 � Qualitative Analysis

The two phase images (one for the side A and the other for the side B) taken from 
the sound material specimen A1 are shown in Fig. 13.4a, b. At a first sight, the two 
images appear completely different.

In fact, the first phase image (side A) displays local variations of colour which 
correspond to variations in the phase angle distribution. It is worth noting that, 
even if it is possible to appreciate some variations in the phase angle distribution, 
this mainly indicates a non-uniform distribution of epoxy resin between the fibres. 
It is also possible to appraise the fibres orientation which in the external layer is at 
45° (North-West to South-East).

Conversely, the second image (Fig. 13.4b), which is relative to the side B, dis-
plays an almost uniform colour (uniform phase angle).

Such a difference between the two images is due to the different surface finish-
ing which is accounted for by the phase angle. More specifically, during fabrica-
tion, as described in Sect.  13.3.1, one side of the panel remains in contact with 
the flat mould, resulting in a flat surface finishing. The other side of the panel, 
being the mould open there, is modelled by the vacuum bag and assumes a quite 
rough aspect. The external surface may be either covered by an almost uniform 

Fig. 13.3   Test setup

Infrared
camera

Specimen 
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resin film, or characterized by zones with resin thickening and zones with lack 
of resin. In addition, any substance, which was likely used, during fabrication, to 
facilitate detachment of the specimen surfaces from either the mould walls, or the 
bag, affect the final characteristics of the specimen surfaces.

Phase images of the A2 and A3 specimens, which were taken at different 
heating frequencies and from both sides A and B, are reported in the following 
Figs. 13.5, 13.6, and 13.7.

As a main observation, all the images, taken from both A and B sides, dis-
play a small central, almost circular shaped, anomaly (indicated by an arrow in 
Fig. 13.5b) which seems to be present across the entire thickness of each speci-
men. This is not completely explicable and it may be ascribed to the fixture which 
was used during the specimen fabrication to help positioning of the Kapton® disk. 
Such an anomaly, indeed, is the most relevant thing observable on side B for all 
specimens coupled with a certain non-uniformity of colour (phase angle) to be 
ascribed to local variations of the amount of resin (see Fig. 13.6).

Fig. 13.4   Phase images of the specimen A1: a side A, and b side B

(a) (b)

Fig. 13.5   Phase images of the specimen A2 (T = 0.75 mm) taken from side A: a f = 0.75 Hz, 
and b f = 0.25 Hz
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From side A, in the specimen A2, the Kapton® disk appears just about distinguish-
able at the heating frequency f = 0.75 Hz (Fig. 13.5a) and becomes well outlined for 
f = 0.25 Hz (Fig. 13.5b). Instead, for the specimen A3, the Kapton® disk appears 
well outlined already at f =  0.85 Hz (Fig.  13.7a) due the different depth at which 
the insert is located. Indeed, the Kapton® disk is positioned at a depth of 0.75 and 
0.5 mm, respectively in the A2 and A3 specimen (see Fig. 13.1).

The most significant phase images, taken at different heating frequencies, of 
specimens type P are reported in the following Figs. 13.8, 13.9, and 13.10.

As shown in Fig.  13.2a, the specimen P1 includes three inserts all located at 
depth p = 0.5 mm and one at p = 0.75 mm. They become visible respectively at 
f = 1.2 Hz (Fig. 13.8a) and at f = 0.5 Hz (Fig. 13.8b). Decreasing the frequency to 
0.05 Hz (Fig. 13.8c) a non uniform distribution of color appears in the central-right 
side of the specimen accounting for local non uniformity of material characteris-
tics. This is likely to be ascribed to a non-uniform distribution of resin and fibres 
percentages. Probably, during infusion, a local stagnation of resin occurred, which 

Fig. 13.6   Phase images of the specimen A2 (T = 0.75 mm) taken from side B: a f = 0.25 Hz, 
and b f = 0.05 Hz

Fig. 13.7   Phase images of the specimen A3 (T = 0.5 mm): a side A, f = 0.85 Hz, and b side B, 
f = 0.05 Hz
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was also favoured by the presence of the Kapton® inserts. More specifically, such 
a resin stain is located deeper with respect to the Kapton® inserts, as can be stated 
owing to the values of the heating frequencies at which the inserts and the stain 
become visible. Then, the presence of the Kapton® disks probably affected the 
resin flow contribution to create resin reach areas during the infusion process.

The specimen P2 includes one insert at depth p  =  0.5  mm and three at 
p = 0.75 mm as shown in Fig. 13.2b. The more shallow one, analogously to the three 
inserts in the P1 specimen, becomes visible at f = 1.2 Hz (Fig. 13.9a), while the other 
three appear at f = 0.5 Hz (Fig. 13.9b). In Fig. 13.9b it is possible to see a dark stain 
on the bottom left close to the elliptic Kapton® insert. This indicates again a non-
uniform distribution of resin. However, in general, the specimen P2 is characterized 
by a more uniform distribution of phase angle with respect to the specimen P1.

The specimen P3 is characterized by a more complex distribution of inserts 
over two and three layers as sketched in Fig. 13.2c. For this specimen, frequen-
cies of 1.5, 0.5 and 0.25 Hz allow to detect, respectively, the inserts at 0.25 mm 
(Fig. 13.10a), at 0.5 mm (Fig. 13.10c) and at 0.75 mm (Fig. 13.10d).

The overlapped inserts appear well outlined for f  =  0.05  Hz (Fig.  13.10e). 
From all the taken phase images, no significant material variations were observed.

Fig. 13.8   Phase images of specimen P1: a f = 1.2 Hz, b f = 0.5 Hz, and c f = 0.05 Hz
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To better outline the three overlapped diskettes, some tests were repeated with 
a close-up view; more specifically, the distance of the infrared camera to the speci-
men surface was reduced to increase the spatial resolution.

In particular, a close view image of the half bottom of Fig. 13.10e is shown in 
Fig. 13.11; the different diskettes were contoured with a black circle to facilitate 
their visibility. It is possible to note that a certain eccentricity of the overlapped 
foils exists. This is obviously due to difficulties in the alignment of the inserts 
centres during fabrication. This may suggest the use of a tool, perhaps a pinhead, 
to maintain the foils aligned during the specimen fabrication.

13.4.2 � Quantitative Analysis

From the phase images it is possible to obtain quantitative information in terms of 
size and depth of the detected defects. The diameter is evaluated by knowing the 
spatial resolution (i.e. the pixel size) and by choosing a limiting phase angle differ-
ence value between sound and defective materials [3]. In particular, the diameter 
was measured along both horizontal and vertical directions which were then aver-
aged to get the final value DM. Such measured DM values were then normalized 
with respect to the nominal ones DN. The DM/DN ratios were plotted against the 
nominal values DN in Fig. 13.12.

As it can be seen, for inserts with smaller diameters, the highest ratios DM/DN 
values was obtained (DM/DN = 1.1). On the contrary, for all the larger inserts, the 
ratio DM/DN was found to be almost close to unity. Such a deviation is mainly due to 
difficulties in discriminating (camera spatial resolution) the interface of superimposed 
disks of the same material, which are characterized by the same phase angle [24].

The depth p of the inserts was calculated from Eq. 13.2 which can be rewritten as:

(13.3)p = 1.8µ = 1.8

√

α

π f

Fig. 13.9   Phase images of specimen P2: a f = 1.2 Hz, and b f = 0.5 Hz
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From Eq.  13.3, the depth is calculated by considering the value of the heating 
frequency f for which the defect becomes visible for the first time, or better when 
the reflection of the heating wave is caused by the defect top surface. Of course, 
the use of Eq. 13.3 requires the knowledge of the average (through the thickness) 
thermal diffusivity α. However, α can be evaluated by the lock-in technique itself  

Fig.  13.10   Phase images of specimen P3: a f  =  1.5  Hz, b f  =  0.75  Hz, c f  =  0.5  Hz, 
d f = 0.25 Hz, and e f = 0.05 Hz



276 C. Meola and G.M. Carlomagno

[25], or by flash thermography [26]. Here, α is measured with the lock-in itself and a 
value of α = 0.0045 cm2/s has been found for sound material (without inserts). The 
measured depth is named pM and is normalized with respect to the nominal one pN. 
The ratio pM/pN is plotted against the nominal depth pN in Fig. 13.13.

At a first look pM appears in general overestimated; to explain this, some con-
siderations should be made.

First, a large deviation of data is observed for low depth values. The reasons for 
such a deviation are due to the blurring effect at high heating frequencies which 
prevents from a correct discrimination of the embedded defects. As a consequence, 
discrimination of a defect is possible at a frequency value which is much lower 
than the theoretical one (Eq. 13.2).

Secondly, for multiple inserts (i.e., for an insert which is positioned underneath 
a bigger one) and concentric with it (Fig.  13.2c), the effective thermal diffusiv-
ity to be considered for depth calculation in Eq. 13.3 is a function of the thermal 

Fig. 13.12   Normalized 
measured diameter against 
the nominal one

Fig. 13.11   Close up view of the half bottom of Fig. 13.10e
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diffusivity of CFRP and that of the Kapton® foil [23]. Being the thermal diffusivity 
of the Kapton® foil much lower with respect to the one of the basic CFRP material, 
the observed depth overestimate the nominal ones.

Of course, it should be finally pointed out that the real insert position may differ 
from the nominal one due to the manufacturing process.

13.5 � Conclusions

The use of lock-in thermography to discover the presence of embedded delami-
nations within CFRP panels has been illustrated in this chapter. Several speci-
mens with very thin Kapton® inserts, enclosed to simulate delamination, has 
been inspected. As a general observation, by varying the heating frequency, all 
the embedded inserts were clearly detected and very well outlined also for critical 
configurations with superimposed inserts. In addition to the induced defects, it was 
also possible to appreciate imperfections due to manufacturing processes, such as 
a non uniform distribution of resin within the different material layers as well the 
eccentricity of some overlapped foils.

Besides the qualitative observations, also a quantitative data analysis was per-
formed involving determination of the inserts size and depth. With regard to the 
inserts size, a certain data deviation has been observed for the smaller superim-
posed diskettes due to difficulties in discriminating the disks borders  (camera 
spatial resolution). Whereas, in the measurement of the depth a large data devia-
tion is observed especially for the shallow inserts, due to a blurring effect at the 
higher heating frequencies and to the higher percentage errors in insert positioning.

The great advantage of lock-in thermography is the possibility to evaluate 
the conditions of a structure in remotely without any alteration of the part under 
inspection and without any risk for the personnel.

Fig. 13.13   Normalized 
measured depth against the 
nominal one
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